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PREFACE 


The  Eighth  DoD/NASA/FAA  Conference  on  Fibrous  Composites  in  Structural  Design  is 
one  of  a  series  of  conferences  jointly  sponsored  by  the  National  Aeronautics  and  Space 
Administration,  the  U.S.  Air  Force,  the  U.S.  Army,  the  U.S.  Navy  (Department  of  Defense), 
and  the  Federal  Aviation  Administration.  The  purpose  of  this  series  of  conferences  is  to 
convene  periodically  key  government  and  industry  research  and  design  engineers  to  present 
and  discuss  the  status,  problems,  and  requirements  in  the  technical  disciplines  related  to  the 
design  of  composite  structures.  This  series  of  conferences  provides  a  forum  for  the  scientific 
community  to  exchange  composite  structures  design  information  and  an  opportunity  to  observe 
recent  progress  in  composite  structures  design  and  technology. 

The  Eighth  DoD/NASA/FAA  Conference  on  Fibrous  Composites  in  Structural  Design  was 
held  in  Norfolk,  Virginia  during  November  28-30,  1989.  The  conference  consisted  of  42  pre¬ 
sentations  by  senior  managers  and  experts  in  the  field  of  composite  structures.  The  conference 
was  organized  into  six  sessions  that  emphasized  perspectives  in  composites  (one  session),  ap¬ 
plications  in  design  (one  session),  concepts  in  design  (one  session),  methodology  in  design 
(two  sessions),  and  reliability  in  design  (one  session).  This  publication  contains  the  papers  pre¬ 
sented  in  the  applications  in  design,  methodology  in  design,  and  reliability  in  design  sessions 
of  the  conference. 

Certain  materials  are  identified  in  this  publication  in  order  to  specify  adequately  which  mate¬ 
rials  were  used  in  the  structural  design  or  research  efforts.  In  no  case  does  such  identification 
imply  recommendation  or  endorsement  of  a  product  by  NASA,  DoD,  or  FAA,  nor  does  it  imply 
that  the  materials  are  necessarily  the  only  ones  or  the  best  ones  available  for  the  purpose.  In 
many  cases  equivalent  materials  are  available  and  would  probably  produce  equivalent  results. 

The  Conference  Organizing  Committee  would  like  to  take  this  opportunity  to  thank  all  the  au¬ 
thors  and  presenters  for  their  outstanding  contributions  to  the  conference  technical  program  as 
well  as  the  conference  attendees,  whose  contributions  to  the  conference  discussions  helped  to 
make  the  conference  a  successful  technology  exchange  forum  for  current  composite  structural 
design  issues. 
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PART  1 


Applications  in  Design 

Chairman:  Dan  Good 
Aviation  Applied  Technology  Directorate 
USAARTA  (AVSCOM) 


DESIGN,  EVALUATION  AND  EXPERIMENTAL  EFFORT  TOWARD 
DEVELOPMENT  OF  A  HIGH  STRAIN  COMPOSITE  WING 
FOR  NAVY  AIRCRAFT 

Joseph  Bruno 

Grumman  Aerospace  Corporation 
Bethpage,  NY 

Mark  Libeskind 
Naval  Air  Development  Center 
Warminster,  PA 


SUMMARY 

This  design  development  effort,  sponsored  by  the  Naval  Air  Development  Center, 
addressed  significant  technical  issues  concerning  the  use  and  benefits  of  high 
strain  composite  wing  structures  =  6000  micro-in/in)  for  future  Navy  aircraft. 

These  issues  were  concerned  primarily  with  the  structural  integrity  and  durability 
of  the  novel/innovative  design  concepts  and  manufacturing  techniques  which  permitted 
a  50  percent  increase  in  design  ultimate  strain  level  (while  maintaining  the  same 
fiber/resin  system)  as  well  as  damage  tolerance  and  survivability  requirements.  An 
extensive  test  effort  consisting  of  a  progressive  series  of  coupon  and  major  element 
tests  was  an  integral  part  of  this  development  effort,  and  culminated  in  the  design, 
fabrication  and  test  of  a  major  full-scale  wing  box  component.  The  successful 
completion  of  the  tests  demonstrated  the  structural  integrity,  durability  and 
benefits  of  the  design.  Low  energy  impact  testing  followed  by  fatigue  cycling 
verified  the  damage  tolerance  concepts  incorporated  within  the  structure.  Finally, 
live  fire  ballistic  testing  confirmed  the  survivability  of  the  design. 

The  potential  benefits  of  combining  newer/emerging  composite  materials  and  new 
or  previously  developed  high  strain  wing  design  to  maximize  structural  efficiency 
and  reduce  fabrication  costs,  was  the  subject  of  subsequent  preliminary  design  and 
experimental  evaluation  effort. 

INTRODUCTION 

Polymer  matrix  composite  (PMC)  materials  have  found  increasing  application  in 
the  aerospace  industry  because  of  their  high  strength  and  stiffness-to-weight  ratios 
and  potentially  lower  unit  costs.  While  weight  savings  on  the  order  of  15-30 
percent  have  been  realized  (on  a  component  basis)  in  first  generation  applications, 
PMC  structures  have  not  yet  met  their  full  potential  in  terms  of  weight  savings. 

This  has  been  due  in  part  to  conservatism  in  design  as  a  result  of  which  strain 
levels  have  been  suppressed  to  account  for  reduced  performance  under  hot/wet 
conditions  and  the  presence  of  notches  and/or  damage. 

This  paper  reviews  the  technology  that  can  lead  to  improved  composite  wing 
structures  and  associated  structural  efficiency  by  increasing  design  ultimate  strain 
levels  beyond  their  current  limit  of  3500-4000  micro-in/in  to  6000  micro-in/in, 
through  the  development  of  novel  and  innovative  design  concepts  and  manufacturing 
techniques,  while  maintaining  the  same  fiber/resin  system  and  without  sacrificing 
structural  integrity,  durability,  damage  tolerance,  survivability,  or  repairability. 
A  subsonic  patrol  multi-mission  aircraft  was  selected  as  the  baseline  for  this 
study. 
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Recently,  a  number  of  new  PMC  material  systems  with  improved  fibers  and 
toughened  resin  systems  have  been  introduced  by  material  suppliers.  Compared  to 
existing  composite  material  systems  used  on  operational  aircraft,  the  emerging 
new/improved  composite  fibers  offer  increased  strength,  stiffness,  and  higher 
strain-to-failure  in  the  presence  of  a  notch,  while  new  emerging  resin  systems  (both 
toughened  thermosets  and  engineered  thermoplastics)  have  increased  toughness  and 
improved  elevated  temperature /wet  retention  of  properties.  This  paper  also  covers 
the  potential  benefits  that  can  be  realized  through  the  combination  of 
newer/emerging  fiber  composite  materials  with  tougher  resin  systems  and  a  new  and/or 
previously  developed  high  strain  wing  design  in  terms  of  maximized  composite  wing 
structural  efficiency  and  reduced  production  costs. 

The  subject  design  evaluation  and  experimental  effort  provided  the  design  data 
base  and  "know-how"  needed  to  achieve  significant  improvement  in  structural 
efficiency  for  weight-critical  structures,  through  exploitation  of  the  maximum 
capability  of  existing  composite  materials  and  the  introduction  and  use  of  new  and 
improved  composite  materials. 

HIGH  STRAIN  WING  DESIGN  DEVELOPMENT 

The  planform  and  basic  geometry  for  a  Navy  subsonic  multi-mission  type  aircraft 
wing  baselined  for  this  effort  are  shown  in  Fig.  1.  The  wing  has  a  span  of 
approximately  44  ft  and  a  fold  span  of  16  ft,  and  is  sized  to  allow  installation  of 
a  conformal  radar  in  the  leading  and  trailing  edges.  The  thickness-to-chord  ratio 
(T/C)  is  14  percent  at  the  root  and  12  percent  at  the  tip  with  a  maximum  depth  of 
14.4  in.  at  the  centerline.  Fuel  is  carried  in  the  wing  box  center  section  from 
fold- joint  to  fold- joint.  Roll  control  in  conventional  flight  is  provided  by 
spoilers  mounted  off  the  rear  beam.  The  vehicle  performance  goals  indicated  a  need 
for  significant  structural  weight  reductions  over  the  state-of-the-art  (SOA)  level 
of  composite  structural  design  technology.  A  50  percent  increase  in  design  ultimate 
strain  level  “  6000  micro-in/in)  to  achieve  a  20  percent  weight  reduction  goal 

over  a  SOA  composite  wing  was  needed  in  part  to  achieve  the  vehicle  performance 
goals . 

Design  criteria  established  for  this  effort  are  presented  in  Fig.  2.  The 
environmental  conditions  were  established  based  upon  aircraft  operating 
temperatures,  mission  profiles  and  typical  deployment  areas.  Damage  tolerance 
requirements  are  similar  to  current  design  requirements,  i.e.,  ultimate  load 
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EFFECTS  CONSIDERED 

Fig.  2  High  Strain  Wing  Design  Criteria 
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capability  with  the  presence  of  low  energy  impact  damage  (LEID) . ^  Survivability 
considerations  reguired  the  structure  to  carry  limit  load  following  a  single  hit 
from  a  ballistic  projectile  and  to  tolerate  hydrodynamic  ram  effects  due  to  high 
energy  impact.  Supportability  requirements  dictated  that  one  cover  be  removable  for 
maintenance  and  repair.  This  requirement  eliminated  the  use  of  blind  or 
interference  type  fasteners  from  the  design.  In  addition,  removable  access  panels 
for  maintenance  of  internal  wing  systems  were  included  in  the  design.  Finally,  the 
wing  box  is  an  integral  fuel  containing  structure  and  was  therefore  designed  to 
withstand  maximum  fuel  pressures  encountered  during  refueling  or  flight  conditions. 

During  the  initial  phase  of  the  program,  numerous  design  concepts  and  structural 
configurations  with  the  capability  to  operate  at  significantly  higher  strain  levels 
were  generated  to  identify  the  maximum  weight  savings.  Design  studies  were 
performed  on  two  levels:  structural  arrangement  and  structural  component  geometry. 
Typical  variations  in  structural  arrangement  (the  quality  and  location  of  structural 
members)  included  both  multi-spar  and  multi-rib  designs  as  shown  in  Fig.  3.  Certain 
structural  geometries  (the  physical  shapes  and  proportions  of  structural  system 
elements)  are  more  efficient  than  others  for  a  particular  type  of  loading.  The 
various  structural  geometric  configurations  investigated  for  the  cover  and 
substructure  components  are  illustrated  in  Fig.  4  and  5.  The  optimum^ 
cross-sectional  area  (i.e.,  least  weight,  height/width/thickness  combination)  for 
each  structural  configuration  was  determined  so  that  the  various  geometric  shapes 
could  be  compared  on  a  common  basis. 

The  major  thrust  of  the  design  and  trade  study  effort,  however,  was  the 
definition  of  notch  strain  concentration  reduction  techniques  in  the  highly  strained 
0-deg.  Gr/Ep  plies.  Since  fastener  holes  are  the  most  common  form  of  notches  in  the 
composite  wing  design  (and  therefore  one  of  the  major  limitations  in  achieving 
increased  design  allowable  strains)  several  design  approaches  were  studied  to 
eliminate  the  notch  sensitivity  effects  of  the  fastener  holes  in  the  0-deg  Gr/Ep. 
These  techniques,  also  shown  in  Fig.  4  and  5,  include  the  utilization  of  compliant 
high  strain-to-failure  laminates  with  concentrated  and  unnotched  0-deg  plies;  use  of 
S-Gl/Ep  so'ftening  strips  to  locally  replace  highly  strained  0-deg  Gr/Ep  plies  in 
those  areas  affected  by  a  bolt  hole;  use  of  Kevler/epoxy  (K/Ep)  stitches  for 
cover-to-substructure  attachment  to  reduce  significantly  the  notch  concentration 
effect  over  that  of  a  standard  attachment  bolt;  integral  construction  techniques 
whereby  cover  and  stif fener/substructure  elements  are  integrally  cured  in  a  single 
autoclave  operation  eliminating  bolt  holes  and  their  associated  notch  concentration 
effects  entirely;  and  cover-to-substructure  attacliment  at  reduced  box  chordal  height 
where  strains  are  lower. 

The  configuration  selected  for  detail  development  was  a  multi-spar  wing 
consisting  of  five  spars  outboard  of  the  wingfold,  six  inboard,  and  15  ribs.  The 
basic  upper  and  lower  covers  are  compliant  high  strain-to-failure  Gr/Ep 
(AS1/3501-5A)  laminates  consisting  of  90  and  ±45-deg  plies  only.  The  required  axial 
load  carrying  0-deg  plies  are  concentrated  and  banded  in  discrete  caps  over  the  spar 
supports.  The  upper  cover  is  attached  to  the  substructure  with  mechanical  fasteners 
through  nut-plates,  which  satisfies  the  requirement  for  cover  removal  for 
maintenance  and  repair.  0-rings  are  used  under  the  heads  of  the  fasteners  in  the 
fuel  tank  area.  An  S-glass/epoxy  (S-Gl/Ep)  softening  strip  locally  replaces  the 
0-deg  Gr/Ep  plies  in  the  vicinity  of  the  discrete  cap  affected  by  the  fastener 
holes,  thereby  eliminating  the  resulting  strain  concentration  in  the  0-deg  Gr/Ep. _ 
The  lower  cover  is  integrally  co-cured  and  stitched  to  the  intermediate  spars,  which 
eliminates  mechanical  fasteners  and  associated  strain  concentrations  caused  by  the 
holes  to  accommodate  fastener  installation.  The  high  tensile  strength  K/Ep  stitches 
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Multi-Spar  Cover  Concepts 


»  PUIN  PANEL: 


PLAIN  PANEL 

(0®,  90®,  ±45®)  Gr/Ep 


INTEGRALLY  MOLDED 
SPAR  CAP 


(0®,  90®,  ±45®)  Gr/Ep 
PLAIN  PANEL  SKIN 


S-GLASS  STRIPS 


KEVLAR 

STITCHING 


(0®,  90®,  ±45®)  Gr/Ep 
PLAIN  PANEL  SKIN 


•  DISCRETE  CAP: 

0®  Gr/Ep  DISCRETE  CAP^  gp^p, 
90®,  ±45®  Gr/Ep  \  R 


S-GLASS  STRIPS 


INTEGRALLY  MOLDED 
i  SPAR  CAP  KEVLAR 

S-GLASS  STRIPS  \m  STITCHING 


Gr/Ep  DISCRETE  CAP 


REDUCED  CHORDAL 
HEIGHT  ATTACH. 
S-GLASS  STRIPS 
Gr/Ep  DISCRETE 


90®,  ±45®  Gr/Ep 


KEVLAR 

STITCHING 


LUMPED  SPAR  CAP: 


90®,  ±45®  Gr/Ep 


SPAR 

KEVLAR  STITCHING 

0®  -  Gr/Ep  LUMPED  SPAR  CAP 
INTEGRALLY  MOLDED  WITH  SPAR 


Multi-Rib  Stiffened  Cover  Concepts 

•  OPEN  SECTION  STIFFENER  ELEMENTS 

A  B  ^ 

DISCRETE  SKIN  CAP  DISCRETE  SKIN  CAP  COMPLIANT  SKIN  DISCRETE  SKIN  CAP 

_  _ _ I - ^ 


COMPLIANT 

SKIN 


DISCRETE  STIFFENER  CAP 
INTEGRAL  T  STIFFENER 


STIFFENER  INTEGRALLY 
MOLDED  WITH  SKIN 

_  discrete  STIFFENER 
CAP 


COMPLIANT  SKIN 

DISCRETE  STIFFENER 
CAP 


INTEGRAL  J  STIFFENER 


INTEGRAL  BLADE  STIFFENER 


•  CLOSED  SECTION  STIFFENER  ELEMENTS 


DISCRETE  SKIN  CAP 


DISCRETE  ' 
STIFFENER 
CAP 


R89-0547-071 


INTEGRAL  HAT-STIFFENER 


Fig.  4  Typical  Cover  &  Notch  Strain  Reduction  Concept  Trades 
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Spar  Concepts  (Multi-Spar  &  Multi-Rib  Designs) 


SINGLE  ELEMENT 

INTEGRALLY 


INTEGRALLY  STIFFENED  SPAR. 
STIFFENED  SPAR,  MULTIPLE  ELEMENTS  SINGLE  ELEMENT 


INTEGRALLY  STIFFENED  SPAR,  SINGLE  ELEMENT 


Rib  Concepts  (Stiffened  Cover  Types) 


ONE  PIECE  INTEGRALLY  MOLDED  RIB 
Cl  SKIN  STIFFENER 


RIB  CAP  -  INTEGRALLY 
MOLDED  WITH  UPPER 
SKIN 


Cl  SKIN  STIFFENER  /<Q> 

RIB  CAP  -  INTEGRALLY  \\  | 

MOLDED  WITH  UPPER 
SKIN 


RIB  WEB  WITH  INTEGRALLY 
MOLDED  STIFFENERS 


RIB  CAP  -  INTEGRALLY  MOLDED 
WITH  LOWER  SKIN 


THREE  PIECE  INTEGRALLY  MOLDED  RIB 


R89-0547-072 


[Ki^RIB  WITH  INTEGRALLY  MOLDED 
^  STIFFENERS  -  MECHANICALLY 

ATTACHED  TO  RIB  CAP 

TWO  PIECE  INTEGRALLY  MOLDED  RIB 

Fig.  5  Typical  Substructure  Configuration  Trades 
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incorporated  through  the  thickness  prior  to  cure  provide  reinforcement  for 
out-of-plane  loads.  To  reduce  the  strain  concentration  effect  caused  by  the 
stitching  operation  in  the  cover  and  spar  caps  the  0-deg  Gr/Ep  plies  are  locally 
replaced  by  S-Gl/Ep  softening  strips. 

Damage  tolerance  is  achieved  through  the  inherent  survivability  features  of  the 
high  strain  wing  multi-spar  design  which  provides  multiple  load  paths  around  damage, 
and  the  incorporation  of  crack-arrestment  strips  (to  each  side  of  the  discrete  caps) 
made  of  a  compliant  material  to  contain  damage  and  prevent  the  damage  from  growing 
to  catastrophic  failure  under  design  loads.  S-Gl/Ep  strips  were  selected  as  the. 
crack-arrestment  medium  because  of  their  high  strain-to-failure .  In  addition  K/Ep 
stitches  were  incorporated  through  the  crack-arrestment  strips  to  provide 
translaminar  reinforcement  to  arrest  delamination  growth  and  to  provide  a  controlled 
tear  path  in  the  basic  lightly  loaded  region  of  the  cover  for  hydrodynamic  ram 
survivability  requirements. 

An  extensive  design  development  and  verification  test  effort  has  been  an 
integral  part  of  this  development  program.  Design  development  testing  consisted  of 
over  140  coupons  and  32  major  elements  prior  to  final  design  of  a  full-scale 
wing  box  subcomponent.  The  development  test  objectives  were  to 

•  Derive  material  allowables  for  notched  high  strain  laminates  with  S-Gl/Ep 
softening  strips 

•  Correlate  and  confirm  the  adequacy  of  the  analytical  procedures  used  to 
define  and  analyze  the  design  concept 

•  Demonstrate  the  structural  integrity  of  critical  design  areas 

•  Demonstrate  the  ability  of  the  high  strain  wing  to  sustain  cyclic  loading 
consistent  with  the  aircraft's  design  life 

•  Demonstrate  the  effectiveness  of  the  stitched  S-Gl/Ep  crack-arrestment 
strips  for  LEID  and  battle  damage 

•  Establish  the  confidence  to  proceed  to  the  fabrication  and  test  of  the 
■full-scale  representative  subcomponent  aimed  at 

-  Verification  of  the  high  strain  wing  design  under  combined  loading 
and  fuel  pressure 

-  Demonstration  of  the  manufacturing  approach. 

The  coupon  and  element  tests  successfully  met  their  objectives  by  establishing  and 
confirming  the  design  criteria  utilized  in  satisfying  the  structural  requirements 
high  strain  structural  integrity,  durability,  damage  tolerance  and  survivability. 
More  details  of  the  development  test  data  relative  to  these  areas  are  presented  in 
the  following  section. 

SUBCOMPONENT  SELECTION  AND  DEFINITION 

To  demonstrate  the  features  and  structural  adequacy  of  the  design  on  a  larger 
scale,  a  section  of  the  wing  was  selected  to  be  represented  by  a  large  component 
test  article.  The  basic  criteria  used  to  identify  and  select  this  design 
verification  component  were  that  it  be  of  a  generic  nature  and  contain  a  broad  range 
of  structural  features.  In  addition,  it  should  be  subjected  to  a  complex  state  of 
loading  and  should  address  the  critical  design  areas  so  that  analytic  techniques  may 
be  verified  and  extended.  Finally,  the  selected  component  must  be  capable  of 
demonstrating  the  fabrication  techniques  applicable  to  full  scale  high  strain  wing 
production. 
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Using  these  criteria,  the  wing  center  section  was  selected  as  the  demonstration 
article  because  this  portion  of  the  wing  contains  the  highest  load  intensities  and 
strain  levels,  as  well  as  the  greatest  weight  savings.  It  also  contains  all  the 
major  design  areas  of  concern  generic  to  wings  for  a  future  Navy  multi-mission 
aircraft.  The  component,  shown  in  Fig.  6,  is  a  95-in.  long,  38-in.  wide  and  13-in. 
deep  three-cell  box  structure  consisting  of  two  intermediate  spars  integrally  molded 
and  stitched  to  the  lower  cover;  and  mechanically  attached  to  the  discrete  cap  upper 
cover.  The  front  and  rear  spars  are  mechanically  attached  to  both  the  upper  and 
lower  covers.  A  typical  access  door,  located  in  the  center  bay,  is  incorporated 
into  the  component's  upper  cover. 

Fabrication  of  the  subcomponent  consisted  of  12  major  composite  details  and 
numerous  metal  details.  All  metal  details  and  machine  parts  were  fabricated  at 
Grumman' s  Bethpage,  NY  facility.  Composite  details,  which  include  the  front  spar, 
rear  spar,  six  intermediate  spar  segments,  upper  cover,  lower  cover  and  two  BL12.0 
ribs  were  layed-up  and  cured  at  Grumman' s  Milledgeville,  GA  composite  fabrication 
facility.  Upon  completion  of  NDI  the  composite  details,  and  the  integrally 
co-cured/stitched  lower  cover  and  intermediate  spars  sub-assembly  were  shipped  to 
Bethpage  for  final  assembly  and  instrumentation.  Fuel  sealing  around  the  tank 
periphery  was  accomplished  by  injecting  a  flurosilicone  compound  into  a  wide  channel 
incorporated  in  the  flanges  of  the  substructure,  through  which  the  box  assembly 
hardware  passes.  0-r.ings  were  used  under  the  heads  of  the  box  assembly  hardware  at 
the  intermediate  spar  and  BL±12  rib  location. 


NADC  SUPPLIED  TEST 
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INSTRUMENTATION 

Prior  to  final  attachment  of  the  upper  cover  during  manufacturing,  strain  gages 
were  applied  to  internal  surfaces  of  the  box.  Wiring  from  internal  instrumentation 
was  routed  to  the  outside  of  the  box  through  a  bulkhead  fitting  installed  through 
the  rear  spar.  Following  completion  of  the  box  assembly,  external  gages  were 
applied  to  the  specimen.  A  total  of  42  axial,  10  shear  and  30  rosette  gages  were 
installed.  In  addition  to  the  strain  gages,  the  subcomponent  was  monitored  with  14 
deflection  transducers.  These  strain  and  deflection  measurements  permitted  the ^ 
confirmation  of  stress  analysis  predictions  and  were  used  as  a  means  of  monitoring 
the  specimen  during  test. 

Applied  mechanical  loads  were  measured  by  calibrated  load  cells  installed  in 
line  with  the  load  applying  hydraulic  cylinders.  Pressure  measurements  were 
monitored  via  a  pressure  gage  attached  to  the  subcomponent  at  one  of  the  two 
pressure  bulkhead  fittings. 

TEST  SET-UP 

The  subcomponent  was  tested  as  a  through  box  indicative  of  the  actual  aircraft. 
Load  introduction  simulating  actual  flight  conditions  was  accomplished  through 
non“test  structure  attached  to  both  ends  of  the  box  at  BL±49.  The  moment  connection 
was  accomplished  by  a  set  of  steel  plates  which  spliced  two  reinforced  steel  "I" 
beams  extending  from  BL49  to  BLlll.  Both  the  plate  and  beams  were  attached  to  the 
subcomponent  with  multiple  rows  of  fasteners  into  the  steel  transition  plates  on  the 
Gr/Ep  covers,  and  steel  angles  attached  to  the  spars.  Torsion  loads  were  applied  to 
a  1.5  in.  thick  steel  plate  extending  forward  and  aft  and  attached  at  BL49.  The 
subcomponent  was  attached  to  steel  fixture  frames  for  test,  with  four 
wing-to-fuselage  titanium  attachment  fittings  to  the  test  frames.  Reactions  at  the 
four  wing-to-fuselage  attachment  points  were  shear  only,  with  the  bending  moment 
carried  across  the  subcomponent.  Figure  7  is  a  photograph  of  the  subcomponent 
set-up  for  test.  All  loads  were  applied  through  self-aligning  bearings  to  eliminate 
out-of-plane  loading  due  to  specimen  deflections  and  fixed  actuator  locations. 

TEST  PROCEDURE 

The  sequence  of  structural  tests  performed  to  demonstrate  the  capability  of  the 
design  is  presented  in  Fig.  8.  Test  numbers  1  through  4  were  functional  runs  to 
check  out  the  test  specimen,  test  fixturing,  test  control  equipment  and 
instrumentation.  Test  number  5  demonstrated  the  ability  of  the  subcomponent  to 
withstand  static  application  of  the  critical  loads  to  114%  DLL.  Test  8  subjected 
the  specimen  to  two  lifetimes  of  combined  mechanical  and  internal  pressure  fatigue 
loading.  During  the  fatigue  test  the  internal  pressure  of  the  subcomponent  was 
maintained  at  a  constant  5,3  psig  which  is  equivalent  to  design  limit  pressure. 

Test  7  demonstrated  the  design  ultimate  strength  capability  of  the  component  by 
loading  the  specimen  to  150%  design  limit  load.  Tests  8  through  10  were  damage 
tolerance  tests  which  demonstrated  the  capability  of  the  design  to  sustain  low 
energy  impact  damage  and  continue  to  carry  the  required  design  loads. 

DESIGN  ULTIMATE  TEST 

Following  the  preliminary  pressurization  and  system  checkout  tests,  the  test  box 
was  incrementally  loaded  to  design  ultimate  load.  Strain  gage  and  deflection 
transducer  readings  were  recorded  at  each  load  increment  and  critical  readings  were 
compared  with  predictions  to  ensure  proper  loading  and  test  specimen  response. 
Nondestructive  inspection  performed  following  the  ultimate  load  test  did  not 
disclose  any  anomalies. 
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TEST 

NUMBER 

DESCRIPTION  OF  TESTS 

1 

MECHANICAL  LOADS  SURVEY  TO  50%  DLL 

2 

MECHANICAL  LOADS  SURVEY  TO  -25%  DLL 

3 

DESIGN  LIMIT  PRESSURE 

4 

COMBINED  MECHANICAL  LOADS  TO  50%  DLL  WITH  INTERNAL 

LIMIT  PRESSURE 

5 

COMBINED  MECHANICAL  LOAD  AND  PRESSURE  TEST  TO  114% 

DLL 

6 

TWO  LIFETIME  SPECTRUM  FATIGUE  TEST  WITH  INTERNAL  LIMIT 
PRESSURE 

7  I 

COMBINED  MECHANICAL  LOAD  AND  PRESSURE  TEST  TO  150% 

DLL 

8 

COMBINED  MECHANICAL  LOAD  AND  PRESSURE  TEST  TO  114% 

DLL 

9 

ONE  LIFETIME  SPECTRUM  FATIGUE  TEST 

10 

R89-0547-075 

MECHANICAL  LOAD  TEST  TO  1140/o  DLL 

Fig.  8  High  Strain  Wing  Subcomponent  Sequence  of  Tests 


DURABILITY  AND  DAMAGE  TOLERANCE  TESTS 

The  subcomponent  was  tested  to  the  equivalent  of  12,000  flight  hours  of  fatigue 
testing.  The  spectrum  used  for  this  testing  was  an  AV-8B_ flight  by  flight  spectrum 
which  consists  of  seven  flights  encompassing  a  total  of  six  flight  hours.  This 
seven  flight  sequence  was  repeated  2000  times  to  obtain  the  required  two  lifetimes 
of  testing.  As  can  be  seen  from  the  plot  of  the  load  peaks  of  this  spectrum  (Fig. 

9)  applied  loads  ranged  from  a  maximum  of  114%  DLL  to  a  minimum  of  -25%  DLL.  Strain 
surveys  at  the  maximum  spectrum  load  were  performed  every  1/4  lifetime,  and 
nondestructive  inspections  were  performed  every  1/2  lifetime.  No  anomalies  were 
detected  upon  evaluation  of  the  strain  data  nor  from  the  results  of  the  inspections. 

Upon  completion  of  the  fatigue  testing,  damage  tolerance  testing  was  performed 
to  demonstrate  the  capability  of  the  incorporated  design  features  to  arrest  ^ 
delamination  growth  under  combined  loading.  Specifically,  the  intent  of  this 
testing  was  to  show  that  the  Kevlar  stitching  provided  a  positive  boundary  at  which 
the  delamination  would  be  arrested.  An  instrumented  drop  tower  was  positioned  over 
the  specimen  and  used  to  impart  visible  low  energy  impact  damage  at  two  selected 
locations  on  the  component  upper  cover.  These  locations  were  mid-bay  (between 
spars)  and  thus  centered  between  the  rows  of  Kevlar  stitching.  Based  upon  previous 
survey  results,  40  ft-lb  was  the  energy  level  selected  for  use  in  producing  the 
desired  level  of  damage.  Figure  10  shows  the  delaminated  area  following  the  two_ 
drops  as  determined  by  ultrasonic  inspection.  As  shown  in  the  photograph,  the  first 
delamination  was  circular  and  did  not  reach  the  stitch  lines,  while  the  second 
delamination  extended  to  and  was  partially  arrested  by  the  stitch  line.  The 
component  was  then  fatigue  tested  for  one  additional  spectrum  life  in  an  attempt  to 
determine  whether  the  delaminations  would  propagate  and  be  arrested  by  the  stitch 
lines.  Following  this  cycling,  however,  ultrasonic  inspection  did  not  reveal  any 
growth  in  the  original  delaminated  area. 
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TIME  -  NO  SCALE 
Fig.  9  Fatigue  Spectrum 


-2 

1 

<  R89-0547-076 


Fig.  10  Subcomponent  Impact  Locations  Damage 


SURVIVABILITY  TEST 

Upon  completion  of  the  structural  testing,  the  component  was  removed  from  the 
test  fixture  and  shipped  to  the  Naval  Weapons  Center  (NWC)  for  ballistic  testing. 

The  intent  of  this  testing  was  to  demonstrate  the  survivability  of  the  design  to  the 
impact  of  30  mm'  high,  explosive  incendiary  (HEI)  rounds  and  the  accompanying 
hydraulic  ram  loading.  Three  concepts  were  incorporated  into  the  design  to  contain 
ballistic  damage.  These  concepts,  controlled  tear  paths  in  the  basic  cover  panels 
formed  through  the  use  of  Kevlar  stitching,  fiberglass  crack  arrestment  strips  and  a 
discrete  cap  configuration,  were  to  be  evaluated  through  this  testing. 

Although  the  wing  box  was  originally  designed  to  be  tested  in  four-point 
bending,  testing  facilities  and  fabrication  restrictions  at  NWC  reguired  that  the 
box  be  tested  as  a  cantilevered  beam.  The  box  was  mounted  in  a  test  fixture, 
clamped  at  one  end  and  loaded  at  the  other  end  with  load  applying  air  bags. 

Pressure  in  the  air  bags  was  increased  until  55%  DLL  was  obtained  at  the  fixed  end 
of  the  specimen.  The  30  mm  gun  mount  was  placed  on  the  ground  beneath  the  test  pad 
at  a  distance  of  25  feet  from  the  box.  Fluid  level  in  the  box  was  set  at  75%  full 
and  ullage  pressurization  was  set  at  the  design  limit  level  of  5.3  psig.  Figure  11 
is  a  photograph  of  the  test  set-up. 


Fig.  11  Subcomponent  Survivability  Test  Set-up  at  Naval  Weapons  Center 
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Upon  firing,  the  round  entered  the  cover  at  the  lower  aft  bay  and  1.25  inches  to 
the  left  of  the  box  centerline.  The  round  detonated  inside  the  box,  probably  while 
passing  through  the  aft  intermediate  spar.  Figure  12  is  a  photograph  of  the 
component  taken  approximately  3  milliseconds  after  impact  of  the  round. 

Post-test  examination  of  the  lower  cover  (Fig.  13)  revealed  ripping  along  the 
stitch  lines  crossing  into  the  right  bay.  The  aft  center  portion  of  the  lower  cover 
failed  along  the  chordwise  stitching  as  planned,  but  some  damage  did  extend  forward 
of  the  aft  bay.  As  seen  in  the  photograph  of  the  upper  cover.  Fig.  14,  almost  all 
of  the  visible  damage  is  confined  to  the  middle  and  aft  central  bays  with  failures 
along  both  the  stitch  lines  and  the  fastener  rows.  Damage  to  the  spars  and  ribs 
ranged  from  no  visible  damage  to  the  front  and  rear  spars  to  destruction  of  the 
intermediate  spars.  Damage  to  the  right  rib  was  not  apparent  and  damage  to  the  left 
rib  was  localized  to  the  lower  cap. 


Fig.  12  30-mm  HEI  3  Milliseconds  After  Impact 
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Fig.  13  Damaged  Lower  Cover 


In  summary,  although  extensive  skin  and  substructure  damage  was  incurred,  the 
structure  was  capable  of  supporting  the  applied  loading  both  during  and  after  the 
test.  The  lines  of  Kevlar  stitching,  although  inconsistent,  did  provide  tear  paths 
which  appeared  to  control  and  limit  the  damage  area.  Finally,  fiberglass  softening 
and  crack  arrestment  strips  increased  the  overall  bolted  joint  strength  enough  to 
permit  bolt  failure  in  tension,  rather  than  bolt  pull-through. 

TECHNICAL  ISSUES 

The  program  has  addressed  significant  technical  issues  affecting  the  use  of  high 
strain  advanced  composite  wing  structures.  These  issues  concerned  primarily 
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Fig.  14  Damaged  Upper  Cover 


structural  integrity  and  durability  of  a  high  strain  Gr/Ep  wing  and  ability  of  this 
type  of  structure  to  satisfy  vehicle  damage  tolerance  and  ballistic  survivability 
requirements.  The  feasibility  of  satisfying  these  requirements  while  achieving  a 
21.5  percent  weight  savings  over  a  standard  strain  wing  has  been  demonstrated. 


Coupon  test  results  were  used  to  provide  basic  materials  data  on  the  unique 
hybrid  configuration  and  to  provide  a  better  analysis  basis  for  the  design.  Coupon 
type  specimens  included  simple  tension  and  compression  specimens  with  loaded  holes 


to  develop  bearing/bypass  load  interaction  curves,  like  that  illustrated  in  Fig.  15, 
for  the  softened  laminate.  The  effectiveness  of  the  softening  strip  concept  is 
vividly  depicted  in  Fig.  15.  This  figure  illustrates  that  the  softening  strip 
approach  permitted  attainment  of  the  full  unnotched  strength  of  the  Gr/Ep,  and  that 
this  strain  level  can  be  sustained  at  design  bearing  stress  levels  in  excess  of  55 
ksi.  In  contrast,  the  all-Gr/Ep  laminates  were  capable  of  sustaining  slightly  more 
than  half  that  value  with  no  bolt  load,  and  displayed  a  pronounced  sensitivity  to 
increased  bearing  stress.  Coupon  tests  also  included  bolt-pull  through  and  integral 
cover-to-substructure  flatwise  tension  specimens .  Various  element  type  specimens 
representative  of  critical  areas  of  the  design  were  tested  to  ensure  the  structural 
integrity  of  the  design  concept  and  subcomponent .  Element  tests  performed  included 
combined  longitudinal  tension  and  flatwise  tension  beams  of  the  wing  integral  lower 
cover  and  spar  attachment;  spar  termination  elements  demonstrated  the  ability  of  the 
spar/rib  intersection  to  sustain  high  tension  and  compression  longitudinal  strains, 
access  hole  elements  verified  the  ability  of  the  upper  cover  to  sustain  high 
compressive  strains  in  the  presence  of  a  large  access  hole,  and  shear  elements _ 
demonstrated  the  shear /buckling  strength  of  the  covers  and  spars.  The  durability  of 
the  design  was  demonstrated  by  fatigue  testing  of  coupons  and  elements  in  excess  of 
two  lifetimes,  followed  by  a  residual  static  strength  test  to  failure  above  6000 
micro-in/in. 

To  demonstrate  that  the  high  strain  wing  design  concept /features  can  provide  the 
degree  of  damage  tolerance  and  survivability  previously  mentioned,  a  series  of 
elements  representative  of  the  high  strain  wing  covers  was  tested  to  verify  that 


0  SOFTENING  STRIP  LAMINATES  (22/4/18,  D  =  0.19,  W  =  1.2^  HSW  PROGRAM 
A  -  ALL  GRAPHITE  LAMINATES  (20/4/16,  D  =  0.25,  W  =  1.25)  ATW  PROGRAM 


BYPASS  STRAIN  (p  IN/IN) 

Fig.  15  Comparison  of  Softening  Strip  Laminates  &  All-Graphite  Laminates 
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LEID,  which  has  grown  to  a  significantly  larger  size  due  to  the  high  operating 
strain  level,  is  arrested  by  the  stitched  S-Gl/Ep  crack-arrestment  strips,  while 
damage  from  high  energy  impact  is  also  arrested  at  the  crack-arrestment  strips. 

Three  distinct  locations  of  the  wing  covers  were  of  particular  interest:  the  basic 
cover  between  spars,  the  discrete  cap  cover  spars,  and  near  the  edge  but  not  on  the 
discrete  cap/spar.  Tests  indicated  that  the  stitches  were  effective  in  stopping 
initial  delamination  growth  caused  by  impact.  Spectrum  fatigue  and  static  testing 
to  design  ultimate  levels  of  elements  containing  LEID  and  penetrations  (representa¬ 
tive  of  small  ballistic  threats)  produced  no  significant  propagation.  The  static 
testing  of  a  major  element  representing  a  three  cap/spar  segment  of  the  lower  cover, 
with  an  8-in.  dia .  hole  incorporated  through  the  center  cap  simulating  a  23  mm  hit, 
demonstrated  the  effectiveness  of  the  stitched  crack-arrestment  strips  in  arresting 
the  propagation  of  a  combined  crack/delamination  which  had  started  from  the  edge  of 
the  hole  at  a  strain  level  of  4200  micro-in/in  and  permitting  the  panel  to  sustain 
the  higher  load  in  the  fatigue  spectrum  (Pxx  -  4700  micro-in/in)  without  subsequent 
growth  or  catastrophic  failure.  A  single  cell  test  box  filled  with  JP-4  fuel, 
pressurized  to  5.3  psi  and  ballistically  impacted  with  a  5/8-in.  dia.  steel  ball  at 
4500  ft/sec  demonstrated  the  feasibility  of  the  lines  of  stitches  through  the  crack- 
arrestment  strips  to  provide  a  "controlled  tear  path,"  thereby  isolating/containing 
the  damage  resulting  from  the  hydrodynamic  ram  effects  on  one  basic  cover  bay. 

Finally,  the  subcomponent  provided  a  full  scale  demonstration  of  the  structural 
integrity  and  durability  of  the  most  critical  portion  of  the  wing  under  combined 
loading  and  fuel  pressure,  as  well  as  satisfaction  of  the  damage  tolerance  and 
survivability  requirements  of  the  baselined  vehicle. 

ADVANCED  WING  DESIGN  DEVELOPMENT 

Coincident  with  this  development  effort,  the  trend  toward  increased  structural 
efficiency  and  damage  tolerant  structures  has  emphasized  the  need  for  and  vigorous 
development  of  newer/emerging  composite  materials  consisting  of  improved  graphite 
fibers  in  combination  with  toughened  resin  systems.  Compared  with  composite 
material  systems  used  on  operational  aircraft  these  newer/emerging  graphite  fibers 
offer  increased  strength,  stiffness  and  strain-to-failure  in  the  presence  of  a 
notch.  New/emerging  resin  systems,  both  toughened  thermoset  and  engineered 
thermoplastic,  have  increased  toughness  and  improved  elevated  temperature /wet 
retention  of  properties.  The  potential  benefits  that  can  be  realized  through  the 
combination  of  these  newer/emerging  fibers  and  tougher  resin  systems  with  new  and/or 
previously  developed  high  strain  wing  designs  (to  maximize  structural  efficiency  and 
reduce  fabrication  costs  while  maintaining  to  the  greatest  extend  possible  the 
weight  savings,  durability,  damage  tolerance  and  survivability,  demonstrated  by  the 
high  strain  wing)  was  assessed  in  a  subsequent  design  and  experimental  evaluation 
effort  also  sponsored  by  NADC. 

Two  categories  of  new  and/or  improved  graphite  fibers  -  high  strain  (1.8  percent 
or  greater  elongation)  and  higher  modulus  (40  MSI  or  greater  with  at  least  1.5 
percent  elongation)  -  were  considered  in  conjunction  with  two  categories  of  resin 
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systems:  toughened  thermosets  and  "engineered"  thermoplastics.  A  total  of  28 
toughened  thermoset  and  nine  thermoplastic  material  systems,  summarized  in  matrix 
format  in  Fig.  16  and  17,  have  been  evaluated  for  screening  purposes.  Grumman' s 
extensive  data  base  and  material  supplier  data  were  used,  in  part,  to  perform  the 
screening.  In  addition,  industry  standardized  coupon  tests  were  performed  to  obtain 
sufficient  data  where  lacking,  and  to  characterize  the  candidate  material  systems  to 
allow  comparison  on  a  common  basis.  Standardized  coupon  tests  consisted  of 
unidirectional  tension,  compression,  horizontal  shear,  and  double  cantilever  beam 
(DCB)  .  DCB  tests  measured  critical  Mode  I  interlaminar  fracture  toughness 
which  provided  a  timely  experimental  indication  of  the  relative  damage  tolerance  of 
the  numerous  material  systems.  Coupons  consisting  of  a  6/2/8  laminate  (number  of 
plies  in  the  0/90/±45-deg  orientations)  were  tested  in  compression  to  correlate 
0“deg  compressive  layer  strength  with  the  unidirectional  test  results.  Five 
replicates  of  each  specimen  type  were  tested  to  determine  a  coefficient  of  variation 
and  evaluate  material  properties  variability,  thereby  providing  a  better  indication 
of  average  material  properties.  Four  toughened  thermoset  (IM8/8551-7A, 

G40-800/F584,  HITEX  46/E7T1-2  and  T800/F3900)  and  two  thermoplastic  material  systems 
(IM7/APC-II  and  T650-42/RADEL-X)  exhibited  an  overall  balanced  improvement  in 
mechanical  properties  and  were  selected  for  characterization  testing  and_ further 
consideration  for  the  preliminary  design  and  trade  study  effort.  In  addition,  the 
IM8/8551-7A  material  system  had  the  highest  compression  after  impact  (CAI)  strength, 
G40-800/F584  exhibited  excellent  handling  characteristics  and  was  considered  one  of 
the  best  systems  for  adaptability  to  automated  processing  techniques  deemed 
essential  to  achieving  high  strain  wing  structures  with  lower  production,  and  both 
the  HITEX-46/E7T1-2  and  T800/F3900  exhibited  high  compression  strength/stiffness 
with  good  CAI  strength.  ,/■ 

Material  characterization  testing  consisted  of  a  series  of  simple  tension  and 
compression  unnotched  specimens  and  notched  specimens  with  filled  and  loaded  holes 
to  determine  the  notch  sensitivity  of  the  material,  develop  allowable  bearing/ 
passing  load  interaction  envelope  curves,  and  establish  a  data  base  of  design  values 
for  use  during  the  advanced  wing  preliminary  design  and  trade  study  effort .  Based 
on  the  comparative  coupon  test  results  it  was  concluded  generally  that  these 
newer/emerging  composite  materials  provided  advantages  that  could  increase 
structural  performance  of  future  Navy  aircraft  wing  primary  structures. _ 
Specifically,  compression  after  impact  strength  was  increased  by  approximately  100 
percent,  notched  tensile  strength  was  improved  approximately  50  percent,  and  notched 
design  ultimate  strain  levels  in  excess  of  6000  micro-in/in  for  tension-dominated 
structures  were  developed  without  the  use  of  S-Gl/Ep  softening  strips.  Notched 
compression  failure  strains,  however,  were  comparable  to  non-toughened  Gr/Ep 
materials  (without  S-Gl/Ep  softening  strips)  used  on  current  operational  aircraft. 

Preliminary  design  and  trade  studies  performed  were  aimed  at  identifying  the 
optimum  balance  between  maximum  structural  efficiency  and  low  fabrication  cost  by 
combining  the  most  promising  candidate  material  systems  with  design  concepts  that 
permit  maximum  translation  of  their  unique  properties  to  achieving  the  50  percent _ 
increase  in  design  ultimate  strain  level  without  the  use  of  S-Gl/Ep  softening  strips 
and  crack-arrestment  strips,  while  maintaining  to  the  greatest  extent  possible  the 
weight  savings,  durability,  damage  tolerance  and  survivability  of  the  original  high 
strain  wing  design. 

Two  categories  of  design  concepts  emphasizing  both  material  and  configuration 
orientation  concepts  were  generated.  The  first  category,  materials  oriented 
concepts,  relied  ostensibly  on  improved  material  properties  to  achieve  program 
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Fig,  16  Toughened  Thermoset  Prepregs 
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Fig.  17  Engineered  thermoplastic  Prepregs 


objectives.  Using  a  metals-like  approach  the  application  of  the  optimum  material 
system  to  a  specific  component  was  based  on  matching  the  superior/unique  material 
properties  with  critical  design  requirements/parameters  of  that  component  in  order 
to  satisfy  them  in  an  optimum  manner.  For  example,  a  material  system  with  high^ 
tensile  strength/stiffness,  strain-to-failure  in  the  presence  of  a  notch,  and  high 
through-the-thickness  toughness  was  considered  for  application  to  the  tension  cover, 
while  a  material  system  with  high  compression  strength/stiffness,  strain-to-failure 
in  the  presence  of  a  notch,  and  high  fracture  toughness  against  delamination  was 
more  desirable  for  application  to  the  compression  coyer. _  This  category  of  concepts 
permitted  maximum  design  flexibility  at  minimum  fabrication  cost  by  permitting 
mechanical  attachments  through  regions  of  the  covers  containing  high  concentrations 
of  0-deg  Gr/Ep  plies  without  the  need  for  S-Gl/Ep  softening  strips  or  other  strain 
concentration  reduction  techniques  (in  the  0-deg  Gr/Ep) .  Concepts  investigated 
under  the  second  category,  configuration  oriented  concepts,  did  not  rely  as  heavily 
on  improved  material  properties  to  achieve  their  goal.  Concepts  in  this  category 
emphasized  compliant  high  strain-to-failure  laminates  and  other  softening  techniques 
at  substructure  attacliment  areas,  thereby  minimizing  strain  concentration  effects 
due  to  notches  and  isolating  high  concentrations  of  unnotched  0-deg.  plies.  Here 
again,  the  use  of  S-Gl/Ep  softening  strips  and  crack-arrestment  strips  was^ 
eliminated  to  simplify  the  design  and  reduce  fabrication  costs.  The  material  and 
configuration  oriented  concepts  investigated  are  illustrated  in  Fig.  18  and  19, 
respectively. 

MATERIAL/DESIGN  TEST  EVALUATION 

Material/design  validation  testing,  an  integral  part  of  this  design  and 
experimental  effort,  also  addressed  technical  issues  concerning  structural 
integrity,  durability,  damage  tolerance  and  survivability  of  the  selected  material 
system/ design  concept  combination.  The  capability  of  the  material/design  concept  to 
achieve  the  degree  of  durability,  damage  tolerance  and  survivability  exhibited  by 
the  original  high  strain  wing,  was  experimentally  evaluated  through  a  series  of 
point  design  oriented  major  element  representative  of  the  compression  critical  upper 
cover. 

The  durability/damage  tolerance  element  is  a  three  cap  cover  segment,  made  of 
sufficient  size  to  permit  the  independent  experimental  evaluation  of  LEID  in  three 
separate  and  distinct  areas  of  the  cover  element  in  one  test:  directly  over  the 
discrete  cap/spar  support,  the  basic  cover  between  spar  supports,  adjacent  to  but 
not  over  the  discrete  cap/spar  support.  The  specimens  were  subjected  both  to  static 
and  cyclic  loading  to  demonstrate  the  capability  of  the  combined  material 
toughness /design  concept  to  prevent  the  delamination  damage  from  growing  to 
catastrophic  proportions  under  the  high  working  strain  level. 

The  survivability  specimens  being  set  up  for  test  at  the  time  of  writing  are 
identical  to  the  durability/damage  tolerance  specimens  tested  under  the  previous 
high  strain  wing  program.  They  will  be  ballistically  impacted  in  the  center  cap 
with  a  23  mm  HEI  round  while  the  specimen  is  loaded  in  tension  to  approximately  55% 
of  DLL  (2500  micro-in/in) .  A  series  of  smaller  single  bay  cover  specimens 
ballistically  impacted  with  a  23  mm  HEI  round  while  mounted  to  a  tank  test  fixture 
filled  with  water  demonstrated  the  ability  of  toughened  material/design  concepts  to 
isolate/contain  the  damage  from  the  hydrodynamic  ram  effects  to  one  basic  cover 
panel  leaving  the  discrete  cover  and  spar  cap  with  their  axial  load  carrying 
material  intact. 
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Materials  Oriented  Concepts 

Advantages 

Disadvantages 

Spread  zero  upper  cover  (with  “Y” 
intermediate  spars) 

/upper^'X^ 

^  cover  ^ 

•  Least  cover  fab  cost 

•  Very  efficient  comp  cover 
when  combined  with  Y  spar 

•  Easily  repaired 

•  Good  battle  damage  tolerance 
due  to  multiple  load  paths 

•  Max  rows  of  fasteners  -  assy 
cost  impact 

•  High  strain  concentration  - 
fasteners  through  laminate 
with  high  %  of  0-deg  plies 

•  Damage  tolerance  totally 
material  dependent 

•  Excessive  S/S  shear  carrying 
material 

Spread  zero  upper  cover  with 
integral  “1”  stiffner 

II  t  1 

•  Minimizes  number  of  spars 

•  Reduced  assembly  costs 

•  Good  battle  damage  tolerance 
due  to  multiple  load  paths 

•  High  strain  concentrations  - 
fasteners  through  laminate 
with  high  %  of  0-deg  plies 

•  Damage  tolerance  totally 
material  dependent 

•  Difficult  to  repair 

TVT  H” 

LI-  i-w^  ^  . 

Discrete  cap  upper  cover 

■1  '  I  i  1  ^ _ , 

t  Panel  |jXl  *- 1  Pad  ||T 

•  Most  efficient  comp  cover 
design  for  multi-spar 
configuration 

•  Min  number  of  substructure 
attachments 

•  Excellent  damage  tolerance 
due  to  multiple  load  paths  & 
compliant  laminates 

•  Increased  laminate  tailoring 

•  High  strain  concentration 
factor  -  fasteners  through 
laminate  with  high  %  0-deg 
plies 

•  Difficult  to  repair 

Configuration  Oriented  Concepts 

Advantages 

Disadvantages 

Isolated  spread  zero 

t  Compliant 

\  l  \  1  1 

•  Efficient  comp  cover  when 
combined  with  Y  spar 

•  Min  strain-concentration 
factor-fasteners  through 
compiiant  laminate 

•  Good  battle  damage 
tolerance-multiple  load  paths 

•  Increased  cover  laminate 
tailoring-manuf  cost  impact 

•  Max  number  of  substructure 
attachment  fasteners  -  assy 
cost  impact 

•  Excessive  substructure  shear 
carrying  material 

'ISp''  . . 

Isolated  spread  zero  w/integral  “1” 
stiffener 
t  Compliant 

t  1  1  \  .  L 

•  Minimizes  number  of  spars 

•  Good  overali  damage 
toierance  due  to  multiple  load 
paths  &  compliant  laminates 

•  Min  strain  concentration 
factor-fasteners  through 
compliant  laminate 

•  Not  most  efficient  comp  Cover 

•  Difficult  to  repair 

•  High  cover  complexity  due  to 
laminate  tailoring  &  integrally 
molded  stiffener 

Fig.  18  Upper  Cover  Structural  Configurations 
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Materials  Oriented  Concepts 

Advantages 

Disadvantages 

Spread  zero  lower  cover 

-  Tee  &  angle  spar  support 

Jl  IL 

•  Least  cover  fab  cost 

•  Very  efficient  comp  cover 
when  combined  with  Y  spar 

•  Easily  repaired 

•  Good  battle  damage  tolerance 
to  multiple  load  paths 

•  Max  rows  of  fasteners  -  assy 
cost  impact 

•  High  strain  concentration  - 
fasteners  through  laminate 
with  high  %  of  0-deg  plies 

•  Damage  tolerance  totally 
material  dependent 

•  Excessive  S/S  shear  carrying 
material 

■  'll  i  I 

Lower  cover  with 
stiffener 

r— 

A  ^ 

integral  “I” 

"h 

ICT"  A 

•  Minimizes  number  of  spars 

•  Reduced  assembly  costs 

•  Good  battle  damage  tolerance 
due  to  multiple  load  paths 

•  High  strain  concentrations  - 
fasteners  through  laminate 
with  high  percent  of  0-deg 
plies 

•  Damage  tolerance  totally 
material  dependent 

•  Difficult  to  repair 

IT - Ti 

Discrete  cap  low 

2  in. 

,  tiu 

t  Panel '-*M  l_ 
Wmax 

er  cover 

iiii 

J  A  Pad  '  ' 

•  Most  effficient  comp  cover 
design  for  multi-spar 
configuration 

•  Min  number  of  substructure 
attachments 

•  Excellent  damage  tolerance 
due  to  multiple  load  paths  & 
compliant  laminates 

•  Increased  laminate  tailoring 

•  High  strain  concentration 
factor-fasteners  through 
laminate  with  high  %  0-deg 
plies 

•  Difficult  to  repair 

Configuration  Oriented  Concepts 

Advantages 

Disadvantages 

Discrete  cap  lower  cover 
(un-notched  zeros) 

II,  l|  '  'll 

t  Compliant 

•  Efficient  comp  cover  when 
combined  with  Y  spar 

•  Min  strain-concentration 
factor-fasteners  through 
compliant  laminate 

•  Good  battle  damage  tolerance 
-  multiple  load  paths 

•  Increased  cover  laminate 
tailoring  -  manuf  cost  impact 

•  Max  number  of  substructure 
attachment  fasteners  -  assy 
cost  impact 

•  Excessive  substructure  shear 
carrying  material 

Discrete  cap  lower  cover  w/integral 
“I”  stiffener  (un-notched  zeros) 

Jj'll  A  ifg. 

•  Minimizes  number  of  spars 

•  Good  overall  damage 
tolerance  due  to  multiple  load 
paths  &  compliant  laminates 

•  Min  strain  concentration 
factor-fasteners  through 
compiiant  laminate 

•  Not  most  efficient  comp  cover 

•  Difficult  to  repair 

•  High  cover  complexity  due  to 
laminate  tailoring  &  integrally 
molded  stiffener 

I  I  'I 

R89-0547-0e6 

Fig.  19  Lower  Cover  Structural  Configurations 
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CONCLUSIONS 

Conclusions  reached  as  a  result  of  the  described  efforts  have  been  encouraging 
and  have  met  overall  project  objectives. 

Specifically,  the  incorporation  of  composite  design  improvements  to  achieve  high 
strains  at  design  ultimate  load  resulted  in  a  wing  structure  that  is 

•  Lighter  than  composite  baseline 

-  Multi-spar  design:  22% 

-  Multi-rib  design:  30% 

•  Lower  in  cost  than  composite  baseline 

-  10%  via:  Reduced  laminate  ply  count,  reduced  part  count  (integral 

construction),  with  fewer  fasteners,  holes  and  less  assembly 
time 

•  Durable /damage  tolerant 

K-Ep  stitches  through  S-Gl/Ep  crack-arrestment  strips  were  effective 
in  stopping  initial  delamination  growth  resulting  from  impact 
-  Major  wing  cover  elements  and  wing  box  subcomponent  sustained  cyclic 
loading  consistent  with  twice  the  airframe  design  life  and  ultimate 
load  with  impact  damage 

•  Survivable 

Incorporation  of  S-Gl/Ep  crack-arrestment  strips  within  the  Gr/Ep 
laminate  can  blunt  the  growth  of  a  through  crack 

High  strain  design  concepts  and  features  can  sustain  a  30-mm  HEI 
ballistic  penetration  while  carrying  design  limit  load 
K/Ep  stitches  through  the  crack-arrestment  strips  were  effective  in 
isolating  and  containing  damage  resulting  from  hydrodynamic  ram 
effects . 

Newer/emerging  composite  materials  appear  to  provide  improvements  that  can  be 
utilized  on  high  strain  wing  structures  for  future  Navy  aircraft  in  order  to 
reduce  fabrication  cost  and  increase  structural  efficiency  and  supportability 

•  Toughened  thermoset  and  thermoplastic  material  systems  provided  almost 
100  percent  increase  in  compression  after  impact  strength 

•  Notched  static  tensile  strengths  were  improved  by  approximately  50 
percent 

•  Developed  design  ultimate  strain  levels  in  excess  of  6000  micro-in/in  for 
notched  tension  dominated  structures  without  use  of  S-Gl/Ep  softening 
strips 

•  Developed  design  ultimate  strain  levels  notched  for  compression  dominated 
structures  (without  softening  strips)  were  comparable  to  current 
non-toughened  Gr/Ep  materials.  However,  the  increased  stiffness  of  the 
newer  .intermediate  modulus  fibers  provides  increased  load  carrying 
capability  which  also  can  be  translated  into  increased  structural 
efficiency  and  weight  savings,  without  increase  in  design  ultimate  strain 
level . 
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COMPOSITE  STRUCTURAL  ARMOR  FOR  COMBAT  VEHICLE  APPLICATIONS 


Wm.  E.  Haskell  III,  A.  L.  Alesi,  and  G.  R.  Parsons 
Composites  Development  Branch 
Army  Materials  Technology  Laboratory 
Watertown,  MA 


INTRODUCTION 

MTL  has  worked  on  several  projects  that  have  demonstrated 
the  advantages  of  using  thick  composite  armor  technology  for 
structural  applications  in  armored  combat  vehicles.  The  first 
involved  composite  cargo  doors  for  the  Marine  Corps  LVTP-7 
amphibious  landing  vehicle  (1).  Another  was  a  demonstration 
composite  turret  that  offered  a  weight  reduction  of  15.5%  (2). 

The  advantages  of  this  composite  armor  compared  to  metallic 
armors  used  for  combat  vehicle  hull  and  turret  applications  are 

*  Reduced  weight  at  equal  ballistic  protection 

*  Reduced  back  armor  spall 

*  Excellent  corrosion  resistance 

*  Reduced  production  costs  by  parts  consolidation 

*  Inherent  thermal  and  acoustic  insulative  properties 

Based  on  the  encouraging  results  of  these  past  programs,  MTL 
started  the  Demonstration  Composite  Hull  Program  in  September 
1986  (3).  To  demonstrate  this  composite  armor  technology,  MTL 
selected  the  Army’s  newest  infantry  fighting  vehicle,  the  Bradley 
Fighting  Vehicle  ( BFV )  ,  as  a  model.  A  composite  infantry  fight¬ 
ing  vehicle,  designated  the  CIFV  for  this  program,  has  been 
designed  and  fabricated  and  is  currently  undergoing  a  6000  mile 
field  endurance  test.  The  CIFV  demonstration  vehicle  uses  the 
BFV  engine,  transmission,  suspension,  track  and  other  equipment. 
This  MTL  program  involves  a  major  contract  with  FMC  Corporation, 
Advanced  Systems  Center,  Santa  Clara,  CA.  The  FMC  Corporate 
Technology  Center  ( CTC )  ,  Santa  Clara,  CA  was  responsible  for  the 
fabrication  of  the  composite  hull  sections  and  bottom  plate. 


SELECTED  HULL  DESIGN 

During  the  design  development  work,  five  proposed  hull 
concepts  were  developed  by  the  contractor  and  presented  to  MTL 
for  review.  The  hull  structures  had  to  meet  the  structural  and 
ballistic  performance  requirements  of  the  BFV  M2A1  plus  the 
additional  dynamic  loads  associated  with  an  advanced  threat  armor 
package.  This  armor  package  would  add  from  30  to  75  psf  addi¬ 
tional  weight  to  various  areas  of  the  vehicle.  The  thick  compos- 
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ite  armor  does  offer  significant  weight  advantages  when  compared 
to  aluminum  but  does  have  an  elastic  modulus  which  is  approxi¬ 
mately  one  third  that  of  aluminum.  Because  of  this  fact,  the 
composite  hull  utilizes  a  unique  design  to  achieve  adequate 
rigidity. 

Figure  1.  shows  the  concept  selected  for  fabrication  in  the 
second  phase  of  the  contract  and  includes  the  armor  package 
configuration  designed  to  resist  the  required  M2A1  ballistic 
threats.  This  concept  with  attached  ceramic  and  expanded  metal 
armor  offers  a  weight  reduction  of  25/4  compared  to  the  M2A1 
aluminum  hull  structure  with  steel  armor.  Figure  2.  shows  an 
exploded  view  of  the  hull.  The  hull  is  composed  of  a  composite 
left  and  right  hull  sections,  a  composite  bottom  plate,  an 
aluminum  structural  turret  shroud,  and  an  aluminum  chassis.  The 
aluminum  components  could  conceivably  be  made  from  composite 
materials,  for  example,  hybrid  reinforcements  of  carbon,  aramid 
and  glass  fibers  in  an  epoxy  resin.  That  accomplishment  would 
not  be  essential  to  this  demonstration  and  would  incur  additional 
time  and  cost  to  the  program.  The  structural  turret  shroud 
performs  two  important  functions.  First,  it  adds  considerable 
torsional  rigidity  to  the  hull  and  compensates  for  the  composite 
low-er  elastic  modulus.  Second,  it  takes  the  w’eight  of  the  turret 
off  the  hull  roof  and  transmits  the  static  and  dynamic  lo.ads  down 
into  the  hull  chassis.  The  chassis  provides  metallic  attachment 
points  for  the  engine,  transmission,  and  siispension  and  also 
contributes  to  hull  torsional  rigidity.  Figure  3  shows  the  ply 
count  in  the  different  areas  of  the  hull  sidewalls. 


MATERIALS  CHARACTERIZATION 

Experience  gained  on  the  MTL  Composite  Turret  Program  show’ed 
that  laying  up  the  wet  S-2  glass/polyester  system  was  difficult. 
It  was  t'ound  more  desirable  to  use  a  dry  preimpregnated  S-2  woven 
roving  fabric  (prepreg).  By  keeping  tight  controls  on  the 
percentage  of  resin  applied  to  the  fabric,  more  consistent  and 
predictable  laminate  quality  can  be  attained.  Four  prepreg 
suppliers  competed  in  a  screening  process  in  which  their  prepreg 
systems  w'ere  molded  into  a  complex  shape.  Based  on  criteria  such 
as  ballistic  performance  (20mm  FSP ) ,  flammability  characteris¬ 
tics,  processibil ity ,  physical  properties  and  cost,  the  American 
Cyanamid  CYCOM  4102/S-2  glass  prepreg  system  was  selected. 

Mechanical  and  physical  property  characterization  of  four 
ply  laminates  having  0/90  orientation  is  conducted  as  a  quality 
control  method  for  screening  the  incoming  prepreg  (4).  Property 
requirements  are  listed  in  Table  1.  The  properties  for  laminates 
subjected  to  simulated  climactic  conditioning  are  listed  in  Table 
2.  The  climactic  condition  having  the  most  adverse  effect  on  the 
properties  of  a  composite  vehicle  would  be  a  hot/wet  environment. 
The  specimens  were  totally  immersed  in  110  degree  F  water  until 
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their  weight  gain  approached  equilibrium.  Equilibrium  was 
reached  after  15  days  for  most  of  the  specimens.  Figure  4  plots 
specimen  weight  gain  versus  immersion  time.  The  ply  orientation 
of  all  of  the  specimens,  except  the  through-thickness  •.’specimens, 
was  0/90/+45/-45/-4 5/+45/90/0 .  The  through-t hie kness  specimens 
w^ere  machined  from  44  ply  ballistic  panels  which  had  a  balanced 
0/90/+45/-45  ply  orientation. 

Rough  terrain  operation  of  armored  combat  vehicles  imposes 
severe  long-term  dynamic  loading  conditions.  The  fatigue  behav¬ 
ior  of  the  composite,  primarily  in  bending,  had  to  be  character¬ 
ized  in  order  to  design  a  safe  and  durable  composite  hull  struc¬ 
ture.  The  contractor  designed  and  fabricated  a  flexural  fatigue 
testing  machine  that  evaluated  the  composite  under  displacement 
control  conditions.  The  equipment  could  monitor  the  load  re¬ 
quired  to  induce  the  desired  deflection. for  a  three  point  loading 
test  configuration.  This  test  fixture  was  designed  to  fit  into 
an  environmental  chamber  and  the  tests  were  run  at  110  degrees  F 
and  100%  relative  humidity.  The  flexural  fatigue  test  fixture  is 
shown  in  Figure  5.  Each  test  involved  cycling  the  specimens 
through  a  maximum  and  minimum  deflection  which  induced  strain 
amplitudes  from  approximately  26  to  80%  of  the  ultimate  flexural 
strain.  For  each  strain  amplitude  the  number  of  cycles  was 
determined  when  the  resisting  load  dropped  to  70%  of  the  initial 
load.  The  results  of  this  testing  in  graphical  form  are  dis¬ 
played  in  Figure  6. 


COMPOSITE  HULL  PROCESS  DEVELOPMENT 

The  first  full  size  hull  molding  try  was  conducted  in  August 
1988  and  was  successful.  This  left  side  hull  section,  being 
lifted  from  the  tool,  is  shown  in  Figvire  7.  The  quality  of  the 
section  was  excellent  as  indicated  by  the  smooth  surfaceand  had  no 
apparent  wrinkling  of  the  fabric  in  corners.  After  machining, 
the  cut  edges  indicated  a  sound  laminate.  The  right  side  section 
was  molded  using  the  same  process  procedures  and  is  shown  in 
Figure  8.  The  success  of  the  moldings  can  be  attributed  to  the 
information  gained  from  process  development  work  early  in  the 
program.  Nine  process  development  lay-uptrials  were  conducted  on 
two  different  tools  prior  to  the  lay-up  on  the  full  size  hull 
tools. 

The  first  tool  used  for  process  development  was  the  3  foot 
materials  screening  tool  which  is  pictured  in  Figure  9.  This 
tool  was  later  modified  by  adding  a  36  inch  vertical  extension 
which  simulated  the  hull  roof  section.  The  primary  finding 
during  work  with  this  tool  was  that  the  prepreg  on  the  v'ertical 
surface  would  slowly  slide  downward  during  lay-up  causing  severe 
wrinkling  in  the  corners.  A  method  was  developed  that  held  the 
prepreg  to  the  tool  wall. 

The  second  tool  molded  an  11  foot  process  development 
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specimen  pictured  in  Figure  10.  The  most 

development  information  gained  during  the  use  of  this  tool  ^as 
in  identifving  the  optimum  bagging  technique  which  would  yield 
the  best  pkrt  quality.  The  selected  bagging  sequence  is  shown  in 
Figure  11.  The  proper  vacuum  bagging  of  heat  cured  laminates  is 
important  in  removing  excess  resin  and  volatiles.  The  S-2  glass 
prepreg  is  produced  with  extra  resin  to  permit  flow  and  consequent 
reduction  of  voids;'  2  to  4%  of  resin  must  removed  during  cure 

to  vield  a  final  resin  content  of  approximately  3^/o  by  weight  . 

Two*^  important  changes  made  were  replacing  the  10 

cloth  bleeder  previously  used  with  high  elongation  bleeder  felt 
and  the  use  of  high  elongation  barrier  release  films. 
changes  allowed  better  consolidation  of  the  prepreg  into  the 
tight  radii  of  the  mold. 

The  curing  of  polyester  resin  involves  cross-linking  through 
a  condensation  reaction.  The  cure  cycle  is  started  by  bringing 
the  curing  oven,  tool  and  lay-up  to  a  temperature  of  loO  degrees 
F,  then  raising  the  oven  temperature  to  170  degrees  F.  Once  the 
cure  reaction  begins,  the  heat  of  reaction  generation  rate  must 
be  carefullv  controlled  when  curing  large  thick  laminates.  it 
the  exotherm  is  not  controlled,  very  high  internal  laminate 
temperatures  can  be  generated.  This  may  result  in  blisters  an 
unbonded  areas.  Due  to  varying  structural  and  ballistic^require- 
ments,  the  hull  segments  have  regions  varying  from  ....  to  6a 
plies.  The  exothermic  temperature  reached  at  the  mid-point  ot 
the  69  ply  region  will  be  higher  than  at  the  thinner  regions. 
Because  of  this,  the  cure  cycle  developed  for  the  hull  sections 
is  based  on  the  exotherm  of  the  69  ply  regions.  The  cure  ^jcle 
used  for  the  hull  sections  is  shown  graphically  m  Figure  l.-. 
Notice  that  the  oven  temperature  is  held  at  170  degrees  un^i 
the  peak  exotherm  reaches  its  maximum  of  230  degrees  F  and  then 
starts  to  subside.  At  that  point  the  oven  temperature  is  in¬ 
creased  to  250  degrees  F  for  the  final  post  cure. 


QUALITY  ASSURANCE 

A  preliminary  quality  assurance  plan  has  been  developed  by 
the  contractor  based  on  molding  experience  gained  on  the  smaller 
tools  (5).  Quality  assurance  includes  inspection  of  the 
reinforcement,  the  resin  system,  and  of  the  prepreg.  .^^ese 
requirements  have  been  incorporated  into  a  government  ^^pecitic 
tion  MrL-L-46197 ( MR ) .  The  plan  includes  storage  requirements  tor 
the  prepreg  to  assure  that  its  physical  property  characteristics 
are  maintained  during  its  prescribed  shelf  life. 

The  fabrication  method  of  these  structures  must  follow 
prescribed  processing  procedures  to  assure  that  mechanical  an 
Lllistic  propertv  requirements  are  met.  Lay-up  records  must  be 
kept  to  aLure  kat  ply  number  and  orientation  are  correct 
Vacuum  bagging  and  cure  procedures  are  described  in  detail.  The 
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manufacturing  process  procedures  used  to  make  the  full  size 
sections  have  been  documented  and  will  be  updated  during  this 
program  ( 6 ) . 

The  quality  assurance  plan  further  requires  that  the  cured 
composite  sections  be  subjected  to  a  variety  of  inspection 
techniques  including  mechanical  testing  of  tag  end  specimens  and 
non-destructive  evaluation  ( NDE ) .  Radiography  and  ultrasonic 
testing  methods  are  currently  being  explored  and  the  methods  that 
prove  most  reliable,  as  well  as  economical,  will  be  incorporated 
into  future  quality  assurance  plans  for  this  application.  A 
one-sided  pulse/echo  ultrasonic  technique  appears  promising. 
Automatic  scanning  by  low  frequency  (0.5  MHz)  transducer  with  a 
water  squirter  coupling  of  the  left  hull  section  indicated  only 
random  porosity  (7).  The  feasibility  of  a  radiographic  technique 
has  been  demonstrated  by  an  MTL  Phase  I  SBIR  contract  (8).  The 
glass  fraction  of  the  composite  can  be  determined  from  gamma 
radiation  backscatter.  A  hand  held  testing  unit  that  requires 
access  to  only  one  side  is  being  built  during  Phase  II. 


COMPOSITE  HULL  ASSEMBLY 

The  left  and  right  sections  were  machined  using  a  conven¬ 
tional  portable  air-driven  saw,  router,  and  drill.  Diamond 
coated  blades  and  bits  were  used  due  to  the  abrasive  nature  of 
the  high  glass  content  laminates.  The  composite  hull  assembly 
with  ceramic  and  expanded  metal  armor  was  estimated  to  offer  a 
27%  weight  reduction  over  the  BFV  M2A1 .  The  aluminum  hull  with 
steel  armor  and  spall  liner  would  weigh  12,310  pounds  while  the 
CIFV  with  ceramic  and  expanded  metal  armor  is  estimated  to  weigh 
8900  pounds.  Throughout  the  fabrication  of  the  composite  and 
metallic  components,  items  have  been  weighed  for  comparison  to 
predicted  results.  The  machined  left-hand  hull  section  was 
predicted  to  weigh  1884  lbs  and  had  an  actual  weight  of  1897  lbs. 
The  two  composite  aft  plates  were  predicted  to  weigh  84  lbs; 
actual  weight  is  80  lbs.  The  aluminum  chassis  was  predicted  to 
weigh  1846  lbs  and  has  an  actual  weight  of  1920  lbs.  These 
differences  in  actual  weights  of  fabricated  components  translates 
to  a  25%  weight  savings  over  the  BFV  M2A1  aluminum  hull  assembly 
with  steel  armor.  Figure  13  shows  the  high  quality  of  straight 
and  curved  machined  edges  of  the  laminate  achieved  with  these 
hand  held  air  driven  tools.  The  fitup  of  the  left  and  right  hull 
sections  to  the  aluminum  chassis  was  excellent.  The  roof  lines 
came  within  about  l/16th  of  an  inch  to  each  other.  The  clamped 
assembly  is  shown  in  Figure  14.  This  close  fitup  can  be 
attributed  to  the  process  development  work  completed  prior  to 
fabricating  the  full  size  tools.  Part  distortion  caused  during 
the  cooldown  of  the  complex  composite  sections  was  accurately 
predicted  from  the  two  smaller  tools.  This  distortion  was 
accounted  for  in  the  design  of  the  large  tools.  The  flatness  of 
the  molded  hull  sections  is  evident  by  sighting  down  the  compos- 
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ite  hull  sidewall  in  the  direction  as  viewed  in  Figure  15. 

As  shown  previously  in  Figure  2,  the  CIFV  is  fitted  with  a 
composite  bottom  plate.  The  composite  laminate  offers  superior 
blast  resistance  compared  to  equal  areal  density  aluminum  (9). 
This  composite  bottom  plate  was  laid  up  and  cured  on  a  simple 
flat  aluminum  tool.  The  composite  bottom  plate,  ready  for 
attachment  to  the  aluminum  chassis,  is  shown  in  Figure  16.  A 
special  ceramic  filled  epoxy  coating  will  be  applied  to  the 
underside  of  the  bottom  plate  and  the  horizontal  and  vertical 
sponsons  and  evaluated  for  abrasion  resistance  during  the  field 
test . 


OUTFITTING  AND  FIELD  TESTING 

Figure  17  shows  the  assembled  CIFV"  hull  ready  for  outfitting 
with  components  made  available  by  the  BF\"S-PMO.  After 
installation  of  the  powertrain  and  suspension  system,  a  metal 
M2A1  turret  was  installed  on  the  vehicle.  Initial  shakedown  of 
the  CIFV  was  conducted  at  the  FMC  test  facility  at  San  Jose,  CA. 
Figure  18  shows  the  left  side  of  the  vehicle  on  which  ceramic 
armor  tile  is  bonded  to  meet  the  required  ballistic  threat 
requirements.  Figure  ,19  shows  the  right  side  of  the  \’ehicle  from 
which  the  tile  was  left  off  to  allow  attachment  of  field  test 
instrumentation.  Prior  to  starting  the  field  test,  21,000  pounds 
of  ballast  were  added  to  the  vehicle  to  bring  the  total  weight  up 
to  60,000  pounds.  The  purpose  of  this  ballast  is  to  simulate  the 
weight  and  loadings  that  an  uparmoring  package  would  place  on  the 
hull  structure.  The  vehicle  has  completed  approximately  1000 
miles  of  field  testing  without  problems  related  to  the  composite 
hull  structure.  The  total  6000  mile  test  is  planned  to  be 
completed  by  March  1990  followed  by  distribution  of  the  Phase  II 
technical  report. 


PHASE  III  -  HEAVY  COMPOSITE  HULL 

The  final  phase  of  the  contract  will  involve  the  design, 
fabrication  and  structural  evaluation  of  a  composite  hull 
for  a  heavy  armored  combat  vehicle  in  the  55  ton  weight  range. 
The  design  and  application  of  composites  to  a  heavy  armored 
vehicle  hull  will  probably  be  structurally  driven,  unlike  the 
CIFV  design  which  was  ballistically  driven.  The  majority  of 
ballistic  protection  could  be  provided  by  modular  armor.  This 
final  phase  will  start  early  in  1990  with  a  period  of  performance 
of  twenty-four  (24)  months. 
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TABLE  1 . 


* 

LAMINATE  PHYSICAL  AND  MECHANICAL  PROPERT_I_M- 


Res i n  Content  ( ASTM  D2  584  ) 

32  +  3 

%  by  wt 

Density  (ASTM  D792 ) 

1.84  -  1 

.98  g/cc 

Tensile  Strength  (ASTM  D638 ) 

72.0  ksi 

Tensile  Modulus  (ASTM  D638) 

2.7  ms  i 

Flexural  Strength  (ASTM  D790) 

40.0  ksi 

Flexural  Modulus  (ASTM  D790) 

3.0  ms i 

Compressive  Strength  ( ASTM  D695 ) 

18.0  ksi 

Short  Beam  Shear  (ASTM  2344) 

2.5  ksi 

Glass  Transition  Temperature  (ASTM  D4065  ) 

320' 

F  ( min  ) 

*  Results  based  on  four  ply  laminates  having  0/90  orientation. 
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TABLE  2. 


MECHANICAL  PROPERTIES  OF  CONDITIONED  SPECIMENS 


Tensile  Properties  (ASTM  D3039 ) 


Tensile  Strength 


43.8  +  1.6  ksi 


Tensile  Modulus 


2.87  +  .17  msi 


Flexural  Strength  (ASTM  D790 ) 


Flexural  Strength 


35.0  +  4.8  ksi 


Flexural  Modulus 


3.59  +  .23  msi 


Compressive  Properties  (ASTM  D3410 


Compressive  Strength 


16.0  +  2.1  ksi 


Compressive  Modulus 


2.12  +  .45  msi 


Through-Thickness  Compressive  Properties  (ASTM  D695 ) 


T-T  Compressive  Strength 


67.7  +  8.8  ksi 


T-T  Compressive  Modulus 


710  +  62.0  ksi 


Inplane  Shear  Properties  (ASTM  D4255) 


Shear  Strength 


9.24  +  .16  ksi 


Shear  Modulus  -  Compression 


567  +  150  ksi 


Shear  Modulus  -  Tension 


303  +  61  ksi 


Short  Beam  Shear  Strength  (ASTM  D2344 ) 


Shear  Strength 


2.19  +  .37  ksi 


Bearing  Strength  (ASTM  D953 


Fastener  Torque 


Maximum  Bearing  Stress 


0  in-lbs 
36  in-lbs 
72  in-lbs 


33.4  +  2.1  ksi 
45.2  +  1.3  ksi 

50.4  +  2.2  ksi 
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Figure  3.  Wall-Ply  Count 


DAYS  &  100%  RELATIVE  HUMIDITY 


Figure  4.  Weight  Gain  Versus  Immersion  Time 
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CYCLES  TO  FAILURE  (N) 

NOTES; 

1. 24  oz/yd  ^  Woven  Roving  S2  Qass/Polyester  Resin 

2.  Displacement  Controlled  3-Pojnt  Flexural  Fatigue  with  Displacement  Ratio  of  -1 .0  at  3  Hz. 


3. 8-Ply  Laminate  [0^.90*'^  45]s 

b 

4.  Cun/e  represents  data  fitted  to  the  power  function  interpolation  method,  y  »  a  X 

Figure  6.  Flexural  Fatigue  Results 
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Figure  9.  Prepreg  Screening  Tool 


Figure  10.  Eleven  Foot  Process  Development  Specimen 
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Figure  12.  Cure  Cycle 
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Figure  15.  End  View,  CIFV 


Figure  16.  Composite  Bottom  Plate 


APPLICATIONS  OF  COMPOSITES  TO  ARMAMENTS 


D.  W.  Oplinger 

Army  Materials  Technology  Laboratory 
Watertown  MA,  02172 


ABSTRACT 

The  US  Army  Materials  Technology  Laboratory  (MTL)  has  been  engaged  in 
investigating  the  feasibility  of  applying  composite  materials  to  the 
lightening  of  artillery  structural  components  since  about  1982.  In 
this  period  a  number  of  efforts  have  been  carried  out  either  in-house 
at  MTL  or  by  supporting  organizations,  including  Benet  Laboratory  and 
the  Oak  Ridge  National  Laboratory,  aimed  at  investigating  applications 
to  various  components  of  towed  artillery.  This  paper  will  describe 
salient  features  of  these  efforts  and  some  important  conclusions  that 
have  come  out  of  them.  In  addition  to  organic  matrix  composites, 
discontinuously  reinforced  metal  matrix  composites  appear  to  have 
great  potential  for  weight  reduction  in  this  type  of  application. 

INTRODUCTION 

The  Army  interest  in  composites  is  wide-ranging  in  scope,  as  illus¬ 
trated  in  Table  1  which  is  a  summary  of  Army  programs  described  at  a 
recent  mechanics  meeting  [1]  . 

It  can  be  seen,  in  particular,  that  the  composites  activities  at  the 
US  Army  Materials  Technology  Laboratory  (MTL)  place  a  major  emphasis 
on  technology  demonstration  activities  in  which  a  variety  of  potential 
applications  are  pursued  by  development  of  representative  subsystems 
or  components.  In  addition  to  the  subject  of  this  particular  paper, 
that  of  another  paper  to  be  presented  at  this  meeting  [2]  is  a  case  in 
point.  It  should  be  noted  that,  as  illustrated  in  these  examples, 
applications  of  interest  for  ground-based  Army  operations  form  the 
major  thrust  of  the  MTL  program. 

For  the  last  twenty  or  so  years,  MTL  has  repeatedly  pursued  a  strategy 
of  selecting  previously  unexplored  areas  for  investigating  applica¬ 
tions  of  composite  materials  so  as  to  establish  a  level  of  technology 
which  was  sufficient  for  demonstrating  the  payoffs  that  existed  in 
these  areas.  In  addition,  the  MTL  efforts  were  aimed  at  showing  that 
such  payoffs  could  be  successfully  realized  by  applying  viable _ compos¬ 
ites  technology  for  their  exploitation.  By  default,  these  application 
efforts  have  been  most  frequently  directed  at  non-flight  Army  hard¬ 
ware,  since  flight  applications  have  been  vigorously  pursued  in  other 
quarters,  while,  except  for  weapon  applications,  little  effort  has 
been  expended  on  the  non-flight  applications  outside  of  those  in  which 
MTL  has  been  engaged. 
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TABLE  1 

ARMY  APPLICATIONS  OF  COMPOSITE  MATERIALS 


AVIATION  SYSTEMS  CX3MMAND(  AVSCOM ) /FT  EUSTIS /LANGLEY 

•  HELICOPTER  AIR  FRAMES  (ACAP)  •  BALLISTIC  SURVIVAL 

•  ROTOR  BLADES  •  IMPACT  DAMAGE 

•  POWER  SHAFTING  •  IMPROVED  STRUCTURAL 

CONCEPTS 


ARMY  RESEARCH  OFFICE  (ARO) 

•  ROTOR  BLADES  •  POWER  SHAFTING 

•  HELICOPTER  AIRFRAMES  •  ROBOTICS 

•  "INTELLIGENT"  STRUCTURES  •  IMPACT  DAMAGE  CONTROL 

FOR  VIBRATION  CONTROL 

-IMBEDDED  TRANSDUCERS 
"  SHAPE  MEMORY 

DEVICES 

-ELECTRORHEOLOGICAL  •  IMPROVED  MANUFACTURING 

DEVICES  METHODS 

•  CONSTITUTIVE  RELATIONS  •  FAILURE 


BALLISTIC  RESEARCH  LABORATORY  (BRL) 

•  3D  CONSTITUTIVE  RELATIONS  •  WEAPON  APPLICATIONS 

•  ARMOR 


BENET  WEAPONS  LABORATORY 

•  COMPOSITE  GUN  TUBE  REINFORCEMENT 

•  EM  GUN  APPLICATIONS 

•  APPLICATIONS  TO  GUN  FABRICATION  --  REINFORCED  PLATING 

ELECTRODES 

•  BRAIDING  TECHNOLOGY 

•  PERIPHERAL  DEVICES  FOR  WEAPONS  —  COMPOSITE  BORE 

EVACUATOR 

•  FILAMENT  WINDING  SOFTWARE  DEVELOPMENT 


MISSILE  CGMIAND  (MICOM) 

•  MISSILE  COMPONENTS  •  MECHANICAL  CHARACTERIZATION 

METHODS  FOR  FILAMENT  WOUND 
COMPONENTS 

•  LAUNCHERS /LAUNCH  TUBES 

•  MATERIAL  CHARACTERIZATION 

•  ROCKET  MOTOR  CASINGS  FOR  FILAMENT  WINDING 


MATERIALS  TBCBN0L06Y  LABCO^TCXtY  (MTL) 

•  THICK  COMPOSITE  HULLS  •  MECHANICS  OF  COMPOSITES, 

FOR  ARMORED  VEHICLES  BOLTED  &  BONDED  JOINTS 

•  TOW  BARS  FOR  HEAVY  VEHICLE  •  MIL-HDBK-l? 

BATTELFIELD  RECOVERY 

•  LIGHTENED  ARTILLERY  •  FABRICATION/PROCESSING  R&D 


•  SHELTERS 


•  NDE 


In  the  present  paper,  one  such  application,  that  of  structural  compo¬ 
nents  for  artillery,  will  be  described.  The  MTL  program  on  lightened 
components  for  towed  artillery  illustrates  the  various  phases  that 
such  an  effort  may  encounter. 

This  paper  can  be  considered  to  be  a  summing  up  of  what  has  been 
accomplished  to  date  regarding  the  applications  of  composites  to 
artillery.  Important  issues  which  were  brought  to  light  by  the  present 
effort  will  be  clarified  here. 

THE  MTL  LIGHTWEIGHT  HOWITZER  PROGRAM 


BACKGROUND 

Since  early  in  1982,  MTL  has  been  investigating  the  application  of 
composite  materials  to  towed  artillery  for  weight  reduction.  Fig.  1 
illustrates  the  primary  motivation  which  has  driven  Army  support  of 
the  Lightweight  Howitzer  project,  that  of  reducing  the  weight  of  155mm 
towed  artillery  so  as  to  allow  this  level  of  firepower  to  become 
available  to  units  of  the  Army  which  do  not  normally  have  access  to 
helicopters  having  adequate  lifting  capability  for  dealing  with  such 
weapons  as  they  are  currently  fielded.  The  existing  situation  is 
represented  by  the  M198  155mm  towed  howitzer  which  weighs  slightly 
under  16,000  lbs.  and  requires  either  a  CH  47  or,  in  the  case  of  the 
Marines,  a  CH  53,  for  air  transport.  Light  Divisions  of  the  Army 
normally  have  access  to  helicopters  such  as  the  Blackhawk  with  a 
worst-case  (hot-day,  high  altitude)  lift  load  of  less  than  5000  lb, 
and  therefore  are  not  able  to  deliver  the  M198  to  battlefield  loca¬ 
tions  of  interest.  Early  in  the  Lightweight  Howitzer  program  it  was 
envisioned  that  some  aircraft  such  as  an  upgraded  version  of  the 
Blackhawk  would  become  available  which  could  manage  to  provide  trans¬ 
portation  capability  for  loads  on  the  order  of  9000  lbs,  and  this  was 
the  original  target  weight  of  the  overall  Army  Lightweight  Howitzer 
effort. 

It  was  assumed  that  composite  materials  would  have  a  significant  role 
in  providing  a  lightened  155mm  weapon  to  meet  this  need.  Accordingly, 
MTL  undertook  a  component  development  effort  in  which  various  compo¬ 
nents  of  typical  towed  howitzer  systems  were  examined  for  weight 
reduction  potential  obtained  from  replacing  metals  by  composites. 

It  should  be  understood  that  there  is  a  broader  objective  in  the  MTL 
effort  than  the  achievement  of  a  specific  system  development,  however. 
The  application  of  composites  can  be  considered  a  relatively  mature 
art  in  the  case  of  aircraft,  in  which  the  major  issues  have  been 
addressed  over  a  period  of  more  than  twenty  years.  However,  in 
ground-breaking  applications  such  as  those  of  both  armored  vehicles  as 
exemplified  by  system  to  be  discussed  by  W.  Haskell[2]  as  well  as  the 
Lightweight  Howitzer  program,  which  is  the  subject  of  this  paper,  the 
challenges  are  primarily  connected  with  the  introduction  of  compos¬ 
ites  technology  into  a  new  application  by  a  group  (the  weapons  devel¬ 
opment  community)  whose  experience  has  been  limited  mostly  to  homoge¬ 
neous  metals.  This  is  certainly  a  familiar  situation  in  the  history  of 
the  composites  industry  over  the  last  20  years  and  indeed  is  probably 
not  unrepresentative  of  the  dilemma  faced  by  the  aircraft  industry 
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when  composites  were  introduced  there  for  primary  structure  in  the 
late  60 's. 


TABLE  2  shows  the  format  which  the  MTL  program  has  assumed  over  the 
period  of  1982  to  the  present.  Contributions  were  made  at  various 
stages  by  outside  organizations  including  Oak  Ridge  National  Laborato¬ 
ry  (ORNL)  and  Benet  Weapons  Laboratory  under  MTL  funding.  In  addition, 
the  Armament  Research,  Development  and  Engineering  Center  (ARDEC)  at 
Picatinny  Arsenal,  which  has  responsibility  for  the  development  of 
artillery  for  the  Army,  acted  as  an  advisor  for  technical  issues 
related  to  artillery  performance  requirements.  TABLE  3  shows  the  team 
of  individuals  from  various  organizations  who  contributed  to  the 

TABLE  2 

FORMAT  OF  MTL  LIGHTWEIGHT 
HOWITZER  PROJECT 


MTL^  —  US  ARMY  LABORATORY  COMMAND 

MATERIALS  TECHNOLOGY  LABORATORY 

ARDEC^  —  US  ARMY  ARMAMENT  RESEARCH, 
ENGINEERING  AND  DEVELOPMENT 
COIMAND 

ORNL^  —  OAK  RIDGE  NATIOIAL  LABORATORY 
BENET^  — ARDEC/BENET  WEAPONS  LABORATORY 


In  addition  to  the  MTL  effort,  ARDEC  (Picatinny  Arsenal,  Dover  NJ) 
conducted  a  contractual  effort  aimed  at  developing  a  9000  lb. ,  155mm 
weapon.  Three  contractors,  shown  in  TABLE  4,  were  involved.  An  impor¬ 
tant  part  of  the  ARDEC  contracted  effort  was  the  development  of 
innovative  approaches  to  retention  of  stability  in  lightened  weapons, 
a  problem  which  will  be  discussed  below.  Various  approaches  taken  in 
the  contracted  effort  are  described  in  TABLE  4;  these  will  be  clari¬ 
fied  later. 

The  ORNL  and  Benet  efforts  involved  investigation  of  the  applications 
of  composites  to  components  for  155mm  towed  artillery,  as  exemplified 
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TABLE  3 

MTL  LIGHTWEIGHT  HOWITZER  TEAM 

PROJECT  LEADER 
D.  Oplinger 

ARDEC*  ADVISORY  TEAM 
** 

ARDEC  POC  —  H.  Liberman 

TECHNICAL  CONSULTANTS  —  R.  Becker,  N.  Lionetti, 

S.  Floroff 

MTL*  EFFORT  (COMPOSITE  ROLL  AND  CRADLE  FOR  M102  HOWITZER) 

STRUCTURAL  ANALYSIS  ENGINEER  —  K’.  Gandhi 

DESIGN  ENGINEER  ““  P.  Cavallaro 

DESIGN-DETAIL  TESTING  AND 

FABRICATION  LIASON  ENGINEER  --  G.  Piper 

COMPOSITES  FABRICATION  ENGINEERS  --  J.  De  Luca, 

S.  Ghiorse 

DATA  AUTOMATION  ENGINEER  --  J-  Beatty 


STRUCTURAL  TESTING  ENGINEERS  —  W.  Bethoney,  W.  Crenshaw 

R.  Pasternak 

OUT-OF-HOUSE  SUPPORTING  ACTIVITIES 

OAK  RIDGE  NATIONAL  LABORATORY  POC**  --  G.  T.  Yahr 

BENET  WEAPONS  LABORATORY  POC**  --  G.  Friar 


*ARDEC  —  see  Organizational  Designations,  Table  1 
**POC  --  "Point  of  Contact" 


TABLE  4 

ARDEC  9000  LB  SYSTEM  DEVELOPMENT  EFFORT  (1984-1988) 


•  CONTRACTED  EFFORT  TO  DEVELOP  9000  LB  155mm  LIGHTWEIGHT 
TOWED  HOWITZER 


-  FMC  NORTHERN  ORDNANCE  --  SUPER  LOW  PIVOT  HEIGHT, 

LONG  RECOIL  STROKE,  ACCOMPLISHED  BY 
"STILT-LIKE"  SUPPORTING  STRUCTURE 

-  BMY  —  STABILITY  ACHIEVED  BY  CURVILINEAR 

(UPWARDLY  CURVED)  RECOIL  PATH 

-  AAI  —  EFFECTIVE  LONG  RECOIL  STROKE  BY 

USE  OF  "FOLDED"  (TELESCOPING)  RECOIL 
STRUCTURE 


by  the  M198  towed  howitzer  shown  in  Fig.  2(A).  Although  as  stated 
above,  the  Army  objective  was  toward  lightening  of  155mm  weapons,  the 
MTL  effort  was  directed  toward  design,  fabrication  and  testing  of 
components  for  a  lighter  system,  the  M102  (105mm)  shown  in  Fig.  2(B), 
which  was  selected  as  a  test  bed  for  experimenting  with  composite 
components . 


Fig.  3  shows  further  details  of  systems  of  interest.  Fig.  3(A)  illus¬ 
trates  a  typical  air  transport  operation  with  the  M102  howitzer.  The 


self-propelled  M109  howitzer,  Fig.  3(B),  in  which  the  gun  is  mounted 
on  a  tracked  vehicle  is  included  to  emphasize  the  difference  between 
towed  and  vehicle-mounted  artillery. 

The  major  consideration  in  this  regard  is  the  challenge  of  maintaining 
dynamic  stability  of  towed  weapons  during  firing  operations.  In  the 
case  of  a  vehicle-mounted  weapon  such  as  the  M109  self  propelled 
howitzer  shown  in  Fig.  3(B),  the  total  weight  of  the  system  will 
typically  amount  to  30  tons  or  greater.  Obviously,  this  weight  is 
available  for  providing  stability  to  the  gun  with  regard  to  motion 
induced  by  recoil  forces.  Incentives  for  weight  reduction  of  gun 
components  for  such  systems  are  not  significantly  impacted  by  stabili¬ 
ty  issues,  in  contrast  with  the  situation  in  the  case  of  towed  artil¬ 
lery.  This  will  be  discussed  in  some  detail  subsequently. 

Fig.  4  summarizes  the  components  which  have  been  of  interest  in  the 
present  effort.  In  the  case  of  the  M102  howitzer  which,  as  noted 
above,  was  used  as  a  test  bed,  a  composite  roll  bar  was  included  in 
the  effort.  A  rollbar  is  of  interest  because  of  a  tendency  for  these 
weapons  to  overturn  during  either  air  drop  (Fig.  3(A)  )  or  ground 
transport  maneuvers,  leading  to  a  loss  of  optical  fire  control  equip¬ 
ment  needed  for  sighting  the  weapon. 

In  the  case  of  the  155mm  M198,  the  main  effort  was  on  trail  and  bottom 
carriage  components.  Details  of  interest  for  these  components  will  be 
described  later. 


CHARACTERISTICS  OF  TOWED  ARTILLERY 
Description  of  Components 

A  few  remarks  are  in  order  regarding  the  nature  of  towed  artillery  and 
resulting  performance  requirements  which  affect  opportunities  for 
weight  reduction. 

Fig.  5  shows  an  expanded  view  of  the  M198  howitzer  shown  in  Fig.  4. 
Here  the  weapon  is  separated  into  recoiling  and  non-recoiling  parts 
for  convenience  with  regard  to  subsequent  discussion.  In  Fig.  6  the 
non-recoiling  (supporting  structure)  components  are  shown  individual¬ 
ly.  These  include  (1)  the  "cradle"  which  supports  the  weight  and 
recoil  loads  produced  by  the  recoiling  parts,  i.e.  the  cannon  together 
with  the  recoil  mechanism,  shown  at  the  top  of  Fig.  6;  (2)  the  "upper 
carriage"  which  provides  for  vertical  movement  of  the  gun  and  cradle; 
(3)  the  "lower  carriage"  which  supports  the  previously  mentioned 
components  and  allows  for  horizontal  (azimuthal)  motion  of  the  gun, 
and  ;  (4)  the  "trails"  which  serve  the  dual  functions  of  helping  to 
resist  backward  tipping  of  the  gun  during  recoil,  and  providing  an 
attachment  point  for  towing  during  ground  transport  in  which  the 
weight  exerted  on  the  towing  vehicle  is  reduced  by  the  effect  of 
leverage  provided  by  the  length  of  the  trails.  Components  shown  in 
Fig.  6  include  a  firing  platform  which  is  removed  from  the  storage 
position  shown  here  and  installed  under  the  bottom  carriage  during 
firing,  together  with  "spades"  which  are  are  attached  to  the  rear  end 
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of  the  trails  and  driven  into  the  supporting  terrain  to  prevent 
rearward  motion  of  the  gun. 

Dynamic  Performance  Requirements 

Certain  performance  characteristics  of  towed  howitzers  having  to  do 
with  behavior  during  recoil  have  an  important  bearing  on  the  extent  to 
which  weight  reduction  can  be  undertaken.  These  relate  to  the  factors 
controlling  the  magnitude  of  the  recoil  forces  and  the  dynamic  stabil¬ 
ity,  i.e.  the  tendency  of  the  howitzer  to  "hop"  during  recoil. 

Hop  is  objectionable  because  its  presence  tends  to  result  in  a  distur¬ 
bance  to  the  sighting  of  the  gun,  relating  to  accuracy  of  target 
acquisition.  While  this  is  not  a  factor  in  the  case  of  vehicle-mounted 
artillery  such  as  that  shown  in  Fig.  3(B)  in  which  the  mass  of  the 
vehicle  provides  more-than-adequate  stability,  in  the  case  of  towed 
howitzers  which  depend  on  the  mass  of  the  non-recoiling  supporting 
structure  (Fig.  5)  for  stabilization,  stability  exerts  an  overriding 
influence  on  the  configuration  of  the  system. 

The  magnitude  of  the  recoil  forces  produces  two  effects  which  make  it 
desirable  to  limit  them.  First  of  all,  the  magnitude  of  the  recoil 
force  is  a  crucial  factor  in  determining  whether  or  not  the  weapon  is 
stable  against  hop.  In  addition,  their  magnitude  should  be  kept  low  in 
order  to  avoid  excessive  wear  on  the  recoil  mechanism.  Low  weight  of 
recoiling  components  per  se,  together  with  low  total  system  weight, 
tends  to  cause  both  large  recoil  forces  and  severe  hop.  The  factors 
which  control  these  two  effects  are  illustrated  in  Fig.  7  to  9. 

Fig.  7  indicates  the  relationships  which  govern  the  recoil  force 
magnitude.  These  include  (1)  the  projectile  momentum,  which  is  the 
basic  performance  requirement  of  the  weapon  and  corresponds  to  the 
payload  of  the  projectile  which  governs  its  mass,  together  with  the 
desired  firing  range  which  governs  the  projectile  velocity;  (2)  con¬ 
servation  of  momentum  which  determines  the  relation  between  projectile 
momentum  and  momentum  absorbed  by  the  recoiling  parts,  and;  (3) 
conservation  of  energy  which  determines  the  work  that  the  recoil 
mechanism  has  to  do  in  bringing  the  recoiling  parts  to  a  stop,  equiva¬ 
lent  to  the  kinetic  energy  of  the  recoiling  mass  which  corresponds  to 
its  momentum. 

In  conventional  howitzers  in  which  the  gun  is  at  rest  before  firing, 
the  recoiling  momentum  is  equal  in  magnitude  to  that  of  the  projec¬ 
tile.  Experimental  systems  (called  "soft  recoil"  systems)  have  been 
tried,  in  which  a  spring  mechanism  is  used  to  impart  an  initial 
forward  velocity  to  the  gun  which,  as  deduced  from  the  conservation- 
of -momentum  relationships  shown  in  Fig.  7,  reduces  the  recoiling 
momentum  significantly.  This  is  one  approach  which  has  been  considered 
for  reducing  recoil  forces  and  maintaining  stability  in  lightened 
weapons . 

The  relationship  shown  at  the  bottom  of  Fig.  7  implies  that  the 
average  recoil  force  is  given  by  (see  notation  of  Fig.  7); 
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F  =  gP  ^/2L  W  (1) 

rec  ^  rec  r  rec 

Note  that  large  P  together  with  small  L  and  W  will  lead  to 

ir0C  jT  jiGc 

large  values  of  the  average  recoil  force.  In  addition,  as  indicated  in 
Fig.  8,  characteristics  of  the  recoil  mechanism  (typically  a 
hydraulic/spring/pneumatically  actuated  system)  which  cause  the 
resistance  characteristic  to  vary  during  the  recoil  stroke,  will  cause 
the  peak  force  to  be  considerably  above  the  average  value.  This  will 
aggravate  the  problem  since  the  peak  force  is  the  determining  factor 
for  both  stress  on  the  recoil  mechanism  and  stability. 

Fig.  9  illustrates  the  relationships  which  govern  weapon  stability. 

These  can  be  summarized  fairly  simply  in  terms  of  the  vector  denoted 

as  "F  "  in  Fig.  9.  This  is  the  resultant  of  the  horizontal  recoil 
res 

force,  acting  through  the  trunnion,  (ie.  the  pivot  about  which 

the  gun  is  rotated  vertically)  and  the  vector  corresponding  to  the 
total  weight,  W,  acting  through  the  CG  of  the  system.  The  distance 
L  ,  shown  in  Fig.  9  near  the  end  of  the  trail,  represents  the  lever 

IT  0  S 

arm  of  the  resultant  vector  about  the  anchor  point  produced  by  the 
spade  attached  to  the  rear  end  of  the  trail.  If  L  is  such  that  the 

line  of  action  of  F  lies  below  the  tip  of  the  spade,  as  is  the  case 

IT  0  S 

in  Fig.  9,  then  all  tendency  toward  hop  will  essentially  be 
eliminated,  since  there  will  be  a  clockwise  moment  tending  to  push  the 
front  end  of  the  gun  into  the  ground  throughout  the  recoil  stroke.  On 
the  other  hand  if  any  combination  of  large  and  h^^^^  is  present 

which  rotates  the  line  of  action  of  F  so  that  it  lies  above  the 

jr0  s 

spade  tip,  a  counterclockwise  moment  will  result,  tending  to  produce 
definite  hop.  The  fundamental  condition  described  by  the  last  equation 
in  Fig.  9,  which  is  required  to  avoid  hop,  is  determined  by  the 
magnitude  and  lever  arm  of  the  recoil  force  and  total  weight  vector  as 
follows : 


CONDITION  FOR  AVOIDANCE  OF  HOP  (see  Fig.  7  for  notation) 


WL  >F  )  h  .  (2) 

eg  rec  max  piv 

Taking  into  account  the  relationship  between  maximum  and  average 
recoil  force  shown  in  Fig.  8,  which  is  described  by  a  magnification 
parameter  denoted  as  ri  in  Fig.  9,  then  when  equation  (1)  for  the 
magnitude  of  average  recoil  force  is  taken  into  account,  Eq(2)  reduces 


to 


where 


n 

p 


^cg^rec^^piv 

=  F  )  /F 
rec  max  rec 


>  gP 


rec 


■il/2w^eo« 


(3) 


'  rec 


=  momentum  of  recoiling  mass 


=  recoiling  weight 
W  =  total  system  weight 

=  horizontal  distance  from  spade  tip  to  system  CG 

L  =  length  of  recoil  stroke 
rec  ^ 
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=  height  of  trunnion  (pivot) 

TABLE  5  suininarizes  the  effects  which  control  recoil  force  magnitude 
and  stability.  The  message  here  is  that  we  can  change  various 
dimensions  in  the  weapon  (increasing  the  trail  length  and  length  of 
recoil  stroke,  decreasing  the  pivot  height)  to  compensate  for  the 
adverse  effects  of  reduced  weight  on  both  the  magnitude  of  recoil 
forces  and  the  tendency  toward  hop  during  recoil.  However,  practical 
considerations  tend  to  limit  the  extent  to  which  advantage  can  be 
taken  of  such  dimensional  changes.  For  example,  if  the  pivot  height  is 
lowered,  firing  with  the  gun  elevated  becomes  awkward,  since  there 

TABLE  5 

OBSERVATIONS  FROM  DYNAMIC  ANALYSIS 

RECOIL  FORCE  DECREASES  WITH  -- 

•  INCREASING  RECOIL  STROKE 

RECOIL  FORCE  INCREASES  WITH  -- 

•  DECREASING  WEIGHT  OF  RECOILING  PARTS 

STABILITY  INCREASES  WITH  -- 

•  INCREASING  TRAIL  LENGTH 

•  "  RECOIL  STROKE 

•  DECREASING  TRUNNION  (PIVOT)  HEIGHT 

STABILITY  DECREASES  WITH  -- 

•  DECREASING  TOTAL  SYSTEM  WEIGHT  (LINEAR  EFFECT) 

•  DECREASING  RECOILING  WEIGHT  (QUADRATIC  EFFECT) 

will  be  a  loss  of  clearance  with  respect  to  the  ground  level  as  the 
gun  recoils,  for  high  elevations.  Even  with  existing  gun  designs, 
there  is  a  tendency  for  the  gun  to  "dig  a  hole"  at  high  elevations. 

The  only  approach  to  compensating  for  this  situation  is  shortening  the 
recoil  stroke,  which  then  increases  and  therefore  works  against 

the  desired  performance  characteristics. 

TABLE  6  describes  various  approaches  which  may  be  considered  for 
lowering  recoil  forces  and  recovering  stability  in  a  lightened  weapon. 
As  noted  in  TABLE  5 ,  some  of  these  ideas  were  incorporated  in  the 
contractual  efforts  funded  by  ARDEC.  Of  particular  interest  was  the 
approach  of  BMY  which  involved  an  upwardly  curving  recoil  path  which 
helped  to  stabilize  the  weapon  particularly  in  the  early  stages  of 
recoil  during  which  the  forces  are  greatest.  Other  particularly 
innovative  ideas  include  the  spring-catapulted  gun,  mentioned  previ¬ 
ously,  in  which  the  initial  momentum  of  the  gun  significantly  reduces 
that  which  is  imparted  by  the  projectile.  Methods  such  as  the  use  of 
add-on  ballast  (e.g.  heaping  earth  or  other  debris  onto  the  base  of 
the  gun)  are  objectionable  from  the  standpoint  of  ease  of  setup,  and 
are  not  looked  on  with  favor  by  artillery  users.  The  last  item  noted 
in  TABLE  6  refers  to  the  "muzzle  brake"  which  is  a  device  attached  to 
the  front  end  of  the  gun  tube  and  produces  a  deflection  of  the  muzzle 
blast  which  helps  to  absorb  momentiim.  In  a  properly  designed  muzzle 
brake,  the  blast  deflection  may  produce  an  upward  component  of  flow 
which  produces  a  downward  force  component  at  the  front  end  of  the  gun. 
A  particularly  important  consideration  in  weight  reduction  attempts  is 
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the  difficulty  in  reducing  the  weight  of  recoiling  parts  per  se.  As 
indicated  at  the  bottom  of  Table  6,  in  studies  to  date  there  has  been 
a  tendency  to  retain  much  of  the  recoiling  weight  of  existing  howit¬ 
zers  such  as  the  M198,  and  to  concentrate  on  reducing  the  weight  of 
the  supporting  structure  .  The  reason  for  this  is  that  the  recoil 
force,  according  to  Eg(l),  is  affected  by  the  weight  of  recoiling 
parts,  and  a  reduction  in  recoiling  weight  aggravates  not  only  the 
stability  problem  but  also  the  structural  burden  on  the  recoil  mecha¬ 
nism.  The  weight  distribution  in  the  M198  155mm  howitzer  is  roughly 
75001bs  of  recoiling  weight  vs.  8500  lbs  of  non-recoiling  support 
structure.  Under  typical  firing  conditions,  the  recoiling  parts  may  be 


TABLE  6 

APPROACHES  TO  STABILIZING  LIGHTENED  GUN 

•  LONG  TRAILS  (LIMITED  BY  DIMENSION  ENVELOPE 

FOR  AIR  TRANSPORT) 

•  LOW  h  .  (LIMITED  BY  NEED  FOR  RECOIL  CLEARANCE 

AT  ELEVATED  FIRING) 

•  LARGE  RECOIL  STROKE  (LEADS  TO  AWKWARD  OPERATING 

CHARACTERISTICS) 

•  USE  OF  SPRING  CATAPULTED  (MUNITION  QUALITY 

PROBLEMS ) 

•  USE  OF  CURVED  RECOIL  PATH  PER  BMY  (COMPLICATED 

MECHANISM) 

•  USE  OF  ADD-ON  BALLAST,  e.g.  EARTH,  ETC.  (OBJECTION¬ 

ABLE  FROM  STANDPOINT  OF  SET-UP  TIME) 

•  UPWARD  DEFLECTION  OF  MUZZLE  BLAST  BY  "TUNED" 

MUZZLE  BRAKE 


CONCLUSION 


EMPHASIS  OF  LIGHTENING  EFFORTS 
PLACED  ON  NON-RECOILING  COMPONENTS 
IN  CONSERVATIVE  EFFORTS  TO  DATE 


receding  with  velocities  on  the  order  of  40-50  ft/sec,  ie.  25-35  mph. 
In  order  to  bring  the  7500  lbs  of  recoiling  weight  to  a  stop  in  dis¬ 
tances  in  the  range  of  3-6  ft.  which  represents  practical  stroke 
lengths  for  typical  hydraulic  mechanisms,  average  force  levels  on  the 
order  of  50-100,000  lbs  are  encountered,  according  to  Eq(l),  with  peak 
values  possibly  lying  30-50%  higher.  This  is  not  necessarily  a 
difficulty  for  the  supporting  structure,  but  may  be  for  the  typical 
hydraulic  recoil  devices  that  tend  to  be  used  in  howitzers.  Weight 
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reduction  studies  that  have  been  conducted  on  towed  artillery  by  the 
Army  have  generally  tended  to  confine  their  attention  to  the  support¬ 
ing  structure. 

In  terms  of  the  lightening  of  guns  per  se,  conventional  technology 
involves  the  use  of  gun  steels,  and  consideration  of  other  materials 
involves  a  technical  challenge  of  great  difficulty  because  of  the 
combination  of  severe  structural  loading,  thermal  environment  and 
chemical  environment  which  are  encountered.  Fig.  10  illustrates  an 
example,  from  a  program  by  Benet  Laboratory,  of  how  composites  can  be 
used  successfully  to  improve  gun  performance,  although  in  this  case, 
lighter  weight  was  not  sought  or  achieved.  In  this  example  the  desire 
was  to  lengthen  the  gun  barrel  for  better  accuracy,  and  a  filament 
wound  graphite  epoxy  over-wrap  was  used  to  increase  the  stif fness-to- 
weight  ratio  of  the  barrel  in  bending,  to  compensate  for  the  tendency 
of  a  longer  barrel  to  "droop"  which  would  reduce  the  achieved  accura¬ 
cy.  The  resulting  lengthened  barrel  was  designed  to  be  dynamically 
equivalent  to  the  original  all-steel  barrel,  by  a  judicious  relocation 
of  mass  which  would  not  have  been  possible  if  an  all-steel  construc¬ 
tion  had  been  used  with  the  lengthened  barrel. 

In  general,  it  is  clear  that  in  the  case  of  towed  artillery,  there  are 
basic  limitations  to  the  extent  by  which  lightened  designs  can  be 
developed  for  a  given  payload  range  and  weight  which  the  weapon  is 
required  to  deliver.  Although  challenges  to  the  use  of  composites  are 
significant,  it  should  be  kept  in  mind  that  they  are  not  necessarily 
the  main  barrier  to  achieving  significant  weight  reduction.  However, 
many  options  for  addressing  the  stability  problem  are  available,  so 
that  in  the  long  run  this  should  not  be  a  major  obstacle  to  the 
introduction  of  composites. 

In  the  subsequent  sections  the  issue  of  what  can  be  accomplished 
through  the  use  of  composites  will  be  addressed. 


COMPONENT  DEVELOPMENT  ACTIVITIES 

GENERAL  REMARKS 

In  this  section  we  will  describe  a  series  a  studies  which  have  been 
carried  out  on  various  towed  howitzer  components  to  illustrate  some  of 
the  technical  challenges  and  solutions  which  are  encountered  with 
composites.  The  component  development  studies  undertaken  under  the  MTL 
Lightweight  Howitzer  Program  are  summarized  in  Table  7. 

COMPONENTS  FOR  155iran  HOWITZER 

Trails 

The  trail  of  the  towed  howitzer  appears  to  be  the  component  with  the 
greatest  weight  savings  potential  through  composites  from  several 
standpoints.  Here  it  is  feasible  to  utilize  almost  100%  of  the  weight 
saving  potential  of  composites  because  attachment  problems  demanding 
any  use  of  metals  are  minor. 
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In  general,  hollow,  rectangular  box  beam  shapes  can  be  used  with 
considerable  effectiveness.  Both  filament  winding  and  braiding  have 
been  considered  as  appropriate  fabrication  methods  for  such  struc¬ 
tures.  These  methods  allow  tapering  along  the  length  of  the  trail  to 
be  used. 

An  idea  of  the  weight  savings  potential  for  composites  can  be  obtained 
from  a  simple  optimized  box  beam  design  for  the  generic  load  system 
shown  in  Fig.  11,  which  represents  a  worst— case  situation  horizon 

tal  firing  where  the  gun  is  rotated  horizontally  so  as  to  lie  in  line 
with  one  trail.  Structural  consideration  here  is  restricted  to  bending 
in  the  trail  due  to  a  vertical  load  component  at  the  spade  end,  whose 
magnitude  corresponds  to  the  moment  about  the  firing  base  produced  by 


TABLE  7 

COMPONENT  DEVELOPMENT  EFFORTS  IN 
MTL  LIGHTWEIGHT  HOWITZER  PROGRAM 

ISSram  HOWITZER  COMPONENTS 

•  TRAILS  (MTL,BENET  LAB,  OAK  RIDGE) 

•  BOTTOM  CARRIAGE  (OAK  RIDGE) 


Ml 02  COMPONENTS 

•  ROLL  BAR 

•  CRADLE 


the  recoil  load  acting  through  the  pivot  height.  It  should  be  kept  in 
mind  that  firing  at  azimuthal  positions  not  in  line  with  either  trail 
v^iii  tend  to  generate  torsional  loading  on  the  trails  which  is  ignored 
here  but  which  would  have  to  be  accounted  for  in  an  actual  design. 

Such  a  load  is  considered  to  act  on  the  hollow  box  beam  shown  in  Fig. 
12.  The  moment  of  inertia  for  section  rotation  about  the  x-axis  in 
Fig.  12  is  I  which,  for  a  thin-walled  box, is  approximately 

I  =  A.d^/2  (4) 

X  f 

leading  to  an  upper  flange  compressive  stress  given  by 

a  M^d/2I^  =  M^/dAj^  (5) 

on  allowing  for  Eq(4).  When  the  expressions  for  and  F^  given  in 
the  lower  sketch  of  Fig.  12  are  combined  with  Eq(5),  then  in  terms  of 
an  assumed  ultimate  compressive  stress  in  the  flange  denoted  as  , 

we  get  a  requirement  for  a  minimum  value  of  flange  area  given  by 
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(6) 


^  ^rec 
*■  ^CG  a- 

i.e.  as  inversely  proportional  to  the  web  height,  d.  For  the  webs,  it 

will  be  found  that  the  optimized  design  generally  leads  to  a 

shear-bucking  critical  condition,  rather  than  shear  stress  failure  of 

the  webs.  In  addition,  it  is  found  that  the  flanges  should  be  close  to 

compression-buckling  critical  at  the  stress  for  which  compressive 

failure  occurs.  Table  8  gives  appropriate  classical  buckling 

predictions  for  long  narrow  orthotropic  strips  with  simply  supported 

edges,  which  apply  here  to  a  satisfactory  degree. (These  tend  to  be 

conservative  since  they  ignore  the  restraining  effect  of  one  wall  on 

lateral  rotation  of  the  neighboring  wall  corresponding  to  the  buckling 

deformation. )  For  shear  buckling  of  the  webs  due  to  a  stress  x  given 

w 


T  =  F  /2A  (7) 

w  y  w 

then  freedom  from  shear  buckling  requires  that 

K®(t  /d)^  >  X  (8) 

w  w  w 

which,  when  combined  with  Eq(7),  can  be  transposed  to  give  a 

requirement  on  the  web  area,  A  (given  by  dt  in  accordance  with  the 

w  w 

notation  of  Fig.  12),  as  follows 


A  >  (F 
w  y  ^ 


(9  ) 


Note  that  a  minimum-weight  design  requires  that  the  box-beam  section 
area,  2(A  tAj;)  be  minimized.  Taking  account  of  Eq(6)  and  (9  )  and 

W  I 

setting  ^ 


c^  =  (F 
1  y  w 


(10.1) 


then  leads  to 


-  cu 
^CG  ‘^F 


c^d^^^+C2/d 


which  is  minimized  with  respect  to  d  for  d=d^p^  given  by 


(10.2) 


(12) 


d  ^  =  (0.75c, /c„)"'  ' 

opt  12 

Once  is  determined  from  Eq(12),  the  remaining  dimensions  of  the 

box  beam^can  be  solved  inversely  from  the  proceeding  equations.  The 
result  is 


t  =  (F  /2K  d  . ) 
w  y  w  opt 


A  )  .  =  t  d  . 

w  min  w  opt 


A.)  . 

f  min 


^T  ^rec  .^piv. 

cu  'd  ^ 
CG  Op  opt 


[A  ) 


=  A^)^.  /b^^. 
f  f  min  opt 
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(The  last  two  equations  insure  that  the  flange  is  simultaneously 
buckling  and  stress  critical,  which  is  a  requirement  for  a  minimum 
weight  design. ) 

Table  9  shows  the  application  of  the  above  equations  to  a  weight 
tradeoff  study  for  loads  and  dimensions  equivalent  to  the  M198  howit¬ 
zer.  For  the  composite  material  systems  (glass  and  graphite  epoxy), 
generic  unidirectional  properties  representative  of  S-glass/5208 _ and 
T300/5208  were  assumed  and  used  as  inputs  for  a  conventional  laminate 
analysis  which  provided  in-plane  and  bending  properties  for  the 
box-beam  walls.  Moreover,  a  filament-wound  cogstruction_ was  assumed  in 
which  the  flanges  were  equivalent  to  a  0g/±45  layup  while  the  webs 

were  assumed  to  be  all  ±45°.  The  compression-failure  strengths,  a°^ 

were  assumed  to  represent  damage-tolerance  allowables  in  which  strains 

TABLE  8 

BUCKLING  RELATIONS  FOR  LONG  NARROW  STRIP 

(Simply  Supported  Edges) 


.  ^  ^s,^w>2 

X  )  ,  <  K  ( — ) 

xy  web  w  ^ 


c  ^f  2 

a  )..  <  k5(— ) 

X  flange  f  . 


where 

FOR  ISOTROPIC  STRIPS[3]  ( E=Young ' s  modulus,  Poisson  ratio 


0.3) 


=  3.61E 

FOR  ORTHOTROPIC  STRIPS  [4] 


K  =  4.84  E 
w 


T.C  -  n-  r 
^f  ■  6  ^ 


^  (E  E  V  E 

2  X  y  y  X 


1-V  V 
X  y 


+2G  ] 

xy 


V  E  E 
X  X 


where 


and 


0  = 


(l-VjjVy) 


2E  G  .  /T 

Y —  +  y  ]^/^f(0) 

I-V  V..  V 


2E..G. 

I- 

1/2  -  x  y 

1/2 


V  E  +  2(l-v  V  )G 
y  X  '  X  y'  xy 


f(0)  =  11.7  +  0.5320  +  0.9380' 


were  limited  to  0.004.  For  the  metal  components,  generic  yield 
strength  values  were  assumed. 


The  weight  comparisons  which  were  obtained  are  felt  to  be  representa¬ 
tive  of  what  would  be  obtained  even  if  more  optimistic  values  for  the 
yield  strengths  of  the  metals  were  assumed,  since  the  analysis  pro¬ 
vides  a  sensitivity  to  compression  yield  strength  which  is  less  than 
linear.  It  is  thus  apparent  that  in  such  a  direct  tradeoff,  composites 
show  a  considerable  weight  savings,  percentage  wise  in  terms  of  the 
trail  weights,  vis-a-vis  metals. 
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These  results  must  be  accepted  with  some  reservations,  however.  The 
inclusion  of  metal  attachments  at  the  forward  ends  of  the  trails 
could  significantly  jeopardize  the  weight  savings  offered  by  compos¬ 
ites,  for  example.  However,  an  attachment  concept  devised  by  the  Oak 
Ridge  Team  which  will  be  discussed  later  shows  considerable  promise 
for  minimizing  the  weight  penalty  of  trail  attachments. 

An  additional  consideration  is  the  need  for  torsional  stiffening  of 
the  trails  beyond  that  provided  by  the  construction  shown  at  the  top 
of  Table  9  for  the  composite  systems.  Fig.  13  shows  the  results  of 
buckling  analysis  of  the  M198  aluminum  trails  by  the  Oak  Ridge  Team 
[5]  The  numbers  which  are  included  with  the  mode  shapes  represent 
bending  stress  levels  in  the  flanges  at  which  each  mode  occurs. 


TABLE  9 

WEIGHT  TRADEOFFS  FOR  OPTIMIZED  BOX  BEAM 

(Composites:  0g±45°  flanges,  ±45°  webs:  Metals  --  isotropic) 
^rec  "  '■  ^piv  "  '  L*=200"  ;  =  250" 


STEEL 

ALUMINUM 

GRAPHITE 

EPOXY 

GLASS 

EPOXY 

o°^(ksi) 

100 

50 

50 

50 

<  (loSsl) 

147 

48 

39 

24 

Kj  ( "  " ) 

109 

36 

16.6 

12.3 

DENSITY,  lb-in“^ 

0.28 

0.10 

0.055 

0.072 

18.9 

19.2 

18.6 

17.4 

8.19 

10.35 

8.67 

10.82 

t  ,  " 

w' 

0.107 

0.156 

0.166 

0.191 

0.249 

0.386 

0.475 

0.407 

2.03 

3.99 

4.12 

4.41 

A  )  " 

Warnin' 

2.03 

3.01 

3.09 

3.32 

Trail  Weight*  lb 

227 

140 

79.3 

111 

jlC- _ — _ _ _ _ _ 

based  on  an  effective  trail  length  of  1/2  due  to  assumed  tapering 
of  the  box  beam  along  its  length  ^ 

The  design  of  the  M198  trails  includes  transverse  bulkheads  which  can 
be  expected  to  provide  significant  torsional  stiffening.  It  can  be 
seen  that  even  with  such  stiffening,  the  warp-buckling  seen  in  the 


63 


third  mode  occurs  as  a  load  not  much  above  that  of  the  first  mode 
V7hich  appears  to  be  pure  vertical  bending.  In  addition,  other  modes 
which  occur  at  loads  not  far  removed  from  that  of  the  first  mode  give 
lateral  deflection,  presumably  corresponding  to  column  buckling  about 
the  bending  axis  with  the  lowest  moment  of  inertia,  due  to  the  load 
eguivalent  to  in  Fig.  11  applied  at  the  spade  end  of  the  trail. 

Since  these  global  buckling  modes  are  sensitive  to  the  moments  of 
inertia  of  the  box  beam,  detailed  design  efforts  would  have  to  insure 
that  these  moments  of  inertia  (two  bending  plus  one  polar  moment  of 
inertia)  are  high  enough  to  prevent  the  global  modes  from  degrading 
the  structural  performance  of  the  beam.  Minimum  weight  designs  in  such 
cases  might  reguire  some  kind  of  stiffening  or  sandwich  construction 
to  achieve  the  maximum  performance  of  the  composite  systems. 

As  part  of  the  Lightweight  Howitzer  program,  the  Benet  Laboratory  Team 
(Table  2)  undertook  the  development  of  a  braided  concept  which  is 
shown  in  Fig.  14.  Braiding  has  a  number  of  potential  advantages  over 
filament  winding,  including  lower  production  costs  for  sufficiently 
large  production  runs  and  improved  damage  tolerance.  The _ l/6th _ scale 
trail  shown  in  Fig.  14  took  advantage  of  an  improved  resin  delivery 
system  resulting  from  MTL's  SBIR  program[6]. 

Trail  Attachments 

The  bottom  carriage  of  the  M198  towed  howitzer  is  shown  at  the  top  of 
Fig.  15.  Massive  steel  "door  hinges"  are  used  in  the  M198  design  for 
attachment  of  the  trails.  (Horizontal  articulation  of  box  trails  is 
normally  required  so  that  the  trails  can  be  repositioned  for  towing 
and  storage.)  In  this  case  the  weight  of  the  trail  attachments  amounts 
to  several  hundred  pounds . 

The  lower  sketch  in  Fig.  15  illustrates  a  concept  developed  by  the  Oak 
Ridge  Team  as  an  alternative  to  the  door-hinge  approach.  This  approach 
builds  the  trail  attachment  horizontally  into  the  body  of  the  bottom 
carriage.  This  allows  much  greater  spacing  of  the  load  points  in  the 
attachment,  possibly  twice  the  vertical  spacing  of  the  typical  door- 
hinge  design,  thus  lowering  the  bearing  loads  corresponding  to  a  given 
reaction  moment  which  the  attachment  has  to  sustain.  In  addition,  for 
rectangular  box  trail  designs,  the  loads  can  be  borne  as  in-plane 
loads  on  the  box-beam  web  walls  which,  as  discussion  of  the  MTL 
composite  cradle  design  below  will  indicate,  is  an  excellent  way  to 
provide  for  load  transfer  in  composite  structures.  The  ORNL  imbedded 
trail  concept  for  the  attachment  at  the  bottom  carriage  shows  great 
promise  for  eliminating  nearly  all  weight  penalty  introduced  by  the 
attachment. 

MMC  Bottom  Carriage  Effort 

Material  tradeoff  studies  were  carried  out  on  a  bottom  carriage 
component  for  a  155mm  howitzer  having  performance  characteristics 
3 to  those  of  the  M198  by  the  ORNL  Team  (Table  2)  ,  to  determine 
weight  savings  that  can  be  anticipated  from  various  materials.  Conven¬ 
tional  metals,  organic  composites  and  metal  matrix  composites  were 
considered.  Results  of  the  tradeoff  which  are  summarized  in  Fig.  16 
indicate  that; (1)  aluminum  and  titanium,  i.e.  conventional  light 
metals,  would  provide  a  component  of  around  800  lbs.,  as  opposed  to 
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1500  lbs  for  the  current  steel  bottom  carriage  of  the  M198 
howitzer; (2)  organic  composites,  due  to  the  presence  of  severe  bearing 
loads  and  hard-contact  points,  would  require  the  inclusion  of _ metal _ 
inserts  in  various  locations  which  would  tend  to  negate  the  lightening 
advantage  of  organic  composites  over  conventional  metals;  (3) 
particulate  reinforced  metal  matrix  composites  gave  a  considerable 
weight  reduction  over  conventional  metals  and  organic  composites ,  due , 
mainly,  to  the  high  stiffness/weight  ratio  of  particulate  reinforced 
aluminum  together  with  the  fact  that  the  design  tends  to  be 
stiffness(i.e.  buckling)  critical.  An  idea  of  the  construction  which 
was  visualized  is  indicated  in  Fig.  17  which  represents  an  FE  model  of 
the  ORNL  MMC  carriage  concept  used  to  carry  out  the  tradeoff  studies. 

This  highlights  the  difficulty  of  realizing  maximum  weight  savings 
with  organic  composites  in  some  components  where  shapes  are  complex 
and  numerous  heavily  loaded  attachment  points  have  to  be  dealt  with. 

It  should  be  recognized  that  this  conclusion  ought  to  be  tempered  with 
the  recognition  that  the  study  was  short  term  and  did  not  allow  time 
for  creative  solutions  which  might  have  eliminated  some  of  the  prob¬ 
lems  caused  by  bearing  loads  in  organic  matrix  composites. 

On  the  other  hand  the  bottom  carriage  tradeoff  study  did  surface  the 
attractiveness  of  particulate  reinforced  MMC  for  many  applications. 
More  mundane  applications  of  such  materials  such  as  in  bolts  which  are 
lightly  loaded  but  make  up  an  appreciable  fraction  of  the  j^ower 
carriage  weight  appear  attractive,  for  example.  Studies[7]  have 
indicated  that  conventional  threading  techniques  can  be  successfully 
used  with  particulate  reinforced  metal  matrix  composites. 

The  present  program  hardly  scratched  the  surface  for  potential  appli¬ 
cations  of  MMC's  for  lightening  of  howitzer  components.  A  potential 
problem  which  surfaced  in  the  course  of  the  present  study,  however,  is 
that  of  low  dynamic  toughness  of  particulate  reinforced  MMC's.  Data 
obtained  on  contract[8]  indicated  that  with  materials  initially 
considered  for  the  ORNL  bottom  carriage  design,  Charpy  impact  energies 
were  limited  to  only  10%  of  those  of  typical  aluminum  alloys.  More¬ 
over,  ballistic  impact  experiments  [9]  indicated  that  significant 
cracking  around  holes  produced  by  hostile  projectiles  can  occur  which 
would  constitute  considerable  degradation  of  structural  loading 
capability  and  might  render  the  weapon  inoperable  for  relatively  minor 
battlefield  damage.  This  concern  motivated  a  subsequent  effort  by 
DWA[10]  which  indicates  that  significant  improvement  in  ductility _ over 
that  of  the  earlier  materials  can  be  obtained.  The  materials  initially 
considered  had  elongations  on  the  order  of  1-2%,  whereas  the  materials 
produced  in  the  Ref.  [10]  study  exhibited  elongations  as  high  as  5.5 
%.  In  addition,  revolutionary  new  approaches  to  toughening [ 11 ]  of 
particulate  reinforced  composites  appear  to  offer  impressive 
improvements  specifically  in  dynamic  fracture  toughnesses,  resulting 
in  Charpy  energy  capabilities  equal  to  or  greater  than  those  of 
typical  aluminum  alloys. 

The  end  result  is  that  there  appears  to  be  considerable  optimism  for 
the  use  of  particulate  reinforced  MMC's  in  howitzer  components, 
although  the  issue  of  fracture  toughness  in  the  presence  of  battle 
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damage  must  be  addressed  before  accepting  them  completely.  If  this 
turns  out  to  be  not  a  limiting  obstacle,  then  the  opportunities  for 
lightening  using  MMC's  appear  to  be  extensive. 


MTL  EFFORTS  ON  Ml 02  HOWITZER  COMPONENTS 
ROLLBAR  FOR  Ml 02  HOWITZER[12] 

The  rollbar  which  was  developed  at  MTL  for  the  M102  howitzer  is 
visible  in  Fig.  2(B).  The  need  for  a  rollbar  grew  out  of  roll-over 
incidents  which  have  occurred  both  in  air  drop  activities  and  in 
ground  towing  of  the  M102,  although  they  have  not  been  unheard-of  with 
other  towed  howitzers.  Such  events  can  cause  serious  damage  to  crucial 
components  such  as  the  fire  control  optics,  tending  to  disable  the 
howitzer  if  it  is  far  removed  from  supply  facilities.  As  described  in 
[12],  the  composite  rollbar  development  was  undertaken  to  provide  a 
replacement  for  a  field  fix  which  resulted  in  a  steel  rollbar  weighing 
over  150  lbs;  because  of  its  weight,  the  steel  rollbar  was  too  awkward 
to  remove  during  firing  operations,  causing  great  inconvenience.  The 
MTL-developed  composite  rollbar  whose  construction  is  indicated  in 
Fig.  18  weighed  40  lbs  and  could  be  detached  in  a  matter  of  seconds. 

As  in  Fig.  18,  the  composite  rollbar  involved  straight  tubular  sec¬ 
tions  consisting  of  S2  glass-epoxy  (±20  deg)  wound  over  a  thin  alumi¬ 
num  sleeve  which  served  both  as  a  winding  mandrel  and  a  structural 
element,  together  with  cast  aluminum  elbows  which  were  bandage -wrapped 
with  woven  glass  tape  and  subsequently  impregnated  with  resin  and 
cured.  Welded  joints  were  used  between  the  straight  aluminum  sleeves 
and  the  case  elbows. 

The  effort  described  in  [12]  included  structural  analysis,  design, 
fabrication  and  structural  testing  which  verified  that  the  composite 
rollbar  was  capable  of  loading  considerably  in  excess  of  any  that 
could  be  conceived  as  likely  to  occur  in  planned  applications. 

In  addition,  a  program  of  bend  testing  of  the  straight  tubular  sec¬ 
tions  which  included  the  0.625"  aluminum  sleeve  together  with  the 
filament  wound  composite  overwrap  (0.25"  thick)  was  devised  and 
carried  out  by  the  ORNL  Team  (Table  2)  in  which  30  specimens  were 
tested  to  failure.  These  tests  provided  a  reliability  data  base  for 
the  hybrid  material  concept,  as  well  as  verifying  that  the  straight 
sections  had  strength  capability  considerably  in  excess  of  what  was 
required  in  the  rollbar. 


COMPOSITE  CRADLE  FOR  Ml 02  HOWITZER 
General  Remarks 

As  seen  in  the  upper  drawing  of  Fig.  4,  the  cradle  is  the  component  of 
a  large  caliber  weapon  which  contains  the  recoiling  components, 
including  the  cannon  and  the  recoil  mechanism.  The  cradle  provides  a 
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surface  over  which  the  gun  slides  during  recoil,  together  with  guiding 
ways  which  keep  the  recoil  motion  straight.  In  typical  weapons  the 
recoil  loads  are  born  by  the  cradle  at  its  front  end  and  transmitted 
to  the  supporting  structure  through  the  trunnion  located  at  the  rear 
of  the  cradle. 

Fig.  19  shows  a  preliminary  version  of  the  MTL  graphite  epoxy  cradle 
for  the  M102  howitzer,  together  with  the  details  of  construction, 
while  Fig.  20  and  21  show  the  load  system  that  the  cradle  has  to 
sustain.  Fig.  22  indicates  various  attachment  design  efforts  that  were 
undertaken  and  shows  the  most  recent  version  of  the  elevation  mecha¬ 
nism  attachment  and  front  end  design.  Table  10  gives  a  description  of 
the  effort  that  was  undertaken  in  support  of  the  composite  cradle 
development .As  of  this  time,  the  basic  concept  has  been  subjected  to 
over  150%  limit  loading  statically  together  with  simulated  firing 
loading  at  limit  load,  representative  of  20,000  rounds;  in  addition, 
except  for  the  trunnion ( rear  end  of  cradle)  attachment  design,  all  of 
the  details  of  the  MTL  design  have  been  subjected  to  static  structural 
verification  loading  to  considerably  greater  than  150%  of  limit  load 
and  have  proven  more  than  adequate. 

The  following  is  a  review  of  various  aspects  of  the  Composite  Cradle 
Development. 

Concept  Formulation 

The  original  design  for  the  M102  howitzer,  an  all-aluminum  concept, 
was  developed  in  the  pre-Vietnam  era  of  the  early  1960 's.  The  current¬ 
ly  fielded  version  of  the  aluminum  cradle  which  is  generally  similar 
to  the  MTL  composite  version  weighs  81  lbs.  For  the  composite  cradle, 
expectations  are  that  the  final  weight  will  be  less  than  60  lbs, 
possibly  as  low  as  55  lbs,  although  detailing  is  not  yet  complete. 

The  construction  of  the  aluminum  cradle  involves  extruded  shapes  which 
are  welded  up  to  form  a  box  construction  that  is  quite  similar  to  the 
"U"  and  "V"  inner  and  outer  walls  of  the  composite  cradle.  In  addi¬ 
tion,  some  aluminum  versions  include  tubular  members  welded  into  the 
lower  U-wall  corners  similar  to  the  tubes  seen  in  the  bottom  sketch  of 
Fig.  19,  although  in  the  aluminum  cradle  the  tubes  are  smaller  and  do 
not  contact  the  V  wall  as  they  do  in  the  MTL  design. 

It  is  obvious  that  since  the  MTL  cradle  was  intended  to  be  a  working 
model  which  would  fit  on  an  M102  howitzer  and  be  subjected  to  firing 
tests,  it  had  to  be  made  to  fit  the  same  attachment  points  as  the 
aluminum  cradle.  Accordingly,  it  was  felt  to  be  useful  to  copy  as  many 
features  of  the  latter  as  possible.  For  example,  many  of  the  overall 
dimensions  are  close  to  those  of  the  aluminum  cradle.  This  highlights 
the  well  recognized  difficulty  of  retrofitting  an  existing  system  with 
composite  hardware.  In  particular,  some  of  the  major  challenges 
encountered  with  the  composite  cradle,  mainly  those  having  to  do  with 
loads  on  attachment  points,  could  have  been  avoided  in  a  totally 
redesigned  howitzer,  although  they  served  to  provide  a  good  model  for 
the  usual  activities  involved  in  a  composite  hardware  development 
effort. 
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The  construction  for  the  MTL  composite  cradle,  as  summarized  in  the 
upper  right  part  of  Table  10,  includes  (1)  autoclave  molded  inner  and 
outer  walls  of  Hercules  AS-4/3501  prepreg  in  a  quasi-isotropic 
layup;  (2)  filament  wound  tubes  (wet  wound  [±15/±45/±15/90]g  Hercules 

As-4  epoxy)  which  were  large  enough  in  diameter  to  bridge  the  gap 
between  the  U  and  V  walls; (3)  autoclave-molded  channels  of  AS-4/3501 
which  were  reinforced  predominately  90  degrees  to  the  long  axis  to 
provide  high  bending  stiffness  and  strength  at  the  corners  (to  provide 
strength  for  the  uplift  loads  shown  in  Fig.  20  and  21)  and  ;(4)  a  foam 
insert  seen  in  the  section  (lower)  view  of  Fig.  19,  to  provide  re¬ 
straint  against  local  bucJcling  of  the  lower  U  wall  surface  under 
column  loading  of  the  cradle  by  recoil  loads.  The  channels  together 
with  the  U  and  V  walls  were  laid  up  as  separate  pieces  over  aluminum 
tooling  and  autoclave  cured.  The  final  component  consisting  of  the  U 
wall,  tubes,  V  wall  and  channels  were  assembled  by  bonding  with 

TABLE  10 

DESCRIPTION  OF  CRADLE  EFFORT 


DESIGN 


FABRICATION 


•  CONCEPT  SELECTION 

•  ATTACHMENT  DESIGN 

-FRONT  END 

-ELEVATION  ATTACHMENT 
-TRUNNION  ATTACHMENT 

•  PATRAN/ABAQUS  ANALYSIS 


•  AS4-3501-6  OVERALL, 

ALUMINUM  ELEVATION  BRACKET  INSERTS, 
GLASS  EPOXY  TRUNNION  ATTACH  DOUBLER 

•  DOUBLE  WALL  COMPOSITE  LAYUP 

-FILAMENT  WOUND  TUBULAR  ELEMENTS, 
-BONDED  ASSEMBLY 

•  BOLTED  ELEVATION  BRACKET  CONCEPT 


TESTING 


•  LIVE  FIRE  TESTING  OF  Ml 02  FOR  DYNAMIC  LOADS 

ASSESSMENT 

•  IN  HOUSE  TESTING  OF  SUB-LENGTH  COMPONENT 

-STATIC  COLUMN  LOADING  (150%  OF  LIMIT  LOAD 
VERIFIED) 

-CYCLIC  COLUMN  LOADING  (LIMIT  LOAD) 
-ELEVATION  BRACKET  VERIFICATION  TESTING 
(200%  OVERLOAD,  NO  FAILURE) 


•  "COUPON"  TESTING 

-BOLTED  JOINTS  FOR  ELEVATION  BRACKET 
-UPLIFT  LOADS  ON  GRAPHITE  EPOXY  CHANNELS 
-FRONT  END  CONCEPT  VERIFICATION  (ACHIEVED 
>  200%  OF  LIMIT  LOAD) 


American  Cyanimide  FM97  film  adhesive.  In  the  most  recent  version  of 
the  cradle  design,  the  U  wall,  V  wall  and  tubes  are  0.062"  thick  while 
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the  webs  and  upper  flange  of  the  channels  are  0.28",  with  the  lower 
flange  tapered  from  0.56"  at  the  web  to  0.28"  at  the  free  edge. 


The  use  of  the  foam  insert  shown  in  the  section  view  of  Fig.  19  was 
found  to  be  necessary  to  avoid  under-strength  buckling  resistance  of 
the  lower  U-wall  surface.  Fig.  23  illustrates  the  situation  under 
consideration.  A  classical  buckling  analysis  was  performed  to  deter¬ 
mine  the  spring  constant  of  the  insert  required  to  force  a  full  sine 
wave  buckling  pattern  in  the  lateral  direction,  i.e.  the  middle 
pattern  shown  in  Fig.  23.  A  half  wave  pattern  which  would  have 
resulted  in  the  absence  of  a  restraint  (upper  buckling  pattern  of  Fig. 
23)  would  have  lowered  the  buckling  strength  to  an  intolerably  low 
level.  However,  by  forcing  a  pattern  with  zero  displacement  along  the 
mid-span  axis,  more  than  adequate  strength  against  local  buckling  can 
be  anticipated.  The  spring  restraint  indicated  along  the  mid-span  line 
of  the  lower  surface  in  Fig.  23  would  produce  either  the  lower  sym¬ 
metric  buckling  pattern,  or,  for  excessively  large  spring  stiffness, 
the  antisymmetric  middle  pattern  of  Fig.  23. 

Since  the  cradle  walls  were  quasi-isotropic,  the  analysis  follows  that 
outlined  by  sect.  9.4  of  Timoshenko  and  Gere[3]  for  isotropic  plates, 
(although  this  is  not  strictly  correct  since  the  quasi-isotropic 
laminate  will  not  quite  be  isotropic  in  bending  properties  as  a  rule) 
and  leads  to  a  buckling  deflection  pattern  given  by 
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(13) 


X  =  lateral  coordinate  (see  Fig.  23) 
z  =  axial  coordinate  along  cradle 
X  =  axial  half-wave  length  of  buckling  pgittern 
and  where  a  and  |3  are  related  to  the  applied  compression  load  as 
follows: 

P  =  {[(a  )  t/E')12A^/Ti^t^]^/^-l}^^^ 

Z  C  XT 


in  which 
with 


a  =  (p^+2)^/^ 

E'  =  E/(l+v^) 

E,  V  =  Young's  modulus  and  Poisson  ratio  for 
assumed  isotropic  plate 


As  in  the  the  discussion  related  to  Table  8,  the  critical  compressive 
stress,  a  )  can  be  expressed  in  terms  of  the  square  of  the 
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thickness-to-span  ratio  of  the  lower  surface  as  follows: 

a,)^^  =  k(12/Ti^)E(t^/b^)  (14) 

in  which  k  is  a  parameter  expressing  the  effect  of  restraint  on  the 
plate;  for  example,  for  the  long  strip  with  simply  supported  edges  and 
no  center  restraint  (upper  buckling  pattern  of  Fig.  23)  we  get  the 
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well-known  result  of  k=4,  while  for  the  antisyinmetric  pattern  (middle 
pattern  of  Fig.  23)  we  get  k=16.  The  intent  of  the  foam  insert  is  to 
force  a  pattern  comparable  to  the  lower  pattern  in  Fig.  23  for  which  k 
is  at  least  16.  The  effect  of  the  spring  constant  produced  by  the  foam 
for  vertical  deflection  of  the  lower  surface  can  be  expressed  in  terms 
of  a  parameter  A,  given  by 


with 
in  which 


A  =  24X^K^/ti^E' t^ 
=  E^h^/w^ 


(15.1) 

(15.2) 


E^  =  Young's  modulus  of  foam 

h^,  w^  =  height  and  width  of  foam  insert  (as  seen 
in  the  section  view  of  Fig.  19) 

The  relationship  between  k  and  A  is  indicated  in  the  curve  at  the 
bottom  of  Fig.  23.  The  bottom  line  of  the  design  effort  for  the  foam 
is  to  determine  a  value  of  the  foam  restraint  parameter.  A,  which 
produces  a  k  value  of  at  least  16,  i.e.  comparable  to  that  for  the 
antisymmetric  pattern,  which  represents  the  highest  value  that  can  be 
achieved  with  a  line  of  restraint  along  the  center  line  of  the  lower 
wall,  since  for  values  of  A  producing  higher  k  values,  the 
antisymmetric  pattern,  being  of  lower  k,  would  prevail.  The  curve  of  k 
vs.  A  shown  in  Fig.  23  indicates  that  a  value  of  A  equal  to  16  will 
produce  a  k  value  of  16  and  represents  the  appropriate  design 
condition. 


In  the  aluminum  cradle  an  internal  bulkhead  is  present  at  the  location 
of  the  foam  insert;  it  was  found  cost  effective  in  terms  of  manufac¬ 
turing  labor  and  tooling  to  use  the  foam  for  this  purpose  in  the  case 
of  the  composite  cradle,  however. 


Generally,  speaking,  the  overall  configuration  constitutes  a  sandwich 
concept  with  the  tubes  acting  as  the  core.  In  addition,  considerable 
extra  strengthening  is  provided  by  the  channels  due  to  their  relative¬ 
ly  heavy  gage.  The  latter  served  as  particularly  vital  elements  for 
bolted  connections  which  were  used  in  the  elevation  and  trunnion 
attachments . 

The  front  end  assembly  seen  at  the  left  side  of  Fig.  22  and  in  detail 
in  Fig.  23,  was  possibly  the  most  crucial  feature  of  the  cradle 
design.  The  flat  end  plate  used  in  the  early  version  of  the  cradle 
shown  in  Fig.  19  for  reacting  the  recoil  loads  led  to  insurmountable 
problems.  The  nature  of  the  situation  is  illustrated  schematically  in 
Fig.  24.  This  model  represents  a  beam  supported  on  four  springs  which 
represent  the  inner  and  outer  walls  of  the  cradle  in  terms  of  axial 
deflection  with  respect  to  the  long  axis  of  the  cradle. If  the  inner 
springs  are  stiff  relative  to  the  bending  stiffness  of  the  part  of  the 
beam  lying  between  them,  then  the  beam  will  deform  as  shown  in  Fig. 

24,  with  reverse  deflection  at  the  outer  springs.  Not  only  do  the 
outer  springs  not  support  compressive  load,  but  they  develop  tension 
if  their  connection  with  the  beam  remains  intact,  leading  to  extra 
compressive  load  on  the  inner  springs.  A  simple  analysis  in  which  the 
end  plate  is  modelled  as  a  beam  and  the  U  and  V  walls  are  treated  as 
springs  shows  that  they  are  too  rigid  under  axial  load  to  deform 
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enough  to  prevent  pull-away  at  the  outer  edge.  When  this  happens,  all 
load  is  born  by  the  V  wall.  It  was  desirable  to  have  a  loading  system 
which  would  load  both  walls,  in  addition  to  the  tubes,  so  that  the 
full  structural  capability  of  the  structure  was  available.  It  was 
estimated  that  an  aluminum  plate  3"  thick  (and  weighing  15  lbs.)  would 
have  been  required  to  provide  a  workable  end  plate. 

The  final  front  end  design  which  constituted  an  edge-loaded  plate  beam 
gave  completely  satisfactory  structural  capability  for  this  require¬ 
ment.  It  took  advantage  of  the  in-plane  loading  capability  of  compos¬ 
ite  plates,  as  opposed  to  the  transversely  loaded  end  plate  in  which 
the  composite  is  loaded  in  its  weakest  mode.  In  the  aluminum  cradle 
design,  what  was  essentially  a  flat-plate  front  end  with  a  center 
buildup  for  accepting  bearing  loads  is  made  workable  by  the  use  of 
horizontal  corner  gussets  which  serve  as  interior  buttresses  to  the 
front  end.  For  the  composite  cradle,  the  plate-beam  approach  was  found 
to  be  the  most  attractive  fix  to  the  problems  generated  by  attempts  to 
use  unsupported  transversely  loaded  end  plates,  since  introduction  of 
any  kind  of  gussets  of  the  type  used  in  the  aluminum  cradle  did  not 
appear  to  be  feasible. 

An  important  feature  of  the  plate  beam  is  seen  in  Fig.  23  (side  view). 
The  plates  were  slotted  at  their  lower  edges  where  they  bear  on  the 
front  end  of  the  cradle.  This  insures  that  the  load  will  be  introduced 
at  the  outer  edges  of  the  front  end,  since  any  deflection  of  the 
plates  under  recoil  load  will  fail  to  allow  contact  at  the  inner  part 
of  the  front  end. 

The  elevation  mechanism  attachments  were  originally  thought  to  be 
subjected  only  to  dead  weight  loading  by  the  gun  and  recoil  mechanism, 
and  were  intended  to  be  of  bonded  construction.  As  discussed  below, 
instrumented  firing  tests  on  the  M102  howitzer  showed  that,  severe 
dynamic  loads  are,  in  fact,  present  in  the  elevation  brackets  which 
make  bonded  attachment  impractical.  The  final  design  involved  bolting 
the  aluminum  inserts  to  the  channels.  Testing  to  be  described  later 
showed  that  the  bolted  connections  were  more  than  adequate  structural¬ 
ly. 

The  trunnion  bracket  attachment  is  similar  to  that  used  on  the  alumi¬ 
num  cradle,  i.e.  an  area  built  up  to  a  thickness  of  1"  at  the  rear  of 
the  cradle  to  which  the  trunnion  attachment  brackets  are  bolted. 


Loads 

Values  of  the  loads  shown  in  Fig.  20  (upper  sketch)  were  initially 
obtained  from  available  design  documentation  on  the  M102  howitzer.  The 
major  loads  correspond  to  the  recoil  load  which  is  reacted  at  the 
front  end  of  the  cradle.  This  results  from  withdrawal  of  a  piston  from 
the  hydraulic  recoil  cylinder  which  is  attached  to  the  underside  of 
the  gun  tube  and  moves  rearward  with  it  during  recoil.  Note  that  the 
system  has  to  be  moment-free  at  the  trunnion  pivot  point,  so  that  the 
moment  generated  from  the  offset  of  the  recoil  load  with  respect  to 
the  center  of  the  trunnion  axis  has  to  be  reacted  between  the  gun  and 
cradle,  resulting  in  a  tendency  toward  transverse  loads  passed  between 
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them  through  the  rails  attached  to  the  gun  and  the  channels  (''ways") 
of  the  cradle,  seen  in  the  lower  sketch  of  Fig.  20.  The  location  of 
the  uplift  loads  is  clarified  in  Fig.  21  which  shows  that  the  uplift 
load  is  initially  located  at  the  forward  edge  of  the  cradle,  and 
remains  there  until  the  forward  edge  of  the  rails  has  moved  past  the 
forward  end  of  the  cradle,  at  which  point  the  uplift  load  position 
moves  rearward  with  the  forward  edge  of  the  rails. 

One  feature  which  was  discovered  in  the  course  of  the  effort  was  that 
of  dynamic  loading  in  the  elevation  attachment.  The  available  documen¬ 
tation  indicated  that  only  static  loading  of  the  cradle  corresponding 
to  dead  weight  loading  by  the  gun  tube  was  present  in  the  elevation 
mechanism  attachment.  The  configuration  of  the  gun  relative  to  the 
cradle,  with  the  center  line  of  the  gun  passing  through  the  trunnion 
pivot  axis,  led  to  the  assumption  that  dynamic  moments  due  to  the 
offset  of  the  recoil  load  from  the  trunnion  were  accommodated  by 
self-equilibrating  forces  between  the  rails  and  channels. 

However,  firing  tests  conducted  with  the  elevation  and  trunnion 
attachment  brackets  instrumented  with  strain  gages  showed  that  there 
were,  in  fact,  severe  dynamic  loads  present  in  the  elevation  brackets. 
It  was  eventually  concluded  that  these  were  due  to  "give"  of  the 
channel  flanges  which  allowed  enough  downward  movement  of  the  gun  to 
take  place  early  in  the  recoil  cycle  to  cause  the  gun  to  bear  against 
the  elevation  strut.  Since  the  latter  are  much  more  rigid  than  the 
channel  flanges,  the  lateral  loads  indicated  in  Fig.  20  do  not  ini¬ 
tially  develop,  so  that  the  moment  about  the  pivot  has  to  be  taken  out 
through  the  elevation  bracket.  This  raises  the  loads  in  these  brackets 
from  about  1500  lbs  for  assumed  dead-weight  loading  to  over  6000  lbs 
of  dynamic  loading.  The  latter  value  was  finally  assumed  as  the  design 
limit  load. 

An  additional  point  with  regard  to  the  lateral  loads  on  the  cradle  is 
the  role  they  play  in  the  structural  response  of  composite  channels. 

As  seen  in  the  lower  sketch  of  Fig.  20,  uplift  of  the  gun  rails 
against  the  channel  flanges  invokes  special  concern  about  their 
ability  to  sustain  the  resulting  bearing  loads,  since  we  are  dealing 
with  a  composite  plate  loaded  transversely,  i.e.  in  its  weakest  direc¬ 
tion.  This  issue,  as  with  several  similar  ones  having  to  do  with 
attachment  design,  led  to  the  need  for  careful  testing  of  various ^ 
components  for  their  ability  to  resist  bearing  loads  associated  with 
attachment  performance. 

Design  Analysis 

Much  of  the  design  could  be  carried  out  without  extensive  finite 
element  analysis.  The  buckling  analysis  mentioned  previously  in 
connection  with  the  foam  insert  connecting  the  lower  U  wall  face  to 
the  trough  of  the  V  wall  is  an  example  of  the  type  of  effort  encoun¬ 
tered  in  the  early  stages.  Later  in  the  effort  considerable  modelling 
was  done  using  PATRAN  (PDA  Engineering)  in  combination  with  the  ABAQUS 
(Hibbitt,  Karlson  &  Sorenson,  Inc.)  general  purpose  finite  element 
code.  This  was  particularly  useful  for  evaluating  details  around  the 
trunnion  attachment  doubler.  In  the  course  of  the  program,  finite 
element  analyses  were  carried  out  to  check  special  details  of  the 
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cradle  design,  including: 


•RESPONSE  OF  THE  CRADLE  STRUCTURAL  CONCEPT  IN  THE  VICINITY 
OF  THE  TRUNNION  BRACKET 

•RESPONSE  OF  THE  UPPER  CHANNEL  FLANGES  TO  UPLIFT  LOADS 
BY  THE  RAILS 

•STRENGTH  ANALYSIS  OF  THE  FRONT  END  PLATE  BEAM  FOR  EDGE 
LOADING  OF  THE  PLATES 

Fig.  25  illustrates  two  of  the  FE  analyses  which  were  carried  out.  A 
sublength  model  of  the  overall  structure  (lower  sketch)  was  developed 
using  PDA  Engineering's  PATRAN  preprocessor  capability  and  solved  on 
ABAQUS  ,  followed  by  postprocessing  with  PATRAN.  The  main  interest  was 
to  investigate  the  extent  to  which  stress  concentrations  were  present 
around  the  trunnion  attachment.  A  simulated  doubler  using  high¬ 
stiffness  plates  with  transverse  bar  elements  for  connection  to  the 
cradle  body  were  used  to  avoid  the  need  for  a  detailed  description  of 
load  introduction  from  the  trunnion  bracket.  Results  of  the  analysis 
indicated  that  the  stress  concentrations  were  not  severe  enough  to  be 
of  special  concern.  A  problem  of  particular  interest  in  this  regard 
has  to  do  with  load  diffusion  from  the  doubler  region  to  the  main 
cradle  structure.  In  view  of  the  relative  massiveness  of  the  channel, 
it  is  visualized  that  most  of  the  load  should  go  directly  into  the 
channel  from  the  doubler.  How  the  load  diffuses  from  the  channel  into 
the  U  wall,  V  wall  and  tubes  remained  an  issue.  The  problem  is  some¬ 
what  aggravated  because  of  a  horizontal  lateral  offset  of  the  load 
from  the  trunnion  bracket  which  leads  to  opposing  side  moments  on  the 
two  doublers.  Again,  the  plate  and  bar  model  for  the  doubler  was  used 
to  focus  attention  on  this  mode  of  behavior  and  to  clarify  whether  or 
not  high  stresses  would  result  in  the  thin  gage  structural  elements  of 
the  cradle.  As  stated  above,  the  stresses  were  found  to  be  manageable 
for  this  type  of  behavior. 

The  analysis  indicated  in  the  upper  sketch  of  Fig.  26  highlights  a 
concern  with  localized  bearing  loading  of  the  channel  flanges.  Several 
phenomena  are  generated  by  loading  of  the  flanges  by  the  rails: (1) 
considerable  upward  deflection  of  the  flanges  (as  much  as  0.2"  for 
ultimate  loads)  due  to  bending  of  the  channel  webs: (2)  corresponding 
to  the  deflection  of  the  flanges  is  a  concern  about  bending  stresses 
near  the  corners  of  the  channel  where  the  flanges  contacts  the  webs; 

(3)  as  illustrated  in  Fig.  21,  the  forward  ends  of  the  rail  recede 
past  the  front  ends  of  the  channels  in  the  later  stages  of  the  recoil 
stroke;  in  that  situation  the  uplift  loads  are  produced  by  an  0.5" 
radius  fillet  making  up  the  front  edge  of  the  rails,  leading  to  the 
possibility  of  punch-through  of  the  flange  by  the  rail.  One  phase  of 
the  testing  program  (discussed  below)  involved  a  simulation  of  this 
action  by  pressing  of  an  0.5"diameter  steel  pin  against  the  flange  and 
determining  if  bearing  failure  (i.e.  punch  through)  could  be  expected. 
The  FE  analysis  of  this  issue  was  somewhat  sketchy  as  it  was  eventual¬ 
ly  realized  that  a  3d  stress  analysis  was  needed  to  get  credible 
results  for  this  kind  of  loading,  and  the  time  was  felt  to  be  more 
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effectively  spent  by  the  simulated  loading  test.  However,  the  flange 
deflection  results  were  important  in  terms  of  highlighting  the  inabil¬ 
ity  of  the  flanges  to  resist  downward  motion  of  the  gun  in  the  early 
stages  of  recoil,  thereby  allowing  the  earlier  discussed  tendency  for 
dynamic  loading  of  the  elevation  bracket  to  occur.  In  addition, 
results  having  to  do  with  bending  stresses  at  the  root  of  the  flanges 
are  shown  in  Fig.  27.  Here  a  plot  of  stress  concentration  with  respect 
to  beam  bending  stresses  in  the  webs  vs. fillet  radius  of  the  flange- 
web  corner  is  shown.  This  illustrates  the  selection  of  a  minimum 
radius  shown  by  the  vertical  dashed  line  in  Fig.  27  which  was  chosen 
for  the  channel  design.  In  addition  to  providing  a  selection  of  the 
fillet  radius,  the  analytical  results  provided  motivation  for  select¬ 
ing  a  stacking  sequence  in  the  channels  in  which  the  fibers  were 
predominately  vertical  in  the  channel  webs,  i.e.  normal  to  the  long 
axis  of  the  cradle. 

For  the  other  analysis  mentioned  above,  no  details  will  be  given  here, 
but  it  should  be  mentioned  that  the  design  of  the  plates  used  for  the 
front  end  plate  beam  was  thoroughly  checked  by  2d  stress  analyses  on 
p]_3^tes  of  various  shapes  under  edge  loads  comparable  to  those  the 
front  end  is  expected  to  see,  i.e.  an  edge  loaded  plate  with  the  load 
over  a  narrow  central  band  and  two  opposing  supports.  The  results 
indicated  that  a  rectangular  plate  of  0.4"  thick  x  12.75"  long  x  3.75' 
deep  (see  Fig.  24  for  the  comparable  dimensions)  was  more  than  ade¬ 
quate  for  sustaining  the  recoil  loads.  A  limited  effcprt  aimed  at 
optimizing  the  shape  of  the  plates  led  to  the  selection  of  platss 
having  inclined  lateral  edges  for  minimum  weight,  although  this  was 
somewhat  academic  since  the  weight  saving  with  respect  to  a  rectangu¬ 
lar  plate  was  minor  when  compared  with  the  total  cradle  weight. 

Testing  Effort [13, 14] 

The  testing  effort  which  was  carried  out  on  the  M102  composite  cradle 
is  described  in  the  lower  part  of  Table  10.  The  effort  was  divided 
between  "coupon"  testing[13]  which  included,  in  addition  to  routine 
material  property  evaluation,  testing  of  a  number  of  details  of  the 
cradle  design,  such  as: 

•  Structural  verification  testing  on  the  front  end  plate 
beam  (Fig.  22,28) 

•  Tests  for  bearing  strength  of  the  channels  used  for  the 

V\7ays  to  insure  that  there  was  sufficient  corner 
strength  for  bend  loading  due  to  the  uplift  loads,  in 
addition  to  strength  against  punch-through  for  the 
0.5"  radius  of  the  forward  edge  of  the  rails  (Fig.  29) 

•  Bolted  joint  coupon  specimens  (Fig. 22, 30)  related 

to  design  of  the  elevation  attachment,  INCLUDING  SPECIMENS 
DESIGNED  TO  CHECK  FOR  HEAD  PULL-THROUGH  STRENGTH  with 
flush  head  fasteners 

•  Structural  verification  testing  of  the  bolted  elevation 
bracket  assembly  (Fig.  22) 

*Reports  in  preparation  (see  REFERENCES) 
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and  the  testing  outlined  in  Table  10  which  had  to  do  with  evaluation 
of  a  sub-length  version  of  the  cradle  prototype[14]  (Fig.  31-34).  In 
that  effort  (described  in  detail  in  Fig.  32),  static  testing  to  150% 
of  required  limit  load  (limit  load  =  24,000  lbs  of  axial  load)  applied 
statically,  in  addition  to  100%  of  limit  load  aplied  dynamically, 
using  the  test  machine  seen  in  the  photograph  of  Fig.  31,  were  ap¬ 
plied.  The  dynamic  load  pulse  seen  in  Fig.  34  which  was  well  within 
the  capability  of  the  test  machine,  represents  a  worst-case  scenario 
since  it  represents  a  steady  load  equal  to  the  peak  expected  recoil 
load,  whereas  as  discussed  previously,  a  practical  recoil  load  pulse 
would  show  considerable  droop  over  the  width  of  the  pulse.  The  pulse 
width  of  approximately  0.1  sec  is  representative  of  a  typical  recoil 
mechanism,  however.  In  these  tests,  multiple  strain  gaging  (see  strain 
gage  array  described  in  Fig.  33)  was  emphasized.  Data  collection  was 
implemented  with  a  computerized  system  (Optim  Electronics)  capable  of 
reading  20,000  channels/sec,  either  singly  or  disbursed  among  a  number 
of  instrumentation  outputs. 

Among  the  significant  results  of  the  test  effort  are  the  following: 

•  As  indicated  previously,  structural  testing  results  indicated 
that  the  design  details  have  been  more  than  satisfactorily  addressed, 
other  than  those  of  the  trunnion  bracket  attachment  area  at  the  rear 
of  the  cradle.  Preliminary  calculations  indicate  that  there  is  more 
than  adequate  strength  available  in  that  area  since  the  constraints  of 
the  design  allow  for  about  a  1"  buildup  of  the  structure  in  that  area 
without  incurring  either  violation  of  dimensional  requirements  or 
significant  weight  penalty.  However,  verification  testing  of  the 
trunnion  bracket  attachment  to  confirm  the  final  design  is  a  vital 
step. 


•  Static  and  dynamic  testing  of  the  24"  long  sublength  model  of 
the  cradle  indicates  that  the  components  fit  well  together  in  provid¬ 
ing  vital  structural  integrity.  In  particular,  the  20,000  round 
simulated  firing  test  indicated  that  no  special  problems  will  arise  in 
the  gun  firing  environment,  and  that  static  bench  testing  is  reason¬ 
ably  representative  of  what  the  cradle  will  experience  dynamically. 

•  The  front-end  plate  beam  appears  to  be  a  very  attractive 
concept  for  avoiding  the  problems  that  arose  in  the  original  flat 
plate  front  end. 

Future  Plans 

The  design  of  the  composite  cradle  for  the  M102  howitzer  appears  to  be 
successful  at  this  point,  and  no  new  problems  are  anticipated.  At  the 
present  time  the  M102  cradle  effort  is  dormant  due  to  funding  con¬ 
straints.  The  following  is  a  description  of  the  effort  which  is  needed 
to  complete  the  program. 

In  order  to  complete  the  design,  detailed  testing  to  confirm  the 
trunnion  attachment  design  is  needed.  Once  that  is  accomplished, 
construction  of  a  full-scale  prototype  with  attachments  installed 
needs  to  be  undertaken,  followed  by  in-house  static  and  simulated 
firing  tests  to  insure  that  the  integrated  structure  does  not  incur 
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unanticipated  problems.  With  the  design  adequately  confirmed,  effort 
be  undertaken  to  allow  for  installation  on  an  M102  howitzer, 
involving  primarily  precision  machinging  of  required  mating  points 
with  respect  to  the  howitzer.  (This  will  include  installation  of 
appropriate  bearing  strips  to  allow  proper  recoil  motion  of  the  gun.) 
The  effort  will  culminate  in  live  firing  tests  of  the  howitzer  to 
demonstrate  the  structure  under  in-use  conditions. 


CONCLUSIONS 

The  MTL  effort  shows  that  many  opportunities  exist  for  applying 
composites  to  the  lightening  of  artillery,  and  results  indicate  that 
no  insurmountable  technical  barriers  to  fabricating  these  components 
from  composites  will  be  encountered.  The  usual  questions  enccpuntered 
at  the  end  of  any  technical  feasibility  study  for  demonstrating  the 
application  of  composites  to  military  hardware,  related  to  damage 
tolerance,  repairability  and  cost  penalties  remain  to  be  addressed. 

Although  the  emphasis  of  efforts  to  date  at  lightening  of  artillery  ^ 
has  been  on  non-recoiling  parts,  considerable  headway  has  been  made  in 
the  ARDEC  contractual  effort  to  indicate  a  number  of  attractive 
solutions  to  the  stability  problem  which  should  allow  greater  emphasis 
on  lightening  of  recoiling  parts,  including  the  gun  tube,  breech 
mechanism  and  recoil  energy  absorption  system.  Current  efforts 
indeed  underway  by  one  contractor.  Royal  Ordnance,  to  exploit  the 
curvilinear  recoil  path  concept  introduced  by  BMY  as  part  of  the  ARDEC 
program. 

The  future  for  application  of  particulate  reinforced  metal  matrix ^ 
composites  to  the  lightening  of  weapons  in  general  and  artillery  in 
particular  looks  reasonably  bright.  Significant  strides  appear  to  have 
been  made  in  overcoming  drawbacks  related  to  low  fracture  toughness 
and  structural  integrity,  and  although  not  of  as  great  technical 
benefit  as  filament  wound  MMC's,  the  discontinuously  reinforced 
materials  avoid  the  cost  penalties  of  the  fiber  reinforced  metals 
which  can  be  extreme  in  today's  technological  environment. 

Although  the  Army  effort  toward  lightening  of  artillery  through 
application  of  advanced  materials  has  been  at  a  relatively  low  level 
in  the  recent  past,  concrete  continuing  interest  has  been  demonstrated 
on  the  part  of  the  Marines  by  their  funding  of  a  program  to  evaluate  a 
8900  lbs  155mm  howitzer,  primarily  titanium,  designed  an  built  by 
Vickers.  There  is  an  indication  that  the  effort  will  be  revived  more 
generally  in  the  early-to-mid  90 's.  In  the  meantime,  programs  such  as 
those  which  have  been  conducted  by  MTL  and  ARDEC  will  have  pointed  the 
way  to  early  solution  of  important  problem  areas. 
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sis),  P.  Cavallaro  (Structures  and  Test  Design  Engineering),  G.  Piper 
(Testing  and  Fabrication  Liason)  and  J.  de  Luca,  together  with  S. 
Ghiorse  (Fabrication  Engineering) .  A  number  of  other  individuals 
provided  support  for  the  major  part  of  assembly  structural  testing, 
including  W.  Crenshaw,  W.  Bethoney  and  R.  Pasternak. 

The  excellent  effort  at  Oak  Ridge  National  Laboratory  was  managed  by 
G.  T.  Yahr,  with  the  support  of  collegues  R.  C.  Gwaltney,  C.  R. 

Lutrell  and  J.  Mayhall  (design,  material  tradeoff  studies  and  finite 
element  analysis  )  together  with  D.  O'Connor  who  conducted  important 
testing  effort  on  the  MTL  rollbar  material  concept. 

The  Benet  Laboratory  effort  (design  and  fabrication  of  braided  trails) 
was  conducted  by  P.  O'Hara,  T.  O'Brien,  K.  Miner  and  P.  Wheeler,  under 
the  direction  of  G.  Friar.  Important  Management  support  at  Benet  was 
provided  by  Dr.  G.  D' Andrea. 

Advise  and  consultation  by  a  number  of  individuals  of  the  Future 
Weapons  Branch  at  Picatinny  Arsenal  Dover  NJ  (ARDEC)  has  to  be  like¬ 
wise  acknowledged.  These  include  R.  Becker,  H.  Liberman,  N.  Lionetti 
and  S.  Floroff. 

Finally,  the  extensive  help  provided  by  personnel  of  the  US  Army 
Ballistic  Research  Laboratory  (BRL)  including  Rick  Murray  and  Ned 
Patten  under  the  direction  of  Dr.  Bruce  Burns,  in  conducting 
instrumented  firing  tests  on  the  Ml 02  howitzer  for  the  purpose  of 
evaluating  elevation  bracket  loads,  is  gratefully  acknowledged. 


REFERENCES 

1.  Oplinger,  D.  W.  ARMY  OVERVIEW,  FOURTEENTH  ANNUAL  AIR  FORCE 
MECHANICS  OF  COMPOSITES  REVIEW,  Dayton  OH,  (Oct.  1989). 

2.  Haskell,  W. ,  "COMPOSITE  STRUCTURAL  ARMOR  FOR  COMBAT  VEHICLE 
APPLICATIONS",  EIGHTH  CONFERENCE  ON  FIBROUS  COMPOSITES  IN 
STRUCTURAL  DESIGN,  Norfolk,  VA,  (Nov.,  1989) 

3.  Timoshenko,  S.  and  Gere,  J. ,  THEORY  OF  ELASTIC  STABILITY,  Me  Graw 
Hill  (1961) 

4.  Lekhnistkii,  S.  ANISOTROPIC  PLATES,  Gordon  and  Breach  (1968) 

5.  Gwaltney,  R.  Oak  Ridge  National  Laboratory  Report  ORNL/TM  10401 

(1987) 


6.  Contract  DAAG46-85-C-0059 ,  "Computer  Controlled  Resin  Impregnation 
for  Composite  Braiding",  US  Composites  Corp. 


77 


7. 


^  • 

Private  conununication,  DWA  Composite  Specialties,  INC  to  D. 

Oplinger,  1987 

8.  Contract  DAAG46-82-C-0031 ,  DWA  Composite  Specialties,  INC.  (1982) 

9.  Muldoon,  R.  "Ballistic  Protection  Provided  by  DWAL  Aluminum  Metal 
Matrix  Composite  Plate  when  Disposed  at  Normal  Obliquity  to 
Assault  by  CAL  o.30  AP-M2  Projectile",  MTL  Technical  Report  MTL  TR 
87-34  (1987) 

10.  Harrigan,  W.  "Metal  Matrix  Materials  for  Improved 

Ballistic  Toughness",  MTL  Technical  Report  MTL-TR-89-106  (1989) 

11.  Nardone,  V.  C.,  Annual  Contract  Report#2,  Contract 
N00014-87-C-0406 ,  United  Technologies  Research  Laboratory  (1989) 

12.  Gandhi,  K.  et  al,  "Light  Weight  Composite  Rollbar  for  Army  Towed 
Howitzer",  Proceedings  of  36th  International  SAMPE  Conference 
(November  1990) 

13. **  Piper,  G.  "Mechanical  Testing  Support  for  the  M102  Composite 

cradle"  (1990) 

14. **  Cavallaro,  P.  C.  et  al  , "Structural  Testing  Efforts  for  M102 

Howitzer  Sub-length  Composite  cradle"  (1990) 


Reference  not  available 

MTL  Technical  Reports  in  preparation 


78 


CURRENT 

ARinr  CAPABILITY 


DESIRED 

CAPABILITY 


N198  ISSim  HOWITZER 
(16,000  LB) 


9000  LB  ISSiran 
LIGHT  HOWITZER 


Figure  1.  Objective  of  the  lightweight  howitzer  program 


(A)  M198  (155mm)  towed  howitzer 


(B)  Ml  02  (105mm)  towed  howitzer 
with  MTL  rollbar  attached 


Figure  2.  US  towed  howitzers  in  current  inventory 


(A)  Blackhawk  helicopter  in  airiift  operation 
with  Ml  02  howitzer 


(B)  Ml 09  self  propelled  howitzer 


Figure  3.  Howitzer  operations 
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Figure  6.  Towed  howitzer  supporting  structure 
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Figure  7.  Basic  physics  of  gun  recoil 
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Figure  8.  Typical  recoil  force-vs.-time  characteristic 
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STABILITY  CRITERION 
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Figure  9.  Relations  for  recoil  stability 
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Figure  10.  Benet  laboratory  graphite  overwrapped  gun  concept 


Loads  on  howitzer  trail 
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Figure  13.  ORNL  FE  analysis  results—buckling  analysis  of  Ml 98  trials 
(numerical  values  =  flange  bending  stress  at  buckling) 
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Figure  16.  Lower  carriage  tradeoff  studies 


Figure  17.  Modei  for  FE  study  of  MMC  iower  carriage 
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Figure  19.  MTL  composite  cradie  for  Ml  02  howitzer 
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Figure  22.  Detailed  design  effort  on  M102  composite  cradle 
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Figure  24.  Plate  beam  front  end  concept 
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Figure  25.  Model  for  visualization  of  flat  plate  front  end  support 
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FINITE  ELEMENT  MODEL  FOR 
CRADLE  STRESS  ANALYSIS 
(SUB-LBJGTH  MODEL) 


Figure  26.  Finite  element  analysis  models 
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Normalised  Stress  Cone.  Fac 


STRESSES  IN  THE  KNEE  REGION 


Root  Radius (In) 


Figure  27.  Stress  concentration  factor  vs.  corner  radius 
for  channei  uplift  loading 


Figure  28.  Post-test  view  of  failed  front-end  plate  beam 


Figure  29.  Test  fixture  for  channel  bearing  strength  determination 
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GRAPHITE  ENDPLATE' 


Figure  31.  Sublength  cradle  and  test  facility 


TEST  TYPE 


LOADING 


RESULTS 


fl  static 

Concentrated  load 
applied  to  graphite 
endplate. 

Graphite  endplate 
debonded  from  cradle 
at  10%  required  load. 

#2  Static 

Concentrated  load 
applied  to  1”  thick 

A1  6061-T6  plate  on  top 
of  graphite  endplate. 

Significant  plastic 
bending  deformation 
of  aluminum  plate. 

Max  load  =45  kips 

No  damage  to  cradle. 

#3  Static 

Platen  loading 

Max  load  =40  kips 

No  damage  evident. 

#4  Fatigue 

Platen  loading 

Cradle  withstood 
20,000  cycles  of 

simulated  firing. 


Max  load  =25  kips. 
No  deimage  evident. 


TEST  #1  TEST  «2  TEST  #3,4 

Figure  32.  Test  plan  for  sub-length  cradle  assembly  test 
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Figure  33.  Strain  gage  iayout  and  typicai  strain-vs.-ioad  resuits 
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Figure  34.  Cyclic  loading  test  results  and  typical  loading  pulse 
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THE  WEIGHT  OPTIMIZATION  OF  AN  ARMORED  CRASHWORTHY  CREWSEAT 
THROUGH  THE  USE  OF  ADVANCED  COMPOSITES  AND  DESIGN 


Howard  A.  Lindsay  and  Stephen  M.  Motoyama 
Simula  Inc. 

Phoenix,  Arizona 

Kent  F.  Smith 

Aviation  Applied  Technology  Directorate  (AATD) 
Fort  Eustis,  Virginia 


SUMMARY 

The  development  of  composites-related  technology  applicable  to  armored  crash- 
worthy  helicopter  crewseats  is  discussed.  The  main  objective  of  the  program 
was  to  achieve  a  significant  weight  reduction  relative  to  the  first- 
generation  seats  exemplified  by  the  UH-60A  and  the  AH-64A  designs.  This 
weight  reduction  was  achieved  while  maintaining  full  compliance  with  the  most 
recent  version  of  the  military  crashworthy  crewseat  specification, 
MIL-S-58095A.  The  technology  developed  during  this  effort  is  intended  to 
apply  to  the  next  generation  of  Army  helicopters,  such  as  LHX.  This  Small 
Business  Innovation  Research  (SBIR)  program  was  sponsored  by  the  U.S.  Army 
Aviation  Applied  Technology  Directorate  (AATD). 

INTRODUCTION 

Armored  crewseats  have  been  in  use  since  the  mid  1960's  when  AATD  (known  then 
as  AVLABS),  designed,  fabricated,  and  delivered  "bolt-on"  crewseat  armor  kits 
for  the  UH-1  and  OV-1  fleets  operating  in  the  Republic  of  Vietnam.  Since 
that  time  energy-absorbing  capability  has  been  added  to  crewseats  for  en¬ 
hanced  crash  survival.  The  U.S.  Army's  introduction  of  armored  energy¬ 
absorbing  crashworthy  crewseats  in  the  UH-60A  Black  Hawk  in  the  late  1970's 
ushered  in  a  new  era  of  aviator  protection.  The  energy  absorption  charac¬ 
teristics  of  these  seats  have  been  demonstrated  repeatedly  in  high-energy 
ground  impacts  in  which  injuries  were  prevented  and/or  lives  saved.  The 
AH-64A  Apache  has  been  fielded  with  crashworthy  crewseats  having  even  more 
armor  protection  than  that  of  the  UH-60A  crewseats.  The  U.S.  Navy  has  led 
the  way  in  retrofitting  armored  and  unarmored  crashworthy  crewseats  in  some 
of  its  older  fleet  of  helicopters,  such  as  the  CH-53  A/D/E,  SH-3,  and  UH-1. 

The  U.S.  Army's  next  advanced  helicopter,  the  LHX,  is  to  achieve  rotorcraft 
superiority  in  the  late  20th  and  early  21st  centuries.  The  LHX  is  expected 
to  have  a  maximum  empty  weight  of  7,500  lbs  and  a  maximum  flyaway  cost  of 
$7.5  million,  based  on  FY  1988  dollars.  The  need  to  emphasize  weight  reduc¬ 
tion,  while  still  maintaining  high  levels  of  performance  at  reasonable  cost, 
is  clear. 

Anticipating  the  need  for  advanced  lightweight  armored  crewseats,  AATD  began 
the  Advanced  Crashworthy  Crewseat  (ACWCS)  program  in  1985.  Composite  materi¬ 
als  and  advanced  armor  technology  were  to  be  used  to  design  a  crashworthy 
crewseat  meeting  LHX  requirements.  The  program  demonstrated  that  weight 
savings  of  50  lbs  per  aircraft  (two  seats)  was  possible  when  compared  to 
current  UH-60A  and  AH-64A  crewseat  technology.  Many  of  the  advances  that 
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contributed  to  this  accomplishment,  and  particularly  those  implementing 
advanced  composites  technology,  are  described  in  this  paper.  The  focus  is  on 
the  general  design  approach  used  to  optimize  the  weight  of  the  ACWCS  design. 

DESIGN  APPROACH 

The  design  approach  entailed  examining  the  major  components  of  the  seat  and 
determining  which  components  might  be  optimized  through  the  use  of  advanced 
composite  materials.  Three  components--the  armored  bucket  liner,  guide  tube, 
and  main  strut--were  identified  for  optimization  and  will  be  detailed  in  this 
paper.  These  components  are  commonly  used  in  typical  armored  crashworthy 
crewseats,  such  as  the  one  for  the  UH-60A  Black  Hawk  shown  in  Figure  1.  The 
case  studies  include  a  discussion  of  the  multiple  (and  sometimes  conflicting) 
design  requirements  that  influenced  the  individual  components.  The  design 
requirements  which  applied  to  the  entire  seat  included  ballistic  performance, 
static  and  dynamic  structural  loading,  and  damage  tolerance. 

Armored  Bucket  Liner 

The  armored  bucket  liner  is  a  reinforced  composite  laminate  that  performs  two 
primary  functions.  The  first  is  to  stop  fragments  in  a  ballistic  impact,  and 
the  second  is  to  provide  the  main  load  path  for  reacting  the  occupant's 
inertial  loads  during  a  crash.  These  two  functions  result  in  drastically 
different,  and  often  conflicting,  design  requirements.  The  most  significant 
parameter  for  determining  the  liner's  configuration  involves  the  choice  of 
materials.  The  ballistic  requirement  for  the  armor  system  had  the  most  impact 
on  the  weight  of  the  liner,  and  also  influenced  the  design  of  the  liner  much 
more  than  the  structural  requirements.  The  threat  level  was  specified  as  that 
of  LHX,  as  defined  in  January  1988,  which  was  more  stringent  than  that  of 
either  the  UH-60A  or  AH-64A  crewseats. 

The  prime  consideration  in  the  design  of  the  armor  system  was  to  defeat  the 
specified  threat  and  provide  adequate  structural  capability  to  meet  the 
loading'conditions,  while  yielding  the  lightest  possible  system.  To  do  this, 
an  extensive  materials  selection  process  was  undertaken  to  investigate  the 
relative  performance  of  several  candidate  armor  systems  against  the  known 
requirements.  The  ballistic  performance  of  the  candidates  was  evaluated 
empirically  by  the  fabrication  and  testing  of  armor  panels  in  Simula's  bal¬ 
listic  range.  Several  systems  capable  of  meeting  the  ballistic  requirement 
emerged,  and  each  had  a  different  areal  density.  Figure  2  shows  a  comparison 
of  their  relative  areal  densities  when  normalized  against  the  LHX  threat. 

The  armor  system's  ability  to  defeat  the  threat  was  not  the  only  issue  in¬ 
volved  in  the  selection  process.  A  phenomenon  referred  to  as  tangential, 
transient,  or  dynamic  deflection  is  also  a  critical  performance  criterion. 

The  problem  relates  to  the  amount  of  deflection  that  occurs  directly  behind 
the  impact  area,  as  illustrated  in  Figure  3.  It  is  an  important  criterion 
because  even  when  a  projectile  is  defeated,  the  deflection  with  some  armor 
systems  is  enough  to  cause  severe  injury  to  the  occupant.  This  factor  drove 
the  design  of  the  composite  liner  to  the  S-2  Glass®  based  system,  which 
resulted  in  the  lowest  possible  weight  armored  bucket.  The  alternate  systems 


®S-2  Glass  is  a  registered  trademark  of  Owens-Corning  Fiberglas  Corp. 
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required  an  additional  section  to  stand  the  occupant  off  from  the  back  of  the 
armor  system.  An  example  of  this  approach  is  shown  in  Figure  4,  with  a 
crushable  foam  core  used  to  absorb  the  energy  of  the  deflecting  armor  panel. 
This  requirement  added  weight  to  the  other  candidate  armor  systems  which 
eliminated  them  from  further  consideration. 

The  resin  system  selected  for  use  in  the  armored  liner  was  a  proprietary 
system  which  Simula  had  developed  for  use  in  other  armor  applications.  It 
possessed  the  desired  ballistic,  mechanical,  flammability,  and  fabrication 
related  characteristics  sought  for  this  design. 

The  next  step  was  to  optimize  the  configuration  of  the  liner  to  enable  it  to 
meet  the  remaining  functions  at  the  least  possible  weight.  A  configuration 
similar  to  that  used  on  the  Apache  seat  was  selected  for  several  reasons: 

•  It  was  consistent  with  the  baseline  seat  design  and  established  a 
convenient  reference  to  make  comparisons  with 

•  It  provided  sufficient  armor  coverage  for  the  seated  occupant. 

The  basic  liner  shape  was  now  defined,  but  the  mounting  locations  of  the 
various  interfacing  attachments  had  yet  to  be  determined.  The  attachments 
included  the  restraint  system  components,  the  frame,  and  auxiliary 
equipment  such  as  side  arm  controllers  and  wing  panels.  Many  of  these 
attachments  were  highly  loaded  and  their  positions  were  critical  to  the 
weight  of  the  liner. 

A  finite  element  modeling  (FEM)  program,  NISA-II,  was  used  to  optimize  the 
final  positions  and  check  the  entire  liner  for  compliance  with  expected  load¬ 
ing  as  well.  This  program  also  enabled  accurate  predictions  of  the  deflec¬ 
tions  of  the  various  parts  of  the  seat  to  ensure  there  was  no  interference 
that  might  prevent  the  seat  from  performing  its  energy  absorption  function. 

Once  the  strength  requirements  of  the  structure  were  well  defined,  a  check 
was  made  on  the  mechanical  allowables  for  the  S-2  Glass  liner  to  verify  com¬ 
pliance  with  expected  loads.  A  complete  mechanical  test  program  had  been 
performed  during  the  initial  material  study  to  quantify  the  structural  per¬ 
formance  of  each  candidate  armor  system.  The  results  of  those  tests  were 
used  as  the  allowables  for  the  final  analysis. 

The  composite  liner  of  an  armored  bucket  usually  exhibits  poor  structural 
characteristics  because  the  laminate  has  been  optimized  for  ballistic  per¬ 
formance.  A  ball istically  tolerant  laminate  tends  to  have  fairly  low  resin 
content.  Unfortunately,  this  normally  yields  a  structurally  inferior 
composite  structure.  Figure  5  illustrates  the  general  trends  of  how  these 
two  performance  features  are  affected  by  resin  content.  The  selection  of  an 
S-2  Glass  based  armor  system  minimized  the  penalty  normally  attributed  to 
using  armor  laminates  to  carry  high  structural  loads.  Figure  6  presents  a 
comparison  of  the  flexural  strength  and  stiffness  of  the  candidate  material 
systems. 

By  using  the  S-2  Glass  based  system  for  the  composite  liner,  the  ACWCS  pro¬ 
gram  was  able  to  meet  both  the  ballistic  and  structural  requirements.  Also, 
the  structural  capability  of  the  laminate  provided  the  additional  benefit  of 
reducing  the  strength  requirements  of  several  frame  components. 
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Composite  Guide  Tube 


The  second  component  redesigned  for  the  ACWCS  seat  was  the  guide  tube.  This 
component  is  the  main  structural  element  that  reacts  the  forward  and  lateral 
crash  loads.  They  are  called  guide  tubes  because  they  guide  the  bucket  as  it 
moves  down  relative  to  the  frame  in  a  crash.  Figure  7  shows  how  the  guide 
tubes  are  cantilevered  above  the  main  strut  mount  and  how  they  support  the 
inertial  loads  of  both  the  occupant  and  the  armored  seat  bucket.  The  prin¬ 
cipal  design  drivers  for  this  component  are  high  bending  loads,  concentrated 
point  loading  at  interfacing  fittings,  and  the  need  for  a  benign  failure 
mode.  In  other  seat  designs  these  requirements  have  been  met  by  using 
high-strength  steel  structures,  which  have  performed  very  well.  A  composite 
version  was  designed  solely  to  reduce  weight. 

The  first  step  in  redesigning  the  guide  tube  as  a  composite  structure  was  to 
conduct  an  extensive  evaluation  of  suitable  material  systems.  The  material 
candidates  included  both  thermoset  and  thermoplastic  matrices  and  were  exam¬ 
ined  using  various  ply  orientations.  The  goal  was  to  arrive  at  a  final  de¬ 
sign  that  possessed  the  same  performance  as  the  baseline  steel  guide  tube, 
yet  saved  weight.  The  Finite  Element  Model  (FEM)  of  the  entire  seat  was 
first  used  to  determine  the  reactions  on  the  guide  tubes.  A  detailed  FEM 
effort  on  just  the  guide  tube  was  then  done  to  determine  which  materials  and 
ply  orientations  would  best  meet  the  expected  design  requirements,  while 
keeping  the  weight  at  a  minimum.  Several  iterations  of  this  process  resulted 
in  five  potential  candidate  designs.  The  individual  designs  included  defini¬ 
tion  of  the  material  system,  ply  orientation  and  sequence,  and  fabrication 
approach. 

The  candidate  material  systems  that  Simula  believed  were  well  suited  to  the 
guide  tube  application  were  then  included  in  a  complete  mechanical  test 
program.  The  test  coupons  were  fabricated  and  the  testing  completed  with 
the  results  shown  in  Table  I. 

The  materials  were  then  evaluated  by  fabricating  actual  prototype  sections 
and  testing  them  for  compliance  with  the  expected  bending  requirements.  The 
test  setup  is  shown  in  Figure  8.  The  load:versus-deflection  data  for  the 
candidate  systems  revealed  a  great  deal  of  information  concerning  their  suit¬ 
ability  to  the  guide  tube  application.  Figure  9  shows  the  relative  perfor¬ 
mance  of  all  five  candidates  against  the  baseline  steel  guide  tube. 

The  results  of  this  testing  were  very  informative.  It  had  been  hoped  that 
many  of  the  systems  would  duplicate  the  "ductile"  failure  mode  of  the  steel 
tube,  thereby  maintaining  the  desirable  noncatastrophic  failure  mode  of  the 
baseline  structure.  However,  only  System  2  exhibited  the  desired  response. 
Several  of  the  candidate  designs  had  identical  layup  sequences,  so  the 
response  appears  highly  dependent  on  the  material  system  itself.  The  actual 
failure  of  System  2  showed  the  compression  side  of  the  tube  failing  very 
controllably,  while  the  tension  side  remained  intact.  This  allowed  the  tube 
to  bend  approximately  as  it  would  if  the  tension  side  were  stretching.  The 
other  tube  concepts  failed  to  meet  the  minimum  load  requirement  or  experi¬ 
enced  a  very  undesirable  brittle  failure  when  the  compressive  stresses 
exceeded  the  strength  of  the  tube. 
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Based  largely  on  the  results  of  these  tests,  System  2  was  selected  for  use  in 
the  guide  tubes.  It  possessed  an  excellent  combination  of  strength,  pseudo¬ 
plastic  failure  mode,  and  acceptable  processing  characteristics. 

The  guide  tube  was  developed  as  an  autoclave-cured  assembly  and  was  built  in 
a  split  shell  female  mold.  The  O.D.  was  therefore  controlled  to  provide  a 
smooth  finish  to  reduce  friction  loading  during  seat  stroke. 

The  composite  guide  tube  met  all  the  design  requirements.  Its  structural 
capability  was  verified  when  the  ACWCS  passed  all  of  test  requirements  of 
MIL-S-58095A.  When  the  two  steel  guide  tubes  required  per  seat  were  replaced 
with  two  composite  tubes,  a  weight  savings  of  6.82  lbs,  or  54.6  percent,  was 
realized.  This  was  a  significant  reduction  in  weight  on  a  highly  loaded, 
complex  structural  element  of  the  crashworthy  seat. 

Composite  Strut 

The  final  component  case  study  was  for  the  diagonal  strut  which  is  used  in  a 
floor-mounted  seat  to  react  forward  and  aft  loading.  There  are  several 
struts  of  this  type  on  a  typical  crashworthy  seat,  which  are  normally  de¬ 
signed  as  pure  tension/compression  members.  Spherical  rod  ends  are  used  at 
each  end  to  eliminate  any  bending  loads.  Previous  generation  seat  designs 
have  used  both  thin-walled  aluminum  and  steel  tubing,  depending  on  the 
loading  requirements.  This  approach  has  produced  efficient,  economical 
structures  which  have  successfully  met  all  of  the  known  design  requirements. 

A  variety  of  composite  and  metallic  materials  was  considered  for  the  body  of 
the  strut.  Simula  elected  to  pursue  two  distinctly  different  approaches  in 
the  redesign.  Both  involved  using  the  same  graphite  material  selected  for 
use  in  the  composite  guide  tube.  That  material  had  been  fully  characterized 
and  had  demonstrated  its  ability  to  meet  both  the  demanding  structural 
requirements  and  the  required  processing  considerations.  These  designs  were 
then  compared  to  a  thin-walled  aluminum  strut  which  was  chosen  as  the  base¬ 
line. 

One  approach  was  to  design  a  strut  that  met  all  of  the  anticipated  loading 
conditions,  yet  was  as  light  as  possible.  This  was  done  by  designing  the 
composite  strut  with  a  minimum  wall  thickness  and  an  optimized  ply  layup 
sequence.  The  greatest  possible  weight  savings,  70.6  percent,  was  achieved 
by  this  approach  when  compared  to  the  baseline  design,  yet  the  same  struc¬ 
tural  requirements  were  met. 

The  second  approach  considered  was  to  design  a  composite  strut  of  equivalent 
weight  to  the  baseline  design,  which  possessed  superior  strength  and  damage 
tolerance.  This  was  a  viable  alternative  because  of  the  strut's  physical 
location  on  the  seat  (Figure  7)  and  its  susceptibility  to  incidental  impact 
damage,  such  as  denting.  Because  the  strut  must  perform  as  a  compression 
member  under  forward  loading,  any  dents  in  the  tube  could  initiate  a  buckling 
failure  which  could  allow  the  seat  to  collapse.  This  situation  is  magnified 
in  that  the  seat  is  designed  for  crash  loads  and  therefore  experiences  the 
ultimate  design  load  only  once.  Therefore,  a  dent  in  a  key  member  might  not 
be  a  problem  under  flight  loads,  but  could  be  disastrous  in  a  crash.  This 
approach  produced  a  design  that  was  more  resistant  to  dents  and  several  times 
stronger  than  required,  yet  had  no  weight  penalty  compared  to  the  baseline 
design. 


The  final  design  Simula  selected  was  a  compromise  of  the  two  designs. 

Table  II  shows  the  different  options  that  were  considered  along  with  the  pert 
inent  engineering  data  defining  their  capability.  The  graphite  composite 
tube  with  a  .073  wall  thickness  was  ultimately  chosen  because  it  offered  a 
significant  weight  savings  while  also  providing  enhanced  impact  damage  resis¬ 
tance.  As  indicated  in  Table  II,  that  selected  design  demonstrated  a  20  per¬ 
cent  weight  savings  over  the  baseline  design. 

The  strut  sections  were  fabricated  using  a  Simula-proprietary  processing  tech 
nique  which  controls  both  the  I.D.  and  O.D.  surfaces  to  acceptable  stand¬ 
ards.  The  ends  of  the  tube  are  cut  to  length  and  fitted  with  permanent 
metallic  inserts  which  accept  the  threaded  spherical  rod  ends.  Figure  10 
shows  a  cutaway  view  of  a  completed  strut  assembly. 

CONCLUDING  REMARKS 

The  ACWCS  that  Simula  designed  and  developed  during  this  program  was  verified 
in  a  test  program  conducted  in  accordance  with  the  current  revision  of 
MIL-S-58095A.  The  test  program  involved  the  completion  of  both  static  and 
dynamic  testing,  with  the  seat  design  passing  all  of  the  required  tests. 

A  series  of  ballistic  tests  was  also  conducted  as  part  of  the  test  program, 
and  the  design  again  demonstrated  its  ability  to  meet  the  specified  require¬ 
ments.  This  testing  was  done  at  Simula's  ballistic  test  facility,  but  be¬ 
cause  the  threat  and  test  results  are  classified,  they  have  been  omitted  from 
this  paper. 

Because  the  main  purpose  of  the  ACWCS  program  was  to  reduce  the  weight  of 
existing  technology  armored  crewseats,  a  detailed  weight  analysis  was  done  on 
the  prototype  seats  used  in  the  structural  test  program.  This  weight  was 
then  compared  to  a  baseline  AH-64A  Apache  seat  design.  The  weight  of  the 
baseline  Apache  seat  was  adjusted  for  the  comparison  to  provide  the  perform¬ 
ance  capability  equivalent  to  that  of  the  ACWCS  design.  This  correction  was 
necessary  to  make  an  accurate  comparison  due  to  the  different  performance 
levels  of  the  energy  absorption  and  ballistic  features  between  the  ACWCS  and 
AH-64A  seat  designs.  The  corrections  included 

•  Scaling  up  the  existing  Apache  armor  system  to  meet  the  new  threat 
level  because  the  Apache  ballistic  requirement  was  less  severe  than 
that  for  the  ACWCS 

•  Making  a  weight  allowance  to  compensate  for  the  Apache's  fixed-load 
energy  absorber  limitation  because  the  ACWCS  has  a  variable-load 
energy  absorption  system  (The  variable-load  energy  absorber 
compensates  for  differences  in  occupant  weight) 

•  Allotting  weight  to  the  Apache  seat  to  allow  more  adjustment  range 
since  it  does  not  have  seat  adjustment  capability  for  5th-percentile 
female  pilots 

•  Adding  4.3  in.  to  each  Apache  guide  tube  because  the  Apache  seat  has 
7.7  in.  of  stroke  in  the  full -down  position  whereas  the  ACWCS  has 

12  in. 
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The  weight  of  the  current  Apache  seat  was  adjusted  to  provide  these  addi¬ 
tional  features  so  an  accurate  weight  comparison  could  be  made.  The  amount 
of  weight  added  for  each  category  was  calculated  on  a  very  conservative 
basis.  For  example,  there  was  no  attempt  to  add  weight  for  the  crashworthy 
frame  components  even  though  they  would  need  to  carry  more  load  due  to 
additional  armor  weight.  Therefore,  the  weight  allowance  added  to  the  actual 
Apache  seat  was  not  exaggerated.  A  breakdown  of  the  demonstrated  weight 
savings  indicated  that 

•  72  percent  of  the  demonstrated  weight  savings  was  due  to  material 
usage  and/or  substitutions.  This  included  advances  in  armor  tech¬ 
nology  as  well  as  replacing  metallic  structures  such  as  guide  tubes 
and  struts  with  composite  versions. 

•  22  percent  of  the  savings  was  due  to  the  selection  of  advanced  de¬ 
sign  concepts.  This  related  primarily  to  the  configuration  of  even¬ 
tual  seat  design  selected  for  the  ACWCS  program,  the  location  of  key 
structural  components,  and  the  elimination  of  redundant  members. 

t  6  percent  of  the  weight  saved  was  due  to  reductions  in  a  corre¬ 
sponding  airframe  structure.  This  value  was  based  on  a  hypothetical 
aircraft  structure  which  was  designed  to  carry  the  loads  of  the 
baseline  design,  yet  could  have  been  lightened  to  react  the  loads 
for  the  ACWCS  design. 

The  weight  savings  achieved  by  the  ACWCS  design  will  establish  the  benchmark 
for  future  armored  crashworthy  helicopter  seating  systems.  Figure  11  illu¬ 
strates  how  the  ACWCS  design  compares  to  the  two  U.S.  Army  helicopter  crew- 
seat  designs  currently  in  service,  the  UH-60A  and  AH-64A,  and  the  Navy's 
CH-53E,  as  well  as  the  projected  baseline  Apache  seat  that  had  equivalent 
performance  capability  to  the  ACWCS  design.  This  chart  illustrates  that  as 
much  as  50  Ibsper  aircraft  can  be  saved  in  future  helicopter  designs  if  the 
technology  developed  during  this  program  is  implemented. 
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TABLE  I.  MECHANICAL  PROPERTIES  TEST  MATRIX 


Candidate  Material  Systems 


Test  Methods 

System  1 

System  2 

System  3 

System  4 

System  5 

Bell-Boeing  299-947-330 

Rev.  G 

0^  Tensile  Strength  (ksi) 

212.3 

287.3 

323.0 

189.2 

292.8 

0^  Tensile  Modulus  (Msi) 

17.0 

22.9 

20.1 

21.7 

22.0 

Bell-Boeing  299-947-330 

90^  Tensile  Strength  (ksi) 

3.8 

9.8 

13.4 

8.7 

10.9 

90^  Tensile  Modulus  (Msi) 

0.7 

0.9 

1.1 

1.0 

0.9 

Bell-Boeing  299-947-330 

0^  Compression  - 
Strength  (ksi) 

85.2 

163.9 

112.3 

142.4 

162.8 

Modulus  (Msi) 

16.2 

21.3 

26.3 

18.8 

20.0 

Bell-Boeing  299-947-330 

90^  Compression  - 
Strength  (ksi) 

16.3* 

68.5 

7.6* 

29.0* 

26.5* 

Modulus  (Msi) 

1.0 

1.3 

1.4 

1.4 

1.2 

Bell-Boeing  299-947-330 

Open  Hole  Tension  (ksi) 

40.9 

66.7 

69.6 

52.1 

62.8 

Bell-Boeing  299-947-330 

Open  Hole  Compression  (ksi) 

23.0 

34.0 

43.3 

36.6 

36.4 

^Indicates  suspect  data  due  to  tab  failure. 
2 

ksi  =  Thousand  Ib/in. 

Msi  =  Mil  lion  Ib/in.^ 


TABLE  II.  VARIOUS  DESIGN  OPTIONS  FOR  MAIN  STRUT 


Option 

Wall 

Thickness 

(in.) 

Tension 

Load 

(lb) 

Compression 

Load 

(lb) 

Buckling 

Load 

(lb) 

Aluminum 

.049 

7,223 

6,299 

11,345 

"Basel ine" 

Aluminum 

.058 

7,223 

6,299 

12,013 

Graphite 

Composite 

.033 

7,223 

6,299 

9,038 

Graphite 

Composite 

.073 

7,223 

6,299 

40,564 

Composite 

.099 

7,223 

6,299 

54,171 

Weight 


Safety  Factor 

Weight 

(lb) 

Saving 

(%) 

Tension 

Compression 

Bucklinq 

0.85 

0.97 

1.80 

.165 

N/A 

1.00 

1.15 

1.90 

.194 

- 

1.43 

1.79 

1.44 

.057 

70.6 

13.10 

1.79 

6.44 

.155 

20.1 

4.85 

3.46 

8.60 

.194 

0 

DYNAMIC  DEFLECTION 
(MAXIMUM) 


AFTER  IMPACT 

FIGURE  3.  BALLISTIC  IMPACT  SEQUENCE  FOR  AN  ARMOR  TEST  COUPON. 


TOP  VIEW 


FIGURE  4.  CROSS  SECTIONS  OF  ARMOR  SYSTEM  WITH  STANDOFF  FEATURE. 
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89  11018  02 


FIGURE  5.  EFFECT  OF  RESIN  CONTENT  ON  LAMINATE  STRUCTURAL 
AND  BALLISTIC  PERFORMANCE. 
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DEFLECTION  (IN.) 


FIGURE  9.  LOAD-VERSUS-DEFLECTION  PLOT  FOR  CANDIDATE  GUIDE  TUBE  CONCEPTS 
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FIGURE  10.  CUTAWAY  VIEW  OF  MAIN  STRUT. 
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FIGURE  11.  ACWCS  WEIGHT  COMPARED  TO  CURRENT  TECHNOLOGY  SEAT  WEIGHT 
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DESIGN,  ANALYSIS,  AND  TESTING  OF  A  REUSABLE  WINGBOX  FOR  BALLISTIC  EVALUATION 

OF  COMPOSITE  STRUCTURES 

W.G.  BARON 
J.D.  OETTING 

Wright  Research  and  Development  Center 
Wright-Patterson  Air  Force  Base 
Ohio 


INTRODUCTION 


Future  fighter  aircraft  will  continue  to  be  subjected  to  severe 
mechanical  loading  and  ballistic  impact .  In  the  past  aircraft  primary  wing 
structure  was  constructed  predominantly  with  aluminum,  but  with  increasing 
aircraft  performance  the  need  for  more  structurally  efficient  materials  is 
necessary.  In  an  attempt  to  achieve  structural  efficiency  requirements 
aircraft  designers  have  begun  using  an  increasing  amount  of  composite 
materials.  Composite  materials  have  been  indicated  to  have  a  low  level 
of  ballistic  tolerance  in  some  applications.  Composite  materials 
possess  the  characteristic  of  structural  tailoring,  which  has  been  utilized 
to  demonstrate  that  survivability  can  be  designed  into  a  structure. 

The  combat  flight  environment  subjects  fighter  aircraft  wing 
structures  to  the  effects  of  combined  loading  during  ballistic  impact. 

These  loads  have  previously  been  demonstrated  independently  i.e.,  the 
application  of  structural  load  (Reference  1) ,  hydrodynamic  ram  damage 
(Reference  2),  and  the  effects  of  airflow  (Reference  3).  The  objective  of 
this  program  was  to  design  a  reusable  test  fixture  for  the  ballistic 
evaluation  of  advanced  composite  structures  under  all  the  effects  of 
combined  loading. 

The  fixture  that  has  been  developed  provides  a  test  bed  that  can 
completely  simulate  the  flight  environment  of  a  generic  fighter  aircraft 
wing,  but  can  be  used  for  an  indefinite  number  and  variety  of  tests.  It  is 
intended  that  this  fixture  will  provide  a  standardized  method  of 
ballistically  evaluating  an  advanced  composite  primary  wing  structure.  This 
fixture  will  be  used  to  accomplish  the  development  of  designs  and/or 
advanced  concepts  that  lead  to  a  surviveible  composite  wing  structure. 


AIRFLOW  TEST  FIXTURE  DESIGN  DISCUSSION 


In  order  to  provide  a  feasible  means  of  ballistically  evaluating 
materials  and  survivable  concepts,  the  fixtture  had  to  be  easy  to  use  and 
quick  to  repair  so  that  valuable  test  range  time  was  not  needlessly 
expended.  If  the  fixture  was  to  be  accepted  as  a  baseline  for  testing  it 
was  necessary  that  it  be  designed  with  the  ability  to  tailor  test  section 
specimens.  This  would  allow  the  fixture  to  accommodate  the  testing  of  wing 
skin  panels  of  variable  thicknesses  with  incorporated  damaged  arrestment 
features  or  the  use  of  an  entire  wing  box  test  section  which  would  include 
skin  and  substructure.  The  only  limitation  that  would  be  imposed  on  the 
test  component  structure  is  the  geometrical  dimensions  of  the  test  section. 
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The  overall  design  of  the  test  fixture  was  driven  by  the  need  to 
represent  a  generic  fighter  aircraft  wing  under  accurately  simulated  combat 
flight  loads.  These  loads  included  the  application  of  airflow,  structural 
bending  load,  ballistic  impact  of  realistic  threats  and  the  effect  of 
hydrodynamic  ram.  To  size  the  test  section  of  the  fixture,  a  baseline  for  a 
generic  fighter  aircraft  was  selected.^  A  schematic  of  the  airflow  fixture 
layout  and  the  method  of  load  application  is  shown  in  Figure  1 . 


AIRFLOW 


Figure  1 .  Combined  Loading 


The  fixture  was  configured  with  three  entirely  separate  component 
sections.  This  included  a  load  introduction  section,  test  section  and  a 
load  reaction  section.  With  this  approach  any  skin  or  substructure  damage 
that  occurs  in  the  test  section  during  ballistic  testing  could  be  replaced 
without  having  to  dismantle  and  rebuild  the  load  introduction  or  the  load 
reaction  sections  of  the  test  fixture.  This  allows  turn-around  of 
specimens  for  testing  in  a  more  expedient  and  cost  effective  method. 

The  dimensions  of  the  fixture  were  driven  by  the  geometrical 
requirements  of  the  test  section  and  the  test  range  limitations.  For  the 
test  section  to  simulate  realistic  fighter  aircraft  structure,  a  multi-bay 
configuration  was  selected.  This  would  provide  multiple  load  paths  so  that 
after  ballistic  impact  the  redistribution  of  load  could  be  quantified,  and 
the  failure  mechanism  understood.  For  effective  wingbox  representation,  a 
four-bay,  five-spar  test  section  configuration  was  utilized.  The 
substructure  of  the  airflow  fixture  is  shown  in  Figure  2. 
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Figure  2 .  Substructure  of  the  Fixture 


The  substructure  of  all  three  component  sections  of  the  airflow 
fixture  was  designed  entirely  with  7075-T6  aluminum.  All  of  the  ribs  in 
the  fixture  were  machined  from  plate  stock.  The  upper  and  lower  spar  caps 
were  machined  to  specification  from  T-section  extrusion.  The  spar  caps  in 
the  test  section  are  mechanically  fastened  with  the  webs  and  are  attached 
to  the  test  section  close-out  ribs  with  the  use  of  clips.  The  base  of  the 
spar  caps  extends  over  the  inboard  and  outboard  ribs  and  are  assembled  as 
part  of  a  splice  plate  joint.  The  load  reaction  section  consists  of  an 
inboard  close-out  rib,  which  has  a  load  reaction  lug  attached  to  the  forward 
and  aft  intermediate  spars .  A  set  of  four  partial  ribs  form  the  outboard 
load  reaction  rib,  which  is  located  21.25  inches  from  the  inboard  end 
and  provides  the  hard  point  for  the  two  outboard  load  reaction  lugs .  The 
load  introduction  section  is  also  attached  to  the  test  section  with  the  use 
of  a  splice  joint.  The  load  introduction  lugs  are  located  on  the  outboard 
end  of  this  section  on  the  forward  and  aft  intermediate  spars. 

The  position  of  each  spar  is  located  on  7.0 -inch  centers,  therefore 
establishing  the  size  of  each  bay  and  the  overall  width  of  the  test 
section.  The  length  of  the  test  section  was  set  to  36  inches  to  correspond 
with  the  fighter  wingbox  configuration  selected.  The  test  section  uses  a 
curved  wing  skin  cover;  therefore,  the  test  section  depth  is  variable  but 
has  a  maximum  depth  of  7 . 5  inches  occurring  at  the  center  span.  The 
overall  airflow  test  fixture  measures  110  inches  from  the  root  of  the  load 
reaction  section  to  the  outboard  end  of  the  load  introduction  section.  The 
test  fixture  is  shown  in  Figure  3,  assembled  for  testing  in  the  loading 
structure . 
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Figure  3.  Airflow  Fixture  in  Loading  Structure 


Since  the  airflow  test  fixture  will  be  used  in  a  simulated  flight 
environment,  airflow  is  a  loading  mechanism  to  which  the  test  fixture  will 
be  subjected.  In  order  to  provide  a  method  of  applying  airflow  the  test 
section  had  to  be  designed  with  a  mold-line  contour.  Therefore  a  leading 
and  trailing  edge  for  the  airflow  over  the  test  section  was  designed  with 
theoretical  chord  length  of  100  inches.  These  leading  and  trailing  edges 
have  been  installed  and  are  shown  in  Figure  4  with  the  upper  covers 
removed . 


Figure  4 .  Leading  and  Trailing  Edge  Installed 


TEST  SECTION  COMPOSITE  PANELS 


The  panels  used  for  the  fixture  evaluation  test  series  were 
fabricated  in  the  WRDC/FIBCA  composites  facility.  The  material  used  for 
all  of  the  evaluation  tests  was  AS4/3501-6  graphite/epoxy  prepreg  tape 
manufactured  by  Hercules,  Incorporated.  This  was  selected  because  its 
structural  properties  are  well  characterized  and  a  great  deal  of 
engineering  confidence  exists  in  its  applications. 

The  test  section  composite  skin  designed  for  the  tests  was  a  32-ply 
hard  skin.  These  panels  consisted  of  the  following  percentage  ply 
orientations : 


37.5%  0  degree  plies  (spanwise) 

50.0%  45  degree  plies 

12.5%  90  degree  plies  (chordwise) 

This  laminate  is  laid  up  with  the  following  symmetric  stacking  sequence: 

(±45,02.±45,02,90,±45,02,±45,90)s 

This  panel  design  was  used  for  all  of  the  structural  and  ballistic  baseline 
evaluation  tests. 


BASELINE  TEST  INSTRUMENTATION 


All  airflow  tests  conducted  were  fully  instrumented  in  order  to 
accurately  characterize  the  load  transfer  mechanism  in  the  fixture  and 
verify  the  NASTRAN  computer  model.  The  extensive  use  of  instrumentation 
was  to  aid  in  understanding  the  ballistic  impact  phenomenon  which  needs  to 
be  quantitatively  recognized  before  survivable  structures  can  be  designed. 

The  test  database  that  has  been  compiled  includes  experimental  data 
such  as  structural  static  and  dynamic  strain  surveys,  hydraulic  ram 
pressure  transients,  deflection,  real  time  video,  high  speed  film  and 
nondestructive  investigation  results.  This  data  has  been  reduced  using 
graphical  illustrations  and  classical  structural  analysis  methods. 

The  airflow  fixture  was  instrumented  with  six  deflection 
potentiometers  to  identify  the  bending  and  torsion  that  occurred  to  the 
fixture.  The  32-ply  graphite/epoxy  wing  skin  panels  were  instrumented  with 
an  array  of  three  gage  rectangular  rosettes.  Each  of  the  rosettes  were 
positioned  in  the  center  of  the  four  bays  between  the  spars,  so  that  the 
strain  field  was  less  inhibited  by  the  stress  concentrations  induced  from 
the  bolted  attachment.  Twenty  rosettes  were  applied  to  the  inside  surface 
of  each  wing  skin  panel.  Two  rosettes  were  attached  to  the  outside  surface 
on  the  top  (compression  surface)  skin  and  placed  back  to  back  with  two 
internal  rosettes  to  determine  the  level  of  bending.  Dynamic  strain  data 
was  acquired  during  the  ballistic  impact  event  on  the  selected  rosettes 
adjacent  to  the  target  location  and  at  the  root  of  the  test  section. 
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Pressure  transducers  have  been  located  in  each  bay  of  the  wingbox  in  the 
inboard  and  outboard  close-out  ribs  so  that  the  hydraulic  ram  effect  could 
be  recorded  during  impact.  The  transducers  have  been  mounted  in  a  rubber 
bushing  to  isolate  them  from  the  structure. 


BASELINE  TESTING  PROCEDURE 


Ballistic  impact^  structural  load  and  airflow  were  required  for  these 
tests  so  they  were  conducted  in  range  three  at  the  Aircraft  Survivability 
Gun  Range  at  Wright  Patterson  AFB.  The  airflow  fixture  is  shown  in  Figure 
5  installed  in  the  loading  structure  and  in  the  test  range. 


Figure  5.  Test  Range  Configuration 


Each  test  was  conducted  in  three  separate  stages: 

1 .  Undamaged  evaluation 

2 .  Ballistic  impact  evaluation 

3 .  Damaged  evaluation 

Each  undamaged  test  was  initiated  by  first  applying  a  load  equal  to 
the  fifty-percent  design  limit  load  to  set  the  structure.  The  test  fixture 
was  loaded  in  four  consecutive  cycles  up  to  the  fifty-percent  design  limit 
load  with  strain  surveys  conducted  at  every  10  percent  increment. 

Deflection  readings  were  also  acquired  at  these  load  increments.  After 
completion'  of  the  four  undamaged  loading  cycles,  a  statistical  analysis 
program  was  run  to  reduce  the  data  from  the  four  load  cycles  to  identify 
any  strain  gage  anomalies. 

During  the  ballistic  impact  stage  of  testing,  load  was  applied  up  to 
the  test  level  and  a  strain  survey  was  completed.  Additional  strain 
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surveys  were  also  conducted  before  and  after  the  impact  event  while  the 
airflow  was  maintained. 

A  final  series  of  structural  tests  were  performed  to  assess  the  level 
of  damage  that  occurred  to  the  test  component.  This  was  done  in  an 
identical  manner  as  the  four  undamaged  load  cycles  were  completed.  After 
this  was  done  a  statistical  analysis  was  completed  on  the  acquired  strain 
gage  surveys . 


STRUCTURAL  AND  BALLISTIC  TESTING 


The  objective  of  the  testing  which  has  been  completed  and  is  reported 
herein  was  to  establish  a  baseline  database  of  the  airflow  fixture’s 
structural  integrity.  The  test  series  was  designed  to  assess  the  airflow 
test  fixture’s  structural  and  ballistic  limitations.  The  baseline  data 
generated  from  this  test  series  is  intended  for  use  to  influence  designs  of 
survivable  structure  for  evaluation  using  the  airflow  test  fixture. 

Five  separate  tests  have  been  conducted  and  were  completed  in  the 
following  order: 


1.  Structural  verification  test 

2.  Full-up  proof  test 

3.  Baseline  23  mm  API*  test 

4.  Baseline  23  mm  HEI+  test  1 

5.  Baseline  23  mm  HEI  test  2 

The  structural  verification  test  was  completed  to  determine  the  load 
distribution  and  identify  structural  components  that  were  critically 
stressed.  Full-up  proof  testing  was  then  accomplished  in  order  to 
demonstrate  the  use  of  the  fixture  under  airflow  load,  structural  load, 
hydraulic  ram  and  ballistic  impact.  These  two  tests  directed  several  minor 
structural  modifications  which  were  completed  to  the  prototype  airflow 
fixture  at  that  time.  These  modifications  were  then  later  incorporated 
into  the  initial  fabrication  of  the  four  additional  airflow  fixtures 
fabricated  for  quick  turn-around  of  test  articles. 


BASELINE  TEST  SUMMARY 


The  data  from  each  of  the  three  structural  baseline  evaluation  tests 
has  been  reviewed  and  summarized.  The  intention  of  this  assembled  data 
reduction  is  to  provide  an  understanding  of  the  magnitude  of  damage,  the 
lethality  of  the  threat  and  the  load  redistribution  mechanism. 

The  first  baseline  test  conducted  was  with  full-up  loading  conditions 
as  done  in  the  proof  test.  This  included  the  use  of  structural  load 
application  of  25-percent  design  limit  load  at  the  root  of  the  test 
section,  a  75-percent  full  tank  of  water  for  hydraulic  ram,  500  knots  of 
airflow  and  ballistic  impact  with  a  23-inm  API  round.  The  damaged  test 
section  skins  are  shown  in  Figure  6,  with  the  exit  panel  (compression  skin) 
on  the  left. 

*antior-pie.rcing  incendiary  (API)  . 

+high-explosive  incendiary  (HEI) . 


Figure  6.  Damaged  Skins  Baseline  Test  1 


The  entrance  panel  survived  with  minimal  damage.  The  target  location 
experienced  a  1/2-inch  diameter  hole  punched  out  by  the  penetrating 
projectile.  Delamination  extended  between  the  impacted  bay's  closeout 
spars,  which  was  observed  using  a  simple  "coin  tap"  test.  The  composite 
panel  also  experienced  bolt  pull-through  at  the  spar  attachments  which 
extended  approximately  8  inches;  this  can  be  attributed  to  the  hydraulic 
shock  wave.  The  exit  panel  experienced  much  more  extensive  damage  which 
also  extended  between  the  spars.  Surface  plies  were  lost  18  inches 
spanwise  which  was  caused  by  the  compression  stress  state  and  the 
projectile  bending  the  skin  material  into  the  airflow.  Bolt  pull-through 
also  occurred  on  the  exit  surface  but  was  not  as  severe  as  the  entrance 
panel,  which  was  partially  buffered  by  the  25-percent  ullage  above  the 
water.  The  substructure  was  also  damaged,  which  is  attributed  to  the 
hydraulic  ram  effect.  The  forward  intermediate  spar  was  not  visibly 
damaged  but  the  center  upper  and  lower  spar  were  both  damaged.  The 
compression  cap  was  split  at  the  radius  of  the  T-section  over  its  entire 
span,  and  the  tension  cap  split  in  a  similar  fashion  but  traversed  20 
inches . 

Observing  the  static  strain  data  before  and  after  the  impact  it  was 
determined  that  the  load  in  the  panel  was  transferred  into  the  substructure 
The  strain  on  either  side  and  outboard  of  the  impact  location  on  both  the 
tensile  and  compression  panels  was  actually  reduced  in  the  post  test  strain 
surveys.  This  load  was  redistributed  into  the  forward  intermediate  and  aft 
intermediate  spars,  which  are  the  primary  load  paths. 

As  a  result  of  the  damage  the  fixture  incurred  a  3.13-percent 
reduction  in  stiffness.  The  pressures  in  the  impacted  bay  reached  the 
highest  magnitude.  The  inboard  pressure  transducer  had  a  peak  pressure  of 
60.9  psi  at  7.74  msec  after  the  event,  and  the  outboard  transducer  recorded 
77.0  psi  at  5.7  msec.  These  pressures  are  recorded  18  inches  from  the 
impact  site  and  are  much  lower  than  the  pressure  that  caused  the 
substructure  damage.  The  dynamic  strain  data  acquired  also  reached  the 
highest  magnitude  in  the  impacted  bay  as  expected.  This  data  was  relative 
to  the  static  load  that  was  applied  to  the  panel  at  the  time  of  impact.  At 


the  inboard  end  of  the  exit  test  panel  the  internal  spanwise  leg  of  the 
gage  in  this  bay  recorded  an  oscillation  between  a  compressive  strain  of 
849  micro  in/in  and  a  tensile  strain  of  870  micro  in/in.  The  gage  placed 
back-to~“back  on  the  outside  surface  recorded  a  maximiam  compressive  strain 
of  1395  micro  in/in  and  a  maximum  tensile  strain  of  1384  micro  in/in.  This 
demonstrates  the  excessive  bending  occurring  in  the  exit  panel. 

The  second  baseline  ballistic  evaluation  was  completed  with  identical 
test  parameters  as  used  in  baseline  test  1  except  that  the  round  used  was  a 
23  mm  HEI,  The  damaged  test  section  skins  resulting  from  this  test  are 
shown  in  Figure  1,  with  the  exit  panel  shown  on  the  left. 


Figure  7.  Damaged  Skins  Baseline  Test  2 


The  damage  in  both  the  upper  and  lower  test  section  skins  was  very 
extensive  and,  as  seen  in  the  Figure  7,  extends  over  the  entire  impacted  bay. 
Although  visible  damage  was  arrested  by  the  bolted  spar  attachment, 
delamination  was  indicated  to  have  extended  into  the  skin  of  both  adjacent 
bays  by  using  the  "coin  tap"  test.  The  exit  skin  also  exhibited  a  surface 
buckling  in  the  forward  bay.  The  fasteners  on  the  aft  intermediate  spar 
pulled-through  the  exit  skin  which  could  be  attributed  to  the  failure  of 
the  center  spar  cap.  This  spar  cap  split  at  its  root  radius  across  the 
entire  length.  The  lower  spar  cap  fractured  and  was  bent  8  inches  out  of 
the  skin  plane.  The  forward  intermediate  spars  also  had  extensive  damage. 
The  upper  cap  split  along  its  radius  over  its  entire  length,  and  the  lower 
cap  fractured  along  its  aft  bolt-line  but  did  retain  some  load  carrying 
capability.  The  detonation  of  the  high  explosive  is  believed  to  have 
occurred  in  the  25-percent  ullage.  This  is  due  to  the  localized  fragmenta¬ 
tion  damage  that  was  observed  on  the  center  spar  cap,  which  extended  over  a 
4-inch  region. 

The  static  strain  contours  for  the  these  skins  were  analyzed  to 
assess  the  load  carrying  capability  that  remained  in  the  skin.  The 
entrance  panel  retained  more  ability  to  carry  load  than  the  exit  panel. 

This  was  a  result  of  the  local  forward  bay  skin  buckling  and  the  aft 
intermediate  bolt  pull-through  damage  on  the  compression  skin.  Although 
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the  remaining  structural  skin  did  show  an  increase  in  the  level  of  strain 
the  primary  load  was  redirected  into  the  substructure. 

As  a  result  of  the  ballistic  damage  the  fixture  incurred  a  reduction 
in  stiffness  of  33.41  percent.  Unfortunately  the  pressures  in  the  impacted 
bay  were  much  higher  than  originally  anticipated  and  the  gain  on  the 
transducer  amplifiers  was  not  set  appropriately  and  this  data  was  lost. 

The  dynamic  strain  data  collected  has  revealed  a  preliminary  understanding 
of  the  failure  mechanism.  Data  was  collected  on  selected  gages  adjacent  to 
the  impact  site  and  the  inboard  end.  On  the  gages  that  were  damaged  during 
the  events  data  was  acquired  up  to  the  level  at  which  the  gage  was  damaged. 
For  comparison  with  test  1^  the  internal  spanwise  leg  referenced  for  the 
API  test^  recorded  a  much  higher  level  of  strain.  The  gage  experienced  a 
tensile  strain  of  840  micro  in/in^  at  0.734  msec  and  maximum  compressive 
strain  at  gage  failure  of  4071  micro  in/in  at  1.274  msec.  The  back-to-back 
gage  at  this  location  never  experienced  a  tensile  fluctuation  and  reached  a 
maximum  compressive  strain  at  gage  failure  of  6275  micro  in/in  at  1.133 
msec. 


After  observing  the  extensive  damage  that  was  precipitated  by  the 
impact  with  the  23-mm  HEI  in  test  2,  it  was  decided  not  to  increase  the 
threat  to  30-inm  HEI  as  originally  planned.  Since  a  set  of  panels  had  been 
fabricated  for  this  third  test,  it  was  decided  to  use  these  panels  in  a  test 
2  replication  to  study  the  variability  of  the  HEI.  Therefore  the  third 
test  conducted  was  done  with  identical  parameters  as  in  test  2 .  The 
damaged  panels  from  this  test  are  shown  in  Figure  8. 


Figure  8.  Damaged  Skins  Baseline  Test  3 


The  damaged  skin  was  much  more  extensive  than  was  seen  in  test  2. 

The  exit  panel  skin  damage  extended  to  the  aft  intermediate  bay,  but  the 
entrance  skin  was  confined  to  the  impacted  bay.  The  substructure  failed  in 
a  very  similar  manner  as  in  test  2,  but  the  forward  intermediate  spars 
upper  and  lower  caps  did  remain  structural  load  carrying  members .  The 
primary  failure  difference  of  the  structure  could  be  attributed  to  two 
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observed  variables.  The  explosive  round  detonated  much  earlier  than  in 
test  2 .  This  is  evidenced  by  the  fragmentation  damage  on  the  web  which  was 
located  from  the  web  center  to  the  spar  cap;  this  would  indicate  a 
detonation  within  the  water  of  the  bay.  Detonation  within  the  water  would 
result  in  a  much  higher  level  of  hydraulic  ram.  Also  the  impact  site  was 
missed  approximately  1  inch  closer  to  the  center  spar;  therefore,  the 
forward  intermediate  spars  were  not  affected  as  severely  by  the 
fragmentation  damage.  The  center  compressive  spar  was  subjected  to  the 
full  effect  of  the  HEI  and  when  it  failed  the  skin  remained  bolted  to  the 
spar  and  destroyed  all  load  carrying  capability  of  the  intermediate  aft  bay 
skin . 


The  ballistic  damage  caused  a  stiffness  reduction  of  22.62  percent. 
This  was  10.79  percent  less  than  the  reduction  occurring  in  test  2  because 
most  of  the  forward  intermediate  spar  remained  structural.  The  dynamic 
strains  observed  in  this  test  were  similar  in  magnitude  to  those  that 
occurred  in  test  2.  The  pressures  observed  in  the  impacted  bay  were  much 
larger  than  observed  in  the  API  test.  The  outboard  transducer  recorded  a 
pressure  of  1960  psi  at  1.5  msec,  and  the  inboard  transducer  recorded  2000 
psi  at  0.78  msec,  which  was  the  maximum  calibrated  for  recording. 


DEVELOPMENTAL  CONCLUSIONS 


The  airflow  fixture  has  demonstrated  that  it  can  be  utilized  as  a 
baseline  structure  for  the  testing  and  development  of  advanced  survivable 
composite  structures.  This  fixture  provides  a  test  bed  that  can  completely 
simulate  the  flight  environment  of  a  generic  fighter  aircraft  wing.  The 
fixture  can  be  used  for  an  indefinite  number  of  tests  which  has  been  shown 
by  the  ability  to  rebuild  the  damaged  structure.  The  completed  testing  has 
shown  that  the  fixture  can  be  used  for  the  evaluation  of  structures 
subjected  to  a  23  mm  HEI  threat.  If  larger  threats  such  as  the  30  mm  HEI 
were  tested  it  would  be  suggested  that  a  fixture  with  the  same  ability  to 
tailor  the  test  section  be  developed  but  with  additional  load  paths.  Since 
the  airflow  fixture  was  designed  with  a  five  spar  configuration,  the 
lethality  of  the  30  mm  HEI  threat  would  probably  catastrophically  fail  the 
test  section  and  very  little  load  redistribution  data  could  be  recovered. 
The  experimental  data  that  has  been  acquired  in  this  test  series  has 
defined  the  lethality  of  the  23  mm  API  and  23  mm  HEI  threats  when  subjected 
to  this  fixture.  Using  the  airflow  fixture  and  the  test  data  as  baseline, 
survivable  structure  will  be  developed  in  follow-on  efforts. 
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SUMMARY 

Potential  weight  savings  due  to  the  use  of  composite  materials  for 
highly  loaded  primary  structures  are  being  demonstrated  through  the 
design,  fabrication,  and  test  of  an  all  composite  wing  carrythrough 
bulkhead  for  the  F/A-18  fighter  aircraft.  A  one  piece  composite 
design  which  results  in  a  24%  weight  savings,  relative  to  the  existing 
aluminum  bulkhead,  has  been  developed.  Critical  details  of  this 
design  have  been  evaluated  through  element  tests,  and  a  full  scale 
prototype  component  has  been  fabricated.  The  structural  integrity  of 
this  design  will  be  demonstrated  in  a  comprehensive  full  scale  test 
program. 


INTRODUCTION  AND  BACKGROUND 

The  use  of  composite  materials  in  fighter  aircraft  structure  has 
increased  steadily  over  the  past  few  decades.  The  first  production 
aircraft,  manufactured  by  McDonnell  Aircraft  Company  (MCAIR),  to  make 
substantial  use  of  composites  was  the  F-15  Eagle.  Introduced  in  the 
early  seventies,  composites  account  for  2%  of  the  structural  weight  of 
this  aircraft.  During  the  mid-seventies,  composite  usage  increased  to 
nearly  10%  of  the  F/A-18  Hornet  structure.  This  trend  continued 
through  the  late  seventies  and  into  the  eightieis  with  the  AV-8B 
Harrier  II.  Measured  by  weight,  over  26%  of  the  structure  in  the 
AV-8B  is  fabricated  from  composite  materials.  It  is  anticipated  that 
composites  will  account  for  as  much  as  half  of  the  structural  weight 
of  the  next  generation  of  fighter  aircraft. 

The  majority  of  the  composite  materials  utilized  in  these  aircraft 
have  been  incorporated  into  wing  and  tail  structures  (Figure  1). 
Although  composites  have  been  included  in  fuselage  structures,  these 
applications  have  been  limited  to  lightly  loaded  fuselage  panels.  The 
objective  of  this  work  is  to  demonstrate  that  significant  weight 
reductions  can  be  achieved  through  the  use  of  composite  materials  for 
more  highly  loaded  primary  fuselage  structure,  specifically,  wing 

1.  This  work  was  performed  by  McDonnell  Aircraft  Company  for  the  Naval 
Air  Development  Center,  under  Contract  No.  N62269-87-C-0216 , 
"Development  of  Composite  Carrythrough  Bulkhead." 
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carrythrough  bulkheads. 

Bulkheads  are  typically  used  to  redistribute  large  concentrated  loads, 
such  as  wing  and  landing  gear  loads,  into  the  surrounding  fuselage 
structure.  These  bulkheads  provide  an  application  for  composite 
materials  which  shows  considerable  promise  in  eliminating  recurrent 
structural  problems  while  reducing  weight.  In  addition,  the  corrosion 
resistance  and  fatigue  insensitivity  of  these  materials  can  be 
exploited  to  reduce  high  life  cycle  costs  associated  with  such  limited 
access  structures. 

Composite  fuselage  subcomponents  from  several  existing  and  future 
aircraft  have  been  fabricated  and  tested  [refs.  1-9  ].  Compos ite  bulkheads 
of  varying  degrees  of  complexity  were  addressed  in  these  programs. 
Bulkhead  issues  considered  by  these  researchers  included  the  design  of 
highly  loaded  lugs,  moldline  flanges,  and  stiffener  intersections. 

Each  program  addressed  one  or  more  of  these  issues  but  no  program 
addressed  all  of  them,  and  only  one  considered  composite  lugs. 

In  more  recent  work,  MCAIR  designed,  fabricated,  and  tested  an 
integral  composite  fuselage  fuel  tank  for  a  supersonic, 
fighter/attack,  V/STOL  aircraft  [ref  s .  .10, 1 1  ]  .  This  fuel  tank  included 
two  composite  closure  bulkheads  and  a  composite  wing  carrythrough 
bulkhead.  Even  though  the  main  emphasis  of  this  work  was  to 
demonstrate  survivability  and  crash  resistance,  the  carrythrough 
bulkhead  demonstrated  a  17%  weight  reduction  relative  to  an  aluminum 
baseline.  This  bulkhead  included  thick  highly  loaded  wing  attach  lugs 
and  stitched  stiffeners.  The  design  and  fabrication  of  this  component 
provided  a  solid  foundation  for  the  development  of  more  complex 
bulkheads  which  carry  landing  loads  as  well  as  wing  loads. 


BULKHEAD  DESIGN  AND  FABRICATION 

Baseline  Bulkhead  and  Design  Criteria 

The  baseline  component  for  this  study  was  the  existing  aluminum 
bulkhead  at  fuselage  station  453  in  the  F/A-18  (Figure  2).  This 
component  was  selected  because  it  includes  structural  complexities 
that  are  representative  of  bulkheads  in  general,  and  because  a  large 
amount  of  manufacturing,  service,  and  test  data  is  already  available. 
This  existing  database  permits  a  direct  comparison  of  the  benefits  and 
risks  for  the  same  bulkhead  made  from  composites. 

The  primary  function  of  this  bulkhead  is  to  carry  wing  loads  and 
support  the  main  landing  gear.  In  addition,  it  carries  fuel  pressure 
loads  and  is  located  at  the  manufacturing  splice  between  the  forward 
and  aft  sections  of  the  center  fuselage.  The  baseline  is  machined 
from  6  in.  7050-T73651  aliiminum  plate  and  weighs  264  lb.  The  upper 
dorsal  section  is  made  separately  and  mechanically  fastened  to  the 
lower  section.  Cutouts  in  the  center  web  area  permit  fuel  system 
plumbing  to  pass  through.  This  plumbing  is  joined  at  the  web  by 
fittings . 

Structure  is  provided  in  the  lower  section,  below  the  inlet  ducts,  to 
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support  the  forward  trunnion  of  the  main  landing  gear.  The  main 
landing  gear  pivots  about  an  axis  that  is  canted  approximately  38 
degrees  away  from  a  line  parallel  to  the  centerline  of  the  aircraft. 
The  forward  trunnion  is  therefore  rotated  by  this  same  amount  relative 
to  the  plane  of  the  bulkhead.  Bushings  are  included  in  the  trunnion 
to  provide  a  wear  resistant  surface,  as  shown  in  Figure  2. 

Fuel  tank  areas  which  interface  with  the  bulkhead  are  shown  in  Figure 
3.  On  the  forward  side  of  the  bulkhead  a  flange  is  provided  to 
support  the  fuel  tank  floor.  Bulkhead  flanges  also  support  the  center 
fuselage  side  panels  and  dorsal  deck  forming  the  sides  and  top  of  the 
tank.  On  the  aft  side,  the  floor  of  another  tank  is  supported  by  a 
horizontal  flange.  Additional  flanges  support  the  inlet  duct  liners, 
upper  outboard  fuel  beam,  crease  skins,  and  dorsal  deck  panel  which 
form  the  sides  and  top  of  the  tank. 

The  primary  design  requirement  for  the  composite  bulkhead  was  that  it 
would  have  the  form  and  function  of  this  baseline  bulkhead  and  would 
be  capable  of  carrying  all  loads  currently  applied  to  the  metal 
baseline.  Specific  requirements  were  that  it  must  be  able  to 
withstand  static  ultimate  loads  (1.5  times  limit  load)  without  failure 
for  critical  design  conditions,  and  that  it  must  be  capable  of 
withstanding  2  lifetimes  (12000  spectrum  flight  hours)  of  fatigue 
loading.  In  addition,  the  bulkhead  was  designed  for  -65‘^F  to  +160°F 
service  temperature  with  moisture  equivalent  to  10  years  on  Guam. 

The  main  goal  of  the  program  was  to  develop  a  composite  bulkhead  which 
met  these  requirements  and  weighed  at  least  20%  less  than  the  metal 
baseline.  Secondary  goals  were  to  minimize  cost,  reduce  maintenance, 
and  improve  survivability.  Survivability  requirements  were  that  the 
bulkhead  be  able  to  withstand  peak  spectrum  loads  after  low  velocity 
impact  and  that  the  aircraft  be  able  to  return  to  base  with  only  the 
loss  of  the  bulkhead  after  ballistic  impact. 


Trade  Studies 

Ten  preliminary  design  concepts  were  defined  and  evaluated  with 
respect  to  weight,  cost,  supportability ,  and  fabricability .  These 
concepts  are  shown  in  Figure  4.  Selection  of  the  best  overall  concept 
was  made,  based  on  the  results  of  this  evaluation.  Weight  was  the 
most  important  consideration  in  the  selection  of  the  preferred 
concept,  followed  by  cost,  producibility ,  and  supportability,  in  that 
order. 

Relative  measures  of  the  weight,  cost,  and  supportability  of  the  ten 
concepts,  normalized  to  the  values  for  concept  1,  are  shown  in  Figure 
5.  As  shown  in  this  figure,  concepts  1,  7,  and  10  result  in  the 
lightest  weight  and  lowest  cost  bulkheads.  Concepts  7  and  10  have  a  1 
to  2%  weight  and  cost  penalty,  relative  to  concept  1,  but  provide  a 
slight  benefit  in  supportability.  Taking  producibility  into  account, 
concept  10  is  heavily  favored  over  concepts  1  and  7,  since  these  two 
concepts  each  have  three  fixed  tooling  surfaces,  namely  the  flanges  at 
the  inlet  ducts,  nacelles,  and  forward  fuselage.  Concept  10  has  only 
the  nacelle  and  inlet  duct  flanges  cocured,  while  the  forward  fuselage 
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flange  is  secondarily  attached.  Concept  10  was  therefore  selected  for 
further  development,  since  it  provided  the  best  balance  between 
weight,  cost,  and  producibility . 

Along  with  structural  trade  studies,  candidate  material  systems  were 
surveyed  to  identify  the  most  appropriate  material  this 

application.  Primary  considerations  for  the  selection  of  a  material 
were  that  it  provide  sufficient  strength,  stiffness,  and  toughness  at 
a  reasonable  cost.  In  addition,  it  had  to  process  simply,  have  a  use 
temperature  of  at  least  160®F,  and  have  sufficient  durability  and 
damage  tolerance  to  meet  the  survivability  requirements. 

A  nximber  of  thermoset,  both  epoxy  and  bismaleimide ,  and  thermoplastic 
matrices  were  considered.  Critical  properties  for  the  selection  of  a 
matrix  were  the  elevated  temperature  wet  compressive  strength,  the 
residual  strength  after  low  velocity  impact,  and  its  resistance  to 
microcracking.  Based  on  these  parameters  8551—7  toughened  epoxy, 
produced  by  Hercules  Aerospace  Co.,  was  selected  as  the  most 
appropriate  matrix.  AS4  and  IM7  carbon  fibers,  also  produced  by 
Hercules  Aerospace  Co. ,  were  selected  to  reinforce  this  matrix.  The 
high  modulus  IM7  fibers  were  used  in  unidirectional  tape,  wherever 
practical,  to  satisfy  stiffness  requirements  with  minimum  weight,  and 
AS4  cloth  was  used  for  web  plies  that  wrapped  around  corners  to  form 
flanges.  Subsequent  to  this  survey,  Hercules  modified  the  8551-7 
resin  to  improve  tack  and  increase  use  temperature.  The  modified 
resin  was  labeled  8551-7E.  This  resin  was  further  modified  to  improve 
out  time  and  is  designated  as  8551-7A. 

A  refined  design  for  structural  concept  10,  which  utilized  the 
modified  toughened  epoxy  material  system,  was  developed  and  analyzed 
using  detailed  finite  element  models.  The  refined  design  is  shown 
schematically  in  Figure  6.  This  design  differs  slightly  from  the 
original  concept  10  in  two  areas.  First,  only  the  portion  of  the 
forward  fuselage  flange  that  intersects  the  carrythrough  beam  is 
secondarily  attached,  the  majority  of  this  flange  is  cocured  with  the 
main  web  of  the  bulkhead.  Second,  the  portions  of  the  duct  flanges 
which  intersect  the  carrythrough  beam  are  secondarily  attached.  These 
modifications  were  made  to  reduce  tooling  costs,  since  they  allow  the 
carrythrough  beam  to  be  tooled  with  relatively  inexpensive  monolithic 
graphite  tools. 

Referring  to  Figure  6,  wing  bending  loads  are  carried  by  the  2.3  in. 
thick  beam  near  the  top  of  the  bulkhead.  These  concentrated  loads  are 
introduced  into  the  bulkhead  through  four  integral  composite  lugs. 

Away  from  these  lugs,  pockets  with  .25  in  thick  webs  were  included  to 
lighten  the  carrythrough  beam.  Landing  loads  are  introduced  through  1 
in.  thick  webs  in  the  lower  portion  of  the  bulkhead.  The  out  of  plane 
geometry  of  these  webs  is  a  modified  sine  wave  with  an  extended  flat, 
oriented  at  an  angle  of  38  degrees  relative  to  the  plane  of  the 
bulkhead,  that  accepts  the  main  landing  gear.  The  loads  carried  by 
these  webs  are  sheared  into  the  surrounding  fuselage  structure  through 
the  nacelle  and  duct  flanges.  A  short  distance  away  from  the  end  of 
the  modified  sine  wave,  the  trunnion  web  thickness  tapers  down  to 
approximately  .2  in.,  which  is  the  thickness  of  the  remainder  of  the 
bulkhead  web.  The  weight  of  this  bulkhead  was  calculated  to  be  201 
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lb.,  including  the  trunnion  hardware,  which  represents  a  24% 
reduction,  relative  to  the  aluminum  baseline. 


Element  Test  Program 

Coupons  and  critical  structural  elements  were  fabricated  and  tested  to 
demonstrate  fabrication  methods,  determine  static  strength  and  fatigue 
life  and  to  validate  critical  design  details.  The  structural 
elements  represented  specific  areas  of  the  bulkhead,  as  shown  in 
Figure  7.  Various  elements  were  static  and  fatigue  tested  in  room 
temperature  dry  and  elevated  temperature  wet  environments.  In 
addition,  some  specimens  were  tested  after  low  velocity  impact  damage 
had  been  introduced.  Test  conditions  and  results  are  summarized  in 
Figure  8. 

With  the  exception  of  the  trunnion  specimen  (TR-1),  all  static 
specimens  failed  at  loads  higher  than  the  design  ultimate,  and  all 
fatigue  specimens  demonstrated  better  than  the  required  life.  In 
addition,  there  was  no  growth  in  the  delamination  area  of  any  impacted 
specimen  during  fatigue  testing.  The  majority  of  the  bulkhead  design 
was  therefore  considered  to  be  sound.  However,  due  to  a  premature 
failure  in  the  trunnion  test  component,  additional  investigation  of 
the  trunnion  area  was  required. 

The  initial  trunnion  failure  was  determined  to  be  an  interlaminar 
failure  of  the  web  which  led  to  crippling  of  the  upper  cap.  The 
failure  was  due  to  a  combination  of  high  interlaminar  stresses  because 
of  the  out  of  plane  geometry  and  lower  than  anticipated  interlaminar 
strengths  for  the  toughened  epoxy  in  the  hot  wet  condition.  The 
trunnion  areas  of  the  bulkhead  were  therefore  redesigned.  This 
redesign  consisted  of  increasing  the  radius  of  curvature  of  the  out  of 
plane  web  and  defining  a  new  stacking  sequence  that  improves  the  webs 
ability  to  shear  loads  into  the  caps.  The  web  thickness  remained 
unchanged,  so  the  change  in  weight  due  to  the  redesign  was  negligible. 
Additional  element  tests  to  validate  the  redesigned  trunnion  are 
currently  in  progress. 


•Bulkhead  Fabrication 

Following  completion  of  the  element  test  program,  work  began  on  the 
fabrication  of  a  full  scale  bulkhead  which  utilized  the  refined  design 
with  the  redesigned  trunnion.  Tooling  that  would  provide  the  required 
bonding  forces  were  designed  using  a  variety  of  materials  and  tool 
types.  The  complete  bulkhead  bond  tool  is  shown  in  Figure  9.  The 
majority  of  this  tooling  utilized  MCAIR  proprietary  conformal  tooling. 
This  is  a  type  of  Inflatable  tool  that  provides  autoclave  pressure  in 
three  directions.  These  tools  could  therefore  be  used  to  cocure 
horizontal  and  vertical  stiffeners  with  webs.  All  of  the  tools  were 
set  on  a  carbon/epoxy  slip  plate  that  was  supported  by  a  steel  base. 
The  slip  plate  was  fabricated  with  plies  oriented  in  directions 
similar  to  those  in  the  bulkhead,  thereby  minimizing  thermal  expansion 
problems . 
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The  design  of  the  bulkhead  was  such  that  it  could  be  fabricated  as  an 
assembly  of  subcomponents.  These  subcomponents  consisted  of  ^he 
carrythrough  beam,  2)  trunnion  webs,  3)  stiffeners,  4)  the  forward  w 
pUeC  anS  5)  the  aft  web  plies.  The  carrythrough  beam,  trunnion 
webs,  and  stiffeners  were  all  made  up  of  unidirectional  tape  plies. 
The  carrythrough  beam  and  trunnion  webs  were  similar,  in  that  eacn 
consisted  of  two  complementary  ply  packs  that  sandwiched  the  main  we 
of  the  bulkhead.  The  plies  for  each  pack  were  cut,  collated,  room 
temperature  debulked,  and  held  under  vacuum  until  ready  for  final 
assembly. 


The  fore  and  aft  web  subcomponents  were  made  of  cloth  plies  that 
formed  the  main  web  of  the  bulkhead  as  well  as  the  centermost  plies 
of  the  carrythrough  beam  and  trunnion  webs.  In  addition,  these  plies 
were  folded  perpendicular  to  the  plane  of  the  bulkhead  to  form  the 
innermost  plies  of  the  duct  and  moldline  flanges.  As  with  the  other 
subcomponents,  the  web  plies  were  room  temperature  debulked  before 
final  assembly. 

Final  assembly  of  the  subcomponents  followed  a  specific  sequence.  The 
aft  plies  of  the  carrythrough  beam  were  located  first,  followed  by  the 
aft  stiffeners,  aft  conformal  tools,  and  aft  plies  of  both  trunnions. 
These  subcomponents  were  then  debulked  to  reduce  assembly  gaps  snd 
irregularities.  All  aft  fillets  were  filled  with  adhesive,  and  the  aft 
web  plies  were  installed.  Assembly  of  the  forward  half  of  the 
bulkhead  followed  the  same  sequence  in  reverse  order.  Finally, 
unidirectional  plies  in  the  duct  and  moldline  flanges  were  assembled. 
These  plies  were  debulked  as  they  were  collated  to  reduce  wrinkles  and 
bridging  in  the  assembly.  The  final  assembly  was  then  vacuum  bagged 
for  cure  in  an  autoclave. 


After  completion  of  the  cure  cycle,  the  assembly  was  removed  from  the 
autoclave,  debagged,  and  the  conformal  tools  were  removed.  The 
resulting  untrimmed  bulkhead  is  shown  in  Figure  10.  Final  machining 
of  this  part  consists  of  trimming  the  duct  and  moldline  flanges  to 
width,  machining  the  lug  and  upper  duct  flange  contours  into  the 
carrythrough  beam,  and  machining  a  variety  of  holes  in  the  main  web, 
lugs,  and  trunnions.  Final  assembly  of  the  bulkhead  then  consists  of 
installing  landing  gear  trunnion  hardware  and  mechanically  attaching 
the  upper  duct  and  forward  fuselage  flange  sections.  The  weight  of 
the  untrimmed  part  shown  in  Figure  10  was  213  lb.,  which  compares  well 
with  the  predicted  weight  for  the  complete  assembled  bulkhead.  It  is 
anticipated  that  the  additional  weight  of  the  trunnion  hardware  and 
mechanically  attached  flange  sections  will  be  more  than  compensated 
for  by  the  weight  removed  during  final  machining. 


RESULTS  AND  DISCUSSION 

During  the  cure,  there  was  a  failure  of  the  bladder  in  the  conformal 
tool  that  forms  the  upper  left  moldline  flange  and  a  leak  in  the  stem 
that  connected  the  fore  and  aft  conformal  tools  for  the  center  pocket 
in  the  carrythrough  beam.  Because  of  these  failures,  the  vacuum  was 
removed  and  the  autoclave  pressure  was  reduced  from  140  psi  to  10  psi. 
The  majority  of  the  cure  was  therefore  performed  at  this  reduced 
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pressure.  This  loss  of  pressure  resulted  in  a  part  with  a  high  degree 
of  porosity. 

Porosity  in  the  bulkhead  was  concentrated  primarily  in  the  upper 
portion  of  the  carrythrough  beam  and  between  the  trunnions  in  the 
lower  portion  of  the  main  web.  The  porosity  in  the  upper  carrythrough 
beam  was  mainly  due  to  the  tool  failures  which  left  the  tools  in  this 
critical  area  unpressurized.  Porosity  in  the  lower  portion  of  the 
bulkhead  was  due  to  a  debulking  problem.  The  room  temperature  debulk 
used  in  the  assembly  of  the  subcomponents  did  not  adequately  compact 
the  material  for  final  assembly.  This  problem  was  compounded  by  the 
use  of  conformal  tools  that  had  been  sized  to  nominal  dimensions.  As 
a  result,  the  tools  were  difficult  to  install  in  the  final  assembly 
and  did  not  seat  properly. 

In  spite  of  these  problems,  many  difficult  details  formed  very  well. 

In  general,  stiffeners  were  good  quality  laminates  that  were  within 
dimensional  tolerances  throughout  most  of  the  bulkhead,  and 
intersections  between  stiffeners  cocured  well.  The  lug  areas  and 
lower  portion  of  the  thick  carrythrough  beam  were  good,  even  though 
the  upper  portion  contained  porosity.  Center  portions  of  the  trunnion 
webs  cured  well,  but  there  was  porosity  in  the  duct  and  moldline 
flanges  that  connected  to  them.  These  details  are  shown  in  Figure  11. 

Because  of  the  amount  of  porosity  in  the  prototype  composite  bulkhead, 
it  will  not  be  used  as  a  test  article.  Current  work^  is  directed 
toward  the  fabrication  of  a  second  bulkhead  that  can  be  used  to 
validate  the  design  through  full  scale  testing.  Fabrication  of  the 
first  bulkhead  exposed  two  major  problems  that  are  being  solved  before 
this  second  bulkhead  is  built.  First,  more  reliable  conformal  tools 
will  be  developed.  This  is  being  accomplished  by  identifying  more 
durable  bladder  materials  and  more  compliant  stem  designs.  These  new 
bladders  and  stems  will  be  evaluated  by  fabricating  a  full  scale 
component  that  represents  approximately  one  half  of  the  lower  portion 
of  the  bulkhead.  Secondly,  sub-assemblies  must  be  more  thoroughly 
debulked  before  final  assembly.  This  will  be  accomplished  through  the 
use  of  hot  rather  than  room  temperature  debulk  cycles. 

Following  the  successful  fabrication  of  a  second  bulkhead,  a  full 
scale  test  program  will  be  initiated.  In  this  program  the  bulkhead 
will  be  tested  in  a  free  standing  condition,  but  will  be  loaded  to 
match  peak  strains  predicted  for  the  bulkhead  installed  in  a  fuselage. 
The  test  plan  includes  both  static  and  fatigue  loads.  The  bulkhead 
will  be  loaded  statically  to  design  ultimate  for  both  wing  and  landing 
gear  loads.  Fatigue  tests  will  only  be  conducted  with  wing  loads,  but 
will  be  performed  both  before  and  after  the  introduction  of  low 
velocity  impact  damage. 

The  bulkhead  being  developed  in  this  program  is  one  of  the  more 
complex  one  piece  composite  structures  ever  attempted.  The  geometry 
of  this  bulkhead,  coupled  with  the  use  of  a  new  material  system  and  an 
advanced  tooling  concept,  has  provided  a  substantial  technical 
challenge.  While  not  perfect,  the  prototype  component  has  met  this 
challenge  and  represents  a  significant  step  forward  in  the 
development  of  composite  bulkhead  technology. 
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FS  453  Bulkhead 


Figure  2.  Baseline  Airplane  and  Bulkhead 
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Longeron 

Aft  of  FS  453 

Figure  3.  F-18  Center  Fuselage  Shear  Structure 
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Figure  4.  Bulkhead  Concepts 


Specimen 

Region  Represented 

Loading 

Test  Load 
(kips) 

No.  of 
Tests 

Environment 

Remarks 

LD 

Web  Area  Between 

Spectrum  Fatigue 

14.0 

2 

RTD 

Tested  fori  Lifetime  at 

Inlet  Ducts 

DLL  Following  LVID 

TF-B 

Tank  Floor  Support, 

Static  Shear 

0.8 

1 

ETW1 

Bending  of  Tank  Floor 

Bending 

Spectrum  Fatigue 

0.5 

1 

ETW2 

Support  Flange 

Spectrum  Fatigue 

0.5 

1 

RTD 

After  LVID 

SE-F 

Stiffener  End  Tie-in, 

StaticTension 

2.1 

1 

ETW1 

Flatwise  Tension 

Static  Tension 

2.1 

1 

RTD 

Spectrum  Fatigue 

1.3 

2 

ETW2 

Spectrum  Fatigue 

1.3 

1 

RTD 

Spectrum  Fatigue 

1.3 

1 

RTD 

After  LVID 

WL-U 

Wing  Attach  Lug-Upper 

Static 

307 

1 

ETW1 

Full  Scale 

WL-L 

Wing  Attach  Lug-Lower 

Static 

308 

1 

ETW1 

Full  Scale 

CF-FT 

Carrythrough  Beam  Flange 

Static 

2.2 

1 

ETW1 

Flatwise  Tension 

Spectrum  Fatigue 

1.5 

1 

ETW2 

CF-T1 

Carrythrough  Beam  Flange 

Static 

-12.0 

1 

ETW1 

Inboard/Outboard  Tension 

Spectrum  Fatigue 

-8.0 

1 

ETW2 

CF-T2 

Carrythrough  Beam  Flange 

Static 

12.4 

1 

ETW1 

Fore/Aft  Tension 

Spectrum  Fatigue 

8.3 

1 

ETW2 

TR 

Trunnion  Attach  Lug 

Static 

140lnbd 
160  Vert 

1 

ETW1 

Notes: 

1.  ETW1:  200°F,  saturation  after  75  days.  Used  for  static  tests. 

ETW2:  to  be  determined,  based  on  fuel  temperature  analysis.  Used  for  fatigue  tests. 

2.  All  static  tests  will  be  to  failure  except  specimen  TR,  which  will  be  tested  to 
ultimate  load  at  the  two  most  critical  design  conditions. 

3.  All  fatigue  tests  will  utilize  the  F-IS  wing  root  spectrum. 

4.  All  fatigue  tests  except  those  for  LVID  specimens  will  be  tested  to  failure. 

5.  LVID  specimens  will  be  impacted,  and  then  spectrum  fatigue  tested  at  DLL  for  one 
lifetime,  while  monitoring  damage  growth. 


Figure  7.  Element  Test  Matrix 
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Specimen 

ID 

TesI  Requirement 

Design  Requirement 

Test 

Comments 

Load 

(lb) 

Life 

(SFH) 

LD-1 

■w 

RTD 

4,700 

6,000 

4,700 

6,000 

No  Growth  in  Delamination  Area 

LD-2 

SF  After 
LVID 

RTD 

5,577 

6,000 

5,577 

6,000 

No  Growth  in  Delamination  Area 

LD-3 

RTD 

6,455 

6,000 

6,455 

6,000 

No  Growth  in  Delamination  Area 

TF-B-1 

Static 

200°FWet 

284 

Static  Ultimate 

525 

Static 

First  Load  Drop -Failure  at  1, 286  Ib 

TF-B-2 

SF 

160°FWet 

217 

217,260,290,320, 

370 

12,000  at  Each 

Load  Level 

No  Failure 

TF-B-3 

RTD 

217 

217 

6,000 

No  Growth  in  Delamination  Area 

SE-FT-1 

RTD 

2,550 

Static  Ultimate 

5,387 

Static 

Separation  of  Stiffener  End  From  Flange 

SE-FT-2 

khu 

200°FWet 

2,100 

Static  Ultimate 

4,948 

Static 

Separation  of  Stiffener  End  From  Flange 

SE-FT-3 

SF 

RTD 

1,584 

12,000 

1,584,3,700,4,000, 

4,200,4,700,5,000 

12,000  SFH  Each 

Failure  at  5,000  Ib,  7,661  SFFI 

SE-FT-4 

SF  After 
LVID 

RTD 

1,584 

6,000 

1,584,1,800,1,985 

2,620 

6,000  SFH  Each 

Load 

Failure  at  2, 6201b,  897  SFH 

SE-FT-5 

SF 

160°FWet 

1,266 
(80%  DLL) 

12,000 

1,266,2,200,2,500, 

2,800 

12,000  SFH  Each 
Load  Except  Failure 

Failure  at  2,8001b,  2,784  SFH 

SE-FT-6 

SF 

160“FWet 

1,740 

(110%  DLL) 

12,000 

1,740,2,200,2,500, 

2,650 

12,000  SFH  Each 
Load  Except  Failure 

Failure  at2, 6501b,  10,300  SFH 

WL-U 

Static 

200'’FWet 

Static  Ultimate 

310,800lb 

Static 

Shear  Failure,  No  Bearing  Failure 

WL-L 

Static 

200°FWet 

308,000 

Static  Ultimate 

400,000  ib 

Static 

Reached  Test  Machine  Capability  With 

No  Failure 

CF-FT-1 

Static 

Static  Ultimate 

6,718 

Static 

Flange  Peeled  From  Cap 

CF-FT-2 

SF 

160°FWet 

■ 

12,000 

1,960,2,160 

12,000,1,535 

Failureat  2,160  lb,  1 ,535  SFH.  Start  of 
Flange  Peel 

CF-T2-1 

Static 

12,400 

Static  Ultimate 

13,425 

Static 

Fasteners  Failed.  No  Specimen  Failure 

CF-T2-2 

SF 

160°FWet 

9,360 

12,000 

9,360,13,325 

12,000  SFH  Each 
Load  Level 

No  Failure 

TR-1 

Static 

200°FWet 

160,000 

Vertical 

Static  Ultimate 

126,000 

Static 

-Interlaminar  Shear  Failure 
(Web  Delamination). 

Crippling  Failure  of  Upper  Cap 

SF  denotes  Spectrum  Fatigue 
LVID  denotes  Low  Velocity  Impact  Damage 
RTD  denotes  Floom  Temperature  Dry 
SFH  denotes  Spectrum  Flight  Hours 

Figure  8.  Summary  of  Element  Test  Results 
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Aluminum 


Graphite 

Steel 

Carbon/Epoxy 


Conformal 


Figure  10.  Prototype  Composite  Buikhead 
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Complex  Intersections 


Deep  Pockets 


Sinewave  Webs 


Thick  Beam 


Figure  11.  Complex  Design  Details  in  the  Composite  Bulkhead 
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SUMMARY 

Typically,  continuous  filament  composite  components  are  fabri¬ 
cated  using  a  filament  winding  technique.  In  this  operation,  fibers 
are  introduced  to  a  rotating  mandrel  while  a  guide  holding  the 
material  traverses  back  and  forth  to  place  the  material  in  a  helical 
pattern  over  the  surface  of  the  mandrel.  This  procedure  is  continued 
until  complete  coverage  is  obtained. 

An  alternative  method  for  fabricating  continuous  filament  com¬ 
posite  components  is  braiding.  In  the  braiding  operation  a  mandrel  is 
traversed  through  the  center  of  the  braider  while  144  strands  of 
material  traverse  around  a  carrier  ring.  As  the  fibers  are  applied  to 
a  mandrel  surface,  72  carriers  holding  the  fibers  travel  clockwise, 
while  another  72  carriers  travel  counterclockwise  to  interlock  fibers. 
An  additional  72  carriers  located  on  the  back  of  the  braider  introduce 
longitudinal  fibers  to  the  composite  giving  the  composite  lateral 
strength . 

The  goal  of  using  the  braider  is  to  reduce  production  time  by 
simultaneously  applying  144  strands  of  material  onto  a  mandrel  as 
opposed  to  the  four-strand  wrapping  most  filament  winding  techniques 
offer. 

Benefits  to  braiding  include  the  ability  to  (1)  introduce  longi¬ 
tudinal  fibers  to  the  composite  structure;  (2)  fabricate  non-symmetric 
components  without  using  complex  functions  to  produce  full  coverage; 
and  (3)  produce  a  component  with  a  higher  degree  of  damage  tolerance 
due  to  the  interlocking  of  fibers. 

This  paper  investigates  the  fabrication  of  bore  evacuator  cham¬ 
bers  for  a  tank  cannon  system  by  utilizing  a  144  carrier  braiding 
machine,  an  industrial  robot,  and  a  resin  applicator  system. 


INTRODUCTION 

An  alternative  method  for  fabricating  continuous  filament  com¬ 
posite  components  is  the  144  carrier  braiding  machine  (Figure  1).  The 
advantage  of  using  the  braider  is  reduced  production  time  by  simulta¬ 
neously  applying  144  strands  of  material  onto  a  mandrel  as  opposed  to 
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the  four-strand  wrapping  the  filament  winding  technique  offers. 

Other  benefits  include  the  ability  to  (1)  introduce  longitudinal 
fibers  to  the  composite  while  braiding;  (2)  fabricate  non-symmetr i c 
components  without  using  complex  winding  functions  to  produce  full 
coverage;  and  (3)  produce  a  component  which  displays  a  higher  degree 
of  damage  tolerance  and  good  resistance  to  crack  propagation. 


BRAIDING  MACHINE 

The  braiding  machine  contains  216  carriers:  144  carriers  on  the 
front  face  apply  helical  wraps  (72  of  which  travel  clockwise  about  the 
face  of  the  braider  while  72  simultaneously  travel  counterclockwise  to 
interlock  a  pattern),  and  an  additional  72  carriers  placed  at  the  back 
of  the  braider  introduce  longitudinal  fibers.  Each  carrier  holds  a 
spool  of  material  5  3/4  inches  long  by  1  1/2  inches  wide  containing 
approximately  0.48  pound  of  material.  Carriers  on  the  carrier  ring 
move  in  an  over-  and  under-type  movement  to  interlock  fibers  as  a 
braided  sock  is  applied  to  a  mandrel  as  shown  in  Figure  1.  The 
braiding  machine  is  9  feet  5  inches  high  by  9  feet  3  inches  wide.  The 
carrier  ring  containing  the  carriers  is  6feet  in  diameter. 

A  smaller  ring  2  feet  in  diameter,  called  the  braid  ring,  sits  2 
feet  forward  and  coaxial  with  thercarrier  ring.  Yarn  travels  over  the 
braid  ring  and  is  braided  into  a  sock  at  the  center.  This  ring  serves 
as  a  guide  and  gives  tension  to  the  fibers  as  they  are  applied  to  the 
mandrel.  Each  carrier  is  spring-loaded  to  give  steady  tension  to  the 
fibers.  These  springs  are  removable  so  that  different  tensioning 
springs  can  be  added.  Typical  spring  tensions  range  from  2  to  10 
ounces . 

A  reversing  ring,  also  located  coaxial  to  the  braider,  sits 
slightly  forward  of  the  braid  ring.  This  ring  allows  braiding  to  take 
place  at  the  proper  location  when  reversing  directions.  The  reversing 
ring  prevents  fibers  from  lifting  off  the  braid  ring  and  braiding  at  a 
more  forward  distance  from  the  braider.  Both  the  braid  ring  and  the 
reversing  ring  act  together  to  retain  and  support  fibers  for  proper 
placement  onto  the  mandrel. 

The  braid  ring  and  reversing  ring  diameter  should  be  no  more  than 
a  few  inches  larger  than  the  finished  diameter  of  the  fabricated  com¬ 
ponent.  Keeping  the  rings  close  to  the  mandrel  maintains  the  location 
of  the  braiding  close  to  the  braider  and  also  allows  steep  angles  to 
be  braided  over  the  mandrel  at  a  distance  closer  to  the  braider. 

One  must  be  careful  when  reversing  the  mandrel  while  braiding. 
Since  the  carriers  are  able  to  take  up  only  a  few  inches  of  material, 
by  pulling  the  fibers  a  large  distance  between  the  braid  ring  and  the 
component  upon  reversing,  there  is  excess  material  that  the  carriers 
are  unable  to  retrieve.  Loose  fibers  hang  between  the  carriers  and 
the  mandrel.  If  this  occurs  while  the  braiding  machine  is  running, 
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the  loose  fibers  may  tangle  with  carriers  traveling  in  opposite  direc¬ 
tions. 

Insulated  springs  are  located  every  30  degrees  around  the  circum¬ 
ference  of  the  carrier  ring.  These  springs  are  electrically  connected 
to  a  relay  which  turns  the  braiding  machine  off  if  a  yarn  or  roving 
breaks  (roving  refers  to  a  group  of  untwisted  longitudinal  fibers 
opposed  to  a  group  of  twisted  fibers  as  found  in  yarn).  Each  carrier 
is  grounded  to  the  braider.  Should  a  yarn  break,  the  lower  guide  of 
the  carrier  (the  lower  guide  changes  direction  and  gives  tension  to 
the  fibers)  is  pushed  down,  thus  making  contact  with  one  of  these 
springs  as  the  carrier  crosses  it.  The  longitudinal  carriers  also 
have  a  mechanism  which  shuts  the  braider  off  if  a  yarn  breaks.  The 
carrier  guide  comes  in  contact  with  an  electrically  charged  spring 
which  is  connected  in  series  with  all  72  longitudinal  carriers  on  the 
back  ring.  Upon  grounding  any  of  these  springs,  the  braider  turns 
off.  A  switch  on  the  back  left-hand  side  of  the  braider  turns  this 
capability  on  or  off. 

The  braiding  capacity  (diameter  of  component  which  is  to  be 
braided)  depends  largely  on  the  diameter  of  the  braid  ring.  It  must 
be  kept  in  mind  that  the  larger  the  diameter  to  be  braided,  the 
steeper  the  angle  of  the  braid  must  be  to  give  complete  coverage. 
Another  factor  which  affects  coverage  is  the  fiber  bandwidth. 

The  smallest  diameter  of  a  structure  which  can  be  braided  is 
limited  and  is  determined  by  the  number  of  carriers.  A  fully  loaded 
braider  tightly  knits  a  sock  approximately  1  1/2  inches  in  diameter. 
This  is  the  smallest  size  possible.  Smaller  components  can  be  fabri¬ 
cated  by  simply  removing  specific  spools  from  the  carrier  ring.  For 
example,  removing  every  other  set  of  spools  from  the  carrier  ring 
gives  the  equivalent  of  a  72-carrier  braiding  machine.  Using  this 
setup,  a  smaller  diameter  sock  can  now  be  braided. 

Located  on  the  control  console  is  a  dashpot  which  operates  the 
speed  of  the  braider.  This  dashpot  is  calibrated  from  0  to  100,  indi¬ 
cating  percentage  of  power  output  to  the  braider.  A  dial  setting  less 
than  10  percent  does  not  give  the  braider  enough  power  to  move  the 
carriers.  A  dial  setting  of  10  percent  is  required  just  to  get  the 
carriers  moving.  Dial  settings  greater  than  10  percent  will 
increasingly  speed  up  the  carriers.  A  dial  setting  of  100  percent 
gives  the  carriers  a  maximum  rotational  speed  around  the  carrier  ring 
of  3.258  revolutions  per  minute  (R.P.M.). 


MATERIALS 

A  material  commonly  used  in  braiding  is  the  6-ended  S2-glass  yarn 
(see  Figures  2  and  3).  Each  end  consists  of  three  twisted  strands, 
each  strand  containing  204  filaments  roughly  0.00038  inch  in  diameter. 
A  variety  of  packages  can  be  ordered  containing  from  1  to  as  many  as 
20  ends.  Approximately  1200  feet  of  yarn  is  wound  on  each. 
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other  materials  that  can  be  incorporated  in  the  braiding  system 
are  S2-g1ass  fiber,  graphite  fiber,  and  Aramid  fiber.  Steel  wire  can 
also  be  supplied  on  spools. 

Braiding  with  graphite  can  be  difficult.  When  braiding  with 
graphite  roving,  individual  fiber  strands  tend  to  break  loose  and  wrap 
around  various  parts  of  the  carriers.  Broken  fibers  can  also  become 
air-bound  and  hazardous  if  inhaled.  These  particles  may  short  out 
electrical  circuits  in  computers. 

Pre- i mpregnated  roving  fibers  (already  coated  with  the  proper 

volume  fraction  of  B-staged  resin)  can  be  supplied  on  packages  for  the 

braider.  B-staged  resin  is  a  term  which  refers  to  the  partial  cure  of 

a  resin.  A  resin  at  this  stage  is  no  longer  in  a  liquid  state  and 

does  not  flow  off  the  fibers.  When  prepreg  material  is  heated,  the 
resin  turns  back  into  a  liquid  and  flows  through  the  fibers.  The 
resin  fully  cures  upon  subsequent  heating.  Manufacturers  of  prepreg 
material  supply  curing  curves  indicating  time,  temperatures,  and 
autoclave  pressures  for  curing  their  material.  An  autoclave  is  a 
vessel  which  places  a  composite  specimen  under  high  pressures  and 
regulates  its  temperature  and  pressures  during  the  cure  cycle. 

Typical  autoclave  pressures  run  around  100  psi.  Autoclave  parameters 
are  important  in  the  cure  of  both  prepreg  and  wet-braided  components. 
The  objective  of  autoclaving  is  to  compact  the  fibers  to  achieve  an 
optimum  fiber-volume  fraction  of  60  percent.  Reduction  of  void  con¬ 
tent  is  also  an  added  advantage. 

There  is  a  vast  array  of  resins  which  can  be  used.  Each  resin 
must  be  studied  for  its  application.  Viscosity,  physical  properties 
of  the  cured  resin,  and  time  and  temperature  for  cure  are  areas  of 
interest  when  deciding  on  types  of  resin. 

Resins  come  in  two  groups:  thermoplastics  and  thermosets.  The 
components  made  from  thermoset  resins  retain  their  form  after  curing 
and  do  not  change  shape  even  when  heated  up  to  their  curing  tempera¬ 
ture.  At  temperatures  higher  than  the  curing  temperature,  the  resin 
begins  to  degrade  and  the  modulus  of  elasticity  drops  rapidly. 
Thermoplastics  retain  their  form  at  temperatures  lower  than  their  cure 
temperature  but  can  be  reshaped  at  higher  temperatures.  The  applica¬ 
tion  of  each  resin  depends  on  the  properties  the  designer  is  looking 
forinaspecificcase. 

When  braiding  with  some  of  these  materials,  it  is  important  to  be 
aware  of  breathing  hazards.  For  example,  with  graphite,  fibers  break 
and  fray  while  braiding  and  are  dispersed  into  the  air.  Proper  venti¬ 
lation  should  encompass  the  braiding  machine  to  draw  these  air-bound 
fibers  out  of  the  working  area  and  through  a  filtering  system.  Some 
resins  may  also  be  hazardous.  Resins  give  off  volatiles  which  can 
make  a  person  ill  if  inhaled  for  a  long  period  of  time.  Adequate 
ventilation  should  also  be  placed  over  the  mandrel  while  braiding. 
Information  pertaining  to  the  health  hazards  of  various  resins  can  be 
acquired  through  the  manufacturer  of  the  resin  used. 
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ROBOT 


To  braid  over  a  mandrel  at  some  given  angle  of  wrap,  two 
variables  must  be  controlled:  (1)  the  braider  speed  which  is 
controlled  by  the  dashpot  setting,  and  (2)  the  mandrel  traverse  speed 
(the  rate  at  which  the  mandrel  is  traversed  through  the  braid  ring). 

By  setting  the  dashpot  of  the  braider  to  give  the  carriers  a  fixed 
rotational  speed  around  the  carrier  ring,  the  mandrel  feed  rate  can  be 
adjusted  to  give  various  angles  of  wrap.  For  example,  a  dashpot 
setting  of  58  percent  corresponding  to  1.74  R.P.M.  and  a  mandrel 
traverse  speed  of  10.9  inches  per  minute  gives  a  45-degree  angle  of 
wrap  over  a  2-inch  diameter  mandrel. 

To  control  the  mandrel  locations  and  feed  rates,  a  four-axis 
robot  was  purchased  (see  Figures  4  and  5).  All  motions  are  controlled 
by  the  point-to-point  type  controller  through  one  of  two  methods:  (1) 
typing  information  in  directly  using  a  key  pad  or  (2)  by  entering  data 
using  a  "teach  pendent."  The  teach  pendent  allows  the  operator  to 
physically  move  the  arm  to  a  desired  location.  By  depressing  the 
enter  button,  information  giving  the  location  of  the  arm  is  stored 
into  the  controller's  memory.  The  sequence  is  automatically  advanced 
to  accept  any  new  coordinates. 

The  braiding  machine  is  hard-wired  to  the  robot's  controller. 

The  controller  can  be  programmed  to  turn  the  braider  on  and  off  auto¬ 
matically  while  the  robot  is  operating.  This  allows  the  operator  to 
braid  down  the  length  of  a  mandrel  then  stop  the  braider  at  some  given 
point  while  allowing  the  robot  to  reposition  the  mandrel  at  some  new 
position  before  continuing  to  braid. 


RESIN  APPLICATOR 

Components  are  easily  "wet"-braided  using  a  resin  applicator  (see 
Figures  6  and  7).  The  resin  applicator  impregnates  fibers  as  they 
sweep  across  a  cover  plate  before  being  applied  to  the  mandrel. 

Roughly  10,000  laser-drilled  holes  through  the  cover  plate  serve  as 
ports  to  allow  resin  to  flow  from  a  reservoir  located  behind  the  cover 
plate  to  its  face  in  a  uniform  manner. 

Figure  7  shows  stainless  steel  resin  and  hardener  tanks.  These 
tanks  have  a  capacity  of  6  and  3  gallons,  respectively.  Resin  is 
usually  contained  in  the  6-gallon  tank  since  larger  amounts  of  resin 
than  catalyst  are  generally  used  when  mixing  the  two  components. 

These  tanks  can  be  pressurized  to  a  maximum  pressure  of  80  psi  to  aid 
in  the  transfer  of  resin  and  catalyst  from  the  holding  tanks  to  the 
resin  applicator  pumps  which,  in  turn,  transfer  the  resin  and  catalyst 
to  the  resin  applicator  ring.  Typical  operating  pressures  for  these 
tanks  range  between  10  and  20  psi.  Pressures  lower  than  10  psi  may 
not  be  sufficient  to  push  thicker  resins  to  the  pump  inlet.  Higher 
pressures  may  damage  components  of  the  resin  applicator.  These  resin 
tanks  can  be  heated  to  100*C  to  lower  the  viscosity  of  the  resin 
before  being  pumped.  This  enables  the  operator  to  braid  with  a  more 
viscous  resin  system. 
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A  tube  is  inserted  through  a  channel  in  the  back  of  the  resin 
applicator.  When  hot  water  runs  through  this  tube,  it  heats  up  and 
conducts  heat  to  the  resin  located  in  the  reservoir,  thus  lowering  the 
resin's  viscosity.  Heating  elements  can  also  be  inserted  through  this 
channel  to  allow  heating  through  an  electrical  source.  Heating  of  the 
resin,  however,  shortens  its  gel  time. 

Resin  levels  can  be  observed  in  the  applicator  as  the  resin  fills 
the  reservoir  and  flowy  through  each  of  the  small  holes  in  the  resin 
applicator  cover  plate.  Mixed  resin  begins  to  form  beads  at  the  bot¬ 
tom  of  the  cover  plate  and  continues  up  both  sides  of  the  applicator 
as  the  resin  fills  the  reservoir  ring.  When  the  reservoir  is  com¬ 
pletely  filled,  resin  flows  out  of  all  the  small  holes  in  the  resin 
applicator  cover  plate. 

Void  contents  between  1.7  and  3.7  percent  in  structures  fabri¬ 
cated  using  the  resin  applicator  have  been  discovered.  In  addition, 
fiber-volume  fractions  of  parts  fabricated  using  the  resin  applicator 
ranged  from  56.8  to  63.9  percent. 


BRAIDING  BORE  EVACUATORS 

The  bore  evacuator  chambers  were  fabricated  using  the  144  carrier 
braiding  machine.  Figures  8  and  9  show  one  of  the  bore  evacuator 
chambers.  A  collapsible  mandrel  was  used  for  its  fabrication.  This 
mandrel  has  rounded  edges  which  allow  smooth  braiding  over  angled  sur¬ 
faces.  A  mandrel  with  sharp  edges  may  lead  to  slippage  and  incomplete 
coverage  . 

Longitudinal  fibers,  or  warp  fibers  as  they  are  sometimes  called, 
were  introduced  into  the  braided  structure.  This  not  only  added 
lateral  strength  to  the  composite,  but  also  helped  to  interlock  fibers 
and  prevent  fibers  from  spreading. 

A  recommended  fiber  for  this  application  is  the  S2-glass  yarn 
with  12  ends  or  higher.  A  12-ended  yarn  has  a  larger  bandwidth  than  a 
6-ended  yarn;  a  12-ended  yarn  allows  braid  angles  closer  to  45  degrees 
and  still  gives  complete  coverage  of  the  mandrel.  Yarns  with  smaller 
bandwidths  require  wrap  angles  closer  to  90  degrees  for  complete 
coverage.  With  modifications  to  the  carrier  mechanism,  S-glass  roving 
can  be  used.  S-glass  roving  has  a  significantly  larger  bandwidth  than 
the  yarns  and  aids  in  mandrel  coverage. 

A  braided  layer  was  applied  to  the  mandrel,  starting  at  the  small 
diameter  end  and  continuing  over  the  sloped  region  to  the  larger 
diameter.  Braiding  continued  over  the  large  diameter,  down  the  oppo¬ 
site  slope,  and  finished  at  the  collar  on  the  small  diameter  closest 
to  the  robot.  The  mandrel  was  jogged  back  and  forth  by  a  small  amount 
while  the  braider  continued  to  run.  Jogging  the  mandrel  allowed  a 
braided  layer  to  slowly  braid  up  to  the  collar.  As  the  braid 
approached  the  collar,  its  angle  of  wrap  approached  90  degrees.  Once 
the  braid  reached  the  collar,  the  mandrel  reversed  and  a  second  layer 
of  braid  was  applied  in  the  opposite  direction. 
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The  mandrel  should  be  rotated  a  couple  of  degrees  upon  reversal. 
Indexing  the  mandrel  allows  the  longitudinal  fibers  to  lay  down  next 
to  the  longitudinal  fibers  from  the  previous  layer  of  braid.  This 
distributes  longitudinal  fibers  around  the  circumference  of  the 
mandrel  instead  of  stacking  them  one  on  top  of  the  other. 

As  the  mandrel  reverses  direction  during  braiding,  the  braid 
folds  over  onto  itself.  At  this  point,  the  tension  given  to  the 
fibers  by  the  carriers  may  cause  the  braid  to  slide  back  towards  the 
braid  ring.  The  hoop  wrap  applied  at  the  collar  tends  to  clamp  down 
onto  the  mandrel  and  prevent  slippage. 

Since  the  final  thickness  of  the  smaller  diameter  of  the  bore 
evacuator  is  thicker  than  the  larger  diameter,  more  material  has  to  be 
applied  to  the  smaller  diameter  region.  This  is  done  by  reversing  the 
direction  of  the  mandrel  before  braiding  over  the  sloped  region.  A 
third  layer  is  now  braided  over  the  small  diameter.  As  the  braid 
approaches  the  collar,  the  mandrel  is  jogged  back  and  forth  again 
until  the  braid  reaches  the  collar.  The  mandrel  is  reversed  once 
again  and  braiding  is  continued  over  the  small  diameter  and  up  the 
sloped  region  to  the  large  diameter.  The  small  diameter  now  has  four 
layers  of  braid  and  the  large  diameter  has  two.  The  braid  continues 
over  the  large  diameter  and  down  the  slope  to  the  small  diameter  end 
closest  to  the  braider.  The  doubling  of  layers  is  now  performed  on 
this  smaller  diameter  end.  This  method  of  doubling  is  done  until  the 
proper  thickness  is  obtained. 

While  braiding  up  the  slope  of  the  mandrel,  fibers  tend  to  slip 
and  spread  over  the  surface  leaving  regions  vacant  of  fibers. 
Filament-wound  inserts  were  laid  down  between  braided  layers  to  fill 
in  these  voids.  A  possible  way  to  control  fiber  spreading  is  a  wrist 
rotation  to  the  robot  arm  so  the  mandrel  can  be  manipulated  in  the  X-Z 
plane.  Cantering  the  mandrel  such  that  the  sloped  surface  is  as  close 
as  possible  to  the  horizontal  plane  enables  the  braider  to  braid  over 
this  surface  more  easily.  The  braider  functions  very  well  over  hori¬ 
zontal  surfaces . 

When  braiding  was  completed  the  braided  bore  evacuator  was 
removed  from  the  robot  arm  and  placed  in  a  rotisserie  where  heat  lamps 
applied  heat.  Aluminum  foil  was  placed  around  the  lamps  and  the  com¬ 
posite  to  reflect  heat  and  maintain  high  temperatures.  The  bore  evac¬ 
uator  was  rotated  until  the  resin  hardened.  Finally,  the  bore 
evacuator  was  placed  into  an  oven  to  finish  curing.  Since  this 
mandrel  had  a  large  volume  of  material,  it  required  additional  heating 
to  bring  the  mandrel  and  inner  layers  of  the  composite  up  to  proper 
curingtemperatures. 

When  braiding  up  to  the  collar  on  the  mandrel  and  then  reversing 
direction,  the  braid  forms  small  grooves  along  the  face  of  the  collar 
and  0-ring  sealing  surface.  These  grooves  are  formed  by  the  braid 
folding  over  onto  itself  (see  Figure  10).  During  curing,  the  resin 
heats  up  and  becomes  less  viscous.  Resin  may  then  drain  out  from 
these  grooves.  When  the  composite  cures,  the  grooves  remain  as  part 
of  the  final  structure.  One  method  of  eliminating  this  would  be  to 
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modify  the  mandrel  by  removing  the  collar  (see  Figure  11).  The  com¬ 
posite  material  is  now  braided  over  the  0-ring  sealing  surface  at  a 
distance  approximately  3  inches  from  this  point.  When  the  bore  evac- 
uator  is  finished  and  cured,  this  excess  length  is  faced  off  to  its 
proper  dimension. 


CONCLUSION  AND  RECOMMENDATIONS 

A  disadvantage  of  braiding  compared  to  filament  winding  is  the 
time  required  to  load  all  144  half-pound  cops  of  glass  yarn  onto  the 
braiding  carriers,  as  opposed  to  the  four  10-pound  creels  the  filament 
winding  technique  requires.  This  installation  of  material  onto  the 
braider  requires  one  person  roughly  2  hours  to  accomplish,  whereas  the 
filament  winding  process  takes  just  several  minutes.  A  second  disad¬ 
vantage  is  the  frequent  loading  of  the  braider.  Only  two  or  three 
bore  evacuators  can  be  braided  per  loading  depending  on  the  wall 
thickness  of  the  bore  evacuator.  The  lag  time  between  actual 
construction  of  these  components  adds  up  to  a  substantial  amount  over 
the  course  of  manufacturing  many  bore  evacuator  chambers. 

The  advantages  of  braiding  over  the  filament  winding  technique 
are  time  savings  in  actual  fabrication  time;  increased  damage 
tolerance  of  the  final  component  attributed  to  the  interlocking  of 
fibers  during  braiding;  introduction  of  longitudinal  reinforcements 
while  braiding;  and  crack  arrest  characteristics  of  braided  laminates. 

Many  components  made  in  private  industry  utilize  the  damage 
tolerance  characteristics  that  braided  composite  structures  offer. 
Drive  shafts  for  land  vehicles,  airplanes,  and  helicopters  can  be  made 
from  braided  structures  with  this  damage  tolerance  nature  in  mind. 

One  area  of  concern  for  drive  shafts  in  military  helicopter  applica¬ 
tions  is  the  possibility  of  a  projectile  or  shrapnel  penetrating  the 
shaft  and  causing  the  torsional  forces  to  twist  or  unravel  the  shaft 
in  much  the  same  way  a  paper  towel  roll  unravels  when  twisted.  In 
experiments,  shafts  under  load  with  high  torsional  forces  have  been 
pierced  with  small  arms  projectiles  without  degradation  in  perform¬ 
ance. 


The  disadvantage  of  braiding  is  the  lag  time  between  braiding  a 
pair  of  bore  evacuators.  Due  to  the  small  carrier  design  and  close 
tolerance  between  moving  carriers,  it  is  impossible  to  add  larger 
spools  to  the  existing  machine.  Presently,  0.5-pound  spools  make  it 
possible  to  braid  two  or  three  bore  evacuators  before  a  complete 
reloading  of  the  braiding  machine  is  required.  As  a  result,  the 
operation  must  be  shut  down  to  allow  reloading  before  the  next  set  of 
bore  evacuators  can  be  fabricated. 

One  way  to  deal  with  the  lag  time  problem  between  braiding  opera¬ 
tions  is  to  operate  two  braiding  machines.  While  one  braider  is 
operating  to  fabricate  components,  the  other  braider  could  be  reloaded 
and  readied  for  the  next  braiding  operation. 
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Another  recommendation  to  the  braiding  operation  is  for  the  robot 
to  have  wrist  rotation  in  the  vertical  plane  (X-Z  plane).  Using  this 
rotation,  the  bore  evacuator  can  be  positioned  such  that  the  angled 
surface  of  the  mandrel  is  as  close  as  possible  to  the  horizontal 
plane.  The  braider,  a  machine  which  braids  very  well  over  surfaces 
perpendicular  to  its  braid  ring,  is  apt  to  braid  over  these  angled 
surfaces  with  little  or  no  slippage. 

Modifications  to  the  carrier  design  should  be  conducted  to  allow 
pre- impregnated  material  and  dry  roving  to  flow  through  the  carrier 
mechanism  with  little  trouble. 


The  Use  of  Curvilinear  Fiber  Format  to  Improve  Buckling 
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INTRODUCTION  AND  BACKGROUND 

Conventional  design  philosophies  for  fiber-reinforced  composite  structures  are  based  on  the 
idea  of  using  multiple  layers  of  fibers  embedded  in  a  matrix,  the  fibers  in  each  layer  being 
straight  and  aligned  in  a  particular  direction.  Though  each  layer  may  have  its  own  unique 
fiber  orientation,  the  idea  of  allowing  the  fiber  orientation  within  a  layer  to  vary  from  point 
to  point  has  not  been  seriously  considered.  Fabrication  techniques  and  analysis  procedures 
have  precluded  this  form  of  fiber  usage,  herein  referred  to  as  a  curvilinear  format,  and  have 
emphasized  the  use  of  fibers  in  a  straight  line.  Contemporary  fiber  handling  techniques, 
however,  make  the  issue  of  a  curvilinear  format  less  of  an  obstacle.  This  paper  explores  the 
potential  gain  in  buckling  resistance  by  using  the  curvilinear  format  with  a  plate  containing 
a  centrally  located  circular  hole  and  subjected  to  a  uniaxial  compressive  load.  This  work  is 
considered  a  follow-on  to  earlier  work  [1]  directed  at  improving  the  tensile  load  capacity  of 
a  plate  with  a  centrally  located  circular  hole  using  the  curvilinear  fiber  concept.  (See  also 
refs.  2  and  3.)  In  that  previous  work,  using  the  maximum  strain  criterion,  the  tensile  capacity 
of  a  plate  with  a  stacking  arrangement  denoted  as  (  +  45/C6)s  was  shown  to  have  a  load  ca¬ 
pacity  greater  than  an  equal-weight  conventional  straightline  design.  The  notation  C  in  the 
stacking  sequence  signifies  a  layer  in  the  laminate  that  has  a  fiber  direction  that  varies  from 
point  to  point  within  the  plate.  In  the  above  laminate,  then,  the  central  12  layers  have  the 
curvilinear  format,  in  the  tension  study,  the  fiber  orientations  within  the  layers  with  the 
curvilinear  format  were  determined  by  aligning  the  fibers  in  those  layers  with  the  principal 
stress  directions  in  those  layers.  This  should  not  be  confused  with  aligning  the  fibers  with 
principal  stress  directions  of  the  laminate.  Principal  stress  directions  of  a  laminate  are 
somewhat  meaningless. 

Ideally,  with  the  curvilinear  format  the  fiber  directions  would  vary  continuously  from  point 
to  point.  For  the  tension  problem  the  fiber  directions  would  everywhere  be  aligned  with  the 
principal  stress  directions  of  the  particular  layers.  However,  a  finite-element  discretization 
was  used  in  the  analysis  of  the  tension  problem.  Thus  instead  of  having  the  fiber  directions 
varying  continuously,  they  were  assumed  to  be  constant  within  each  element  of  the  finite- 
element  model,  but  they  varied  from  element  to  element.  With  120  elements  in  a  quarter 
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plate  model,  this  approximation  was  not  a  detriment.  Since  principai  stress  directions  de¬ 
pend  on  the  fiber  orientations,  aligning  the  fibers  with  the  principai  stress  directions  re¬ 
quired  iteration.  Usually  within  4  or  5  iterations  the  fibers  were  aiigned  with  the  principal 
stress  directions  in  each  element  and  the  performance  of  the  curvilinear  designs  was  com¬ 
pared  with  conventionai  straightline  format  designs.  Figure  1  shows  the  fiber  orientations 
of  the  curvilinear  layers  that  resulted  from  the  iteration  process.  For  this  curvilinear  case, 
a  ( +  45/06)s  is  considered  the  straightiine  counterpart.  The  tensile  strength  of  the 
curvilinear  (  +  45/C6)s  was  shown  to  have  capacity  1.25  times  greater  than  this  straightline 
counterpart.  Relative  to  a  conventional  quasi-isotropic  design,  the  curvilinear  design  was 
1.60  times  stronger  in  tension.  The  baseline  quasi-isotropic,  the  curvilinear,  and  the 
straightline  counterpart  designs  were  ali  predicted  to  fail  due  to  fiber  tension  near  the  net- 
section  hoie  edge.  Though  the  curvilinear  design  had  the  same  faiiure  mode,  it  was  shown 
that  the  primary  effect  of  the  curvilinear  design  was  to  move  the  load  around  the  hole  in  a 
more  effective  manner  than  the  straightline  designs  did.  Material  near  the  hole  edge,  where 
the  stresses  were  highest  in  all  designs,  was  not  stressed  as  highly  in  the  curvilinear  design 
as  in  the  other  designs.  Hence  the  tensile  load  capacity  was  greater. 

The  increased  tension  capacity  of  the  curvilinear  designs  could  well  come  at  the  expense 
of  a  degradation  in  buckling  load.  Thus  the  buckling  loads  of  the  baseline,  curvilinear,  and 
straightline  counterpart  designs  were  computed  and  compared.  In  particular,  the  buckling 
loads  for  a  uniform  stress  loading  and  simple  support  boundary  conditions  were  examined. 
The  baseline  quasi-isotropic  design  exhibited  the  highest  buckling  load,  presumably  due  to 
the  fact  that  half  layers  were  in  a  +  45  orientation.  The  curvilinear  design  buckling  capacity 
was  generally  5-15%  less  than  the  baseline  quasi-isotropic  design,  and  as  good  or  better 
than  the  straightline  counterpart.  Thus  the  study  concluded  that  though  the  improved  tensile 
performance  was  at  the  expense  of  buckling  performance,  the  penalty  was  no  worse,  and  in 
fact  less,  than  other  non-quasi-isotropic  straightline  designs. 

The  studies  related  to  buckling  immediately  raised  the  question:  Can  buckling  performance 
be  improved  by  utilizing  the  curvilinear  concept?  How  many  layers  should  have  the 
curvilinear  format?  What  is  the  basis  for  comparison  to  measure  improvements  in  buckling 
resistance?  Is  the  tensile  strength  of  these  designs  degraded?  It  seems  certain  that  working 
with  the  principal  stress  directions  is  not  the  approach  to  take.  However,  as  in  the  principal 
stress  direction  method  of  improving  tensile  strength,  it  seems  logical  to  consider  the  fiber 
angle  at  each  point  in  the  plate  (or,  in  the  present  analysis,  in  each  finite-element)  as  a  var¬ 
iable  that  can  be  used  to  control  buckling  load.  The  principal  question  is  How  do  we  de¬ 
termine  these  fiber  angles  so  as  to  result  in  the  maximum  buckling  load?  As  alluded  to 
above,  of  equal  importance  is  the  influence  of  these  fiber  angles  on  the  tensile  load.  Im¬ 
proved  buckling  performance  could  well  come  at  the  expense  of  degraded  tensile  capacity. 

The  approach  taken  here  is  similar  to  the  approaches  used  in  optimization  studies,  namely, 
sensitivity  studies  and  finding  the  conditions  that  lead  to  a  maximum  of  a  performance 
measure.  The  sections  that  follow  focus  on  these  issues  and  provide  details  of  the  ap¬ 
proach.  The  next  section  briefly  outlines  the  method  of  analysis  for  this  buckling  improve¬ 
ment  study.  The  section  after  that  further  discusses  the  method  of  analysis  and  presents 
several  designs  that  represent  an  improvement  over  a  baseline  quasi-isotropic  design,  a 
design,  as  mentioned  above,  that  is  quite  good  for  buckling  resistance.  The  section  follow¬ 
ing  that  discusses  the  tensile  load  capacity  of  these  designs.  The  paper  concludes  with  a 
recommended  design  that  not  only  shows  an  improved  buckling  capacity,  but  also  shows 
improved  tensile  performance.  Follow-on  activities  are  also  discussed  at  the  close  of  this 
paper. 
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METHOD  OF  ANALYSIS 


The  finite-element  method  is  used  throughout  the  study.  The  presence  of  the  hole  requires 
a  prebuckling  analysis  to  determine  the  inplane  stress  resultants.  This  is  accomplished  with 
an  8-node  isoparametric  element.  The  buckling  analysis,  of  course,  uses  the  prebuckling 
stress  resultants  to  compute  the  level  of  those  resultants  that  causes  the  plate  to  buckle. 
The  finite  element  used  for  the  buckling  analysis  is  also  an  8-node  element. 

The  material  properties  used  in  the  study  represent  typically  available  polymer  matrix 
graphite  composite.  The  properties  are  as  follows: 

Ei  =  137  MPa  (19.9  Msi) :  £3  =  8.8  MPa  (1 .28Msi) 

Gi2  -  7.1  MPa  (1.03  Msi) :  =  0.298  (1) 

layer  thickness  =  0.1  mm  (0.005  in.) 

The  failure  strains  used  to  evaluate  tensile  load  are  as  follows: 

tensile  failure  in  fiber  direction  :  10.5x10“^ 
compressive  failure  in  fiber  direction  :  10.5x10~^ 
tensile  failure  perpendicular  to  fiber  :  5.8x10  (2) 

__3 

compression  failure  perpendicular  to  fiber  :  23.0x10 
shear  failure  in  plane  of  layer  :  13.1x10“^ 

SENSITIVITY  STUDIES 

With  a  sensitivity  study,  as  it  applies  here,  the  fiber  angles  at  each  point  are  considered  as 
design  variables.  For  a  finite-element  representation,  wherein  the  fiber  angle  is  constant 
within  each  element,  element  fiber  angles  are  considered  the  design  variables.  Here,  the 
sensitivity  of  the  buckling  load  to  the  design  variables  is  examined.  In  the  previous  study 
to  improve  tensile  capacity,  120  elements  were  used.  If  this  many  elements  were  used  for 
the  buckling  study  being  discussed  here,  there  would  be  120  design  variables.  Determining 
the  sensitivity  of  the  buckling  load  to  each  of  the  120  fiber  angles  would  be  an  impossible 
task.  Hence,  for  the  buckling  study,  less  fiber  angles  are  used.  This,  in  effect,  prescribes 
that  a  given  fiber  angle  be  fixed  over  a  larger  region  of  the  plate  than  if  120  fiber  angles  were 
used.  Though  120  finite-elements  could  be  used  to  compute  the  lowest  buckling  load,  far 
fewerelements  produced  the  same  result,  and  obviously  required  far  less  computation.  A 
convergence  study  indicated  that  no  more  than  18  elements  in  a  quarter  plate  were  neces¬ 
sary  to  accurately  compute  the  lowest  buckling  load.  As  a  first  step  at  studying  sensitivity, 
then,  18  different  fiber  angles  in  a  quarter  plate  are  considered.  Though  it  is  well  known  that 
the  presence  of  the  D,6and  Dje  terms  prevents  quarter  plane  symmetry  [4],  a  quarter  plate 
analysis  provides  a  good  estimate  of  the  effectiveness  of  the  curvilinear  format  for  improving 
buckling  resistance.  A  schematic  of  the  quarter  plate  divided  into  18  regions  is  illustrated 
in  fig.  2.  The  numbering  scheme  for  the  regions  is  shown  in  the  figure.  Here  only  square 
plates  are  studied,  in  particular,  square  plates  with  a  hole  diameter  to  width  ratio  of  0.3. 
Specifically,  the  plate  dimensions  considered  are  chosen  for  purposes  of  possible  small- 
scale  verification  experiments.  The  plate  length  and  width  are  254  mm  (10  in.)  and  the  hole 
diameter  is  76.2  mm  (3  in.).  Only  16  layer  plates  are  studied.  The  plate  is  assumed  to  be 
simply  supported  on  all  four  edges.  The  loading  used  is  actually  a  displacement  loading, 
rather  than  the  uniform  stress  loading  discussed  in  the  INTRODUCTION,  a  displacement 
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loading  more  closely  representing  an  experimental  set-up.  The  laminate  used  to  begin  this 
sensitivity  study  is  a  (  ±  45/06)s.  Shown  in  fig.  2  is  the  fact  that  the  sensitivity  study  is  based 
on  aliowing  the  0°  fiber  angle  in  one  of  the  18  regions  of  the  piate  to  vary,  in  this  one  region 
the  laminate  couid  be  considered  a  {±A5j0e)s  iaminate.  The  sensitivity  study  examines  the 
infiuence  of  this  variabie  fiber  angle  on  the  buckling  load  by  computing  the  buckiing  ioad 
as  a  function  of  6.  This  variation  is  allowed  on  a  region-by-region  basis.  For  each  region 
there  is  a  fiber  angle,  6*,  that  results  in  the  greatest  buckiing  load.  The  sensitivity  of  the 
buckiing  ioad  to  the  fiber  angie  in  each  region  is  iiiustrated  in  fig.  3.  in  this  figure  the 
buckiing  ioad  is  normalized  by  the  buckiing  ioad  of  the  (  +  45/06)s  iaminate.  Hence,  for  each 
region,  when  6  =  0°,  the  buckiing  ioad  is  in  unity  because  the  iaminate  is  actualiy  theoriginai 
( +  45/06)s  iaminate. 

By  studying  fig.  3,  two  important  facts  can  be  iearned.  First,  it  is  ciear  that  the  buckiing  ioad 
is  not  sensitive  to  the  fiber  angie  in  some  regions  of  the  piate.  For  exampie,  aiong  the 
centeriine.  regions  1,  2,  and  3,  fiber  angie  is  not  overiy  important.  By  contrast,  around  the 
hoie,  regions,  7,  10,  13,  and  16,  improvements  in  the  buckiing  ioad  can  be  made  by  changing 
the  fiber  angie.  in  a  similar  vein,  the  sensitivity  study  indicates  that  the  buckiing  ioad  can 
be  degraded  by  changing  the  fiber  angles  in  regions  9,  12,  15,  and  18. 

As  a  second  point,  fig.  3  indicates  that  if  effects  are  additive,  there  can  be  significant  im¬ 
provements  in  buckiing  resistance  if  fiber  angies  are  chosen  properiy  in  the  various  regions 
of  the  plate.  To  that  end,  if  a  plate  design  is  considered  that  uses  the  angie  in  each  region 
that  resuits  in  the  maximum  buckling  ioad,  a  considerabie  increase  in  buckiing  resistance 
is  achieved.  Such  a  design  is  iiiustrated  in  fig.  4,  the  angies  in  each  region  being  the  angie 
from  fig.  3  that  resuits  in  the  maximum  buckiing  ioad  when  the  fiber  angies  were  varied  one 
region  at  a  time.  The  buckiing  load  is  2.26  times  the  buckling  ioad  of  the  original 
(  +  45/06)s  laminate,  indeed  a  significant  improvement.  It  should  be  noted  that  for  a  uniform 
displacement  loading  of  a  piate  simpiy  supported  on  ali  four  sides,  the  buckiing  load  of  a 
quasi-isotropic  iaminate  and  (  ±  45/06)s  iaminate  are  practicaliy  identicai.  This  is  opposed 
to  the  stress-loaded  simply  supported  case  discussed  in  the  iNTRODUCTiON  where  the 
quasi-isotropic  laminate  was  15%  more  resistant  to  buckiing.  Hence  the  buckiing  loads  be¬ 
ing  discussed  in  this  buckling  improvement  study  can  be  considered  as  being  normaiized 
either  by  the  quasi-isotropic  baseiine,  or  by  the  original  (  +  45/06)s  straightline  design. 
Herein,  the  normalized  buckling  load  will  be  denoted  by  P„  and  hence  for  the  design  of  fig. 
4,P„  =  2.26. 

Though  the  sensitivity  study  results  in  a  design  with  improved  buckling  resistance,  the  ap¬ 
proach  may  be  somewhat  misleading.  In  reality,  the  fiber  orientation  in  each  region  that 
maximizes  the  buckling  load  more  than  likely  depends  on  the  fiber  orientation  in  other 
regions. ..that  is,  the  regions  interact.  In  the  sensitivity  study,  it  is  assumed  that  the  fiber 
orientations  in  the  other  regions  were  0°,  the  only  nonzero  fiber  angle  being  the  one  in  the 
region  being  studied.  To  allow  for  interaction  between  regions,  the  fiber  angle  in  each  of  the 
18  regions  is  considered  an  unknown,  and  a  gradient-search  [5]  technique  is  used  to  find  the 
combination  of  angles  in  the  18  regions  that  maximizes  the  buckling  load.  As  used  here, 
there  is  no  guarantee  the  technique  will  find  the  absolute  maximum.  The  maximum  in  the 
neighborhood  of  the  initial  angles  given  the  gradient-search  algorithm  is  what  the  technique 
will  find.  This  concern  in  mind,  if  the  gradient-search  technique  is  applied,  the  design  illus¬ 
trated  in  fig.  5  results.  This  design  has  a  buckling  load  2.96  times  the  baseiine  case 
=  2.96).  This  is  an  improvement  over  the  baseline  case,  and  an  improvement  over  the 
sensitivity  analysis  design.  Comparing  figs.  4  and  5  it  can  be  seen  that  the  sensitivity  anal- 
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ysis  and  the  gradient-search  method  result  in  different  fiber  angles  in  the  18  regions,  the  fi¬ 
ber  angle  distribution,  however,  being  generally  the  same. 

One  of  the  first  concerns  that  comes  to  mind  when  examining  either  fig.  4  or  5  is  the  issue 
of  manufacturing.  The  change  in  fiber  angle  between  adjacent  regions  is  large,  for  ex¬ 
ample,  between  regions  7  and  8,  or  between  regions  10  and  11.  Such  discontinuities  in  fiber 
directions  are  not  possible  for  even  the  most  advanced  manufacturing  methods.  Dividing 
the  plate  into  more  regions  may  reduce  the  discontinuity  of  fiber  angles  between  regions. 
And  with  more  design  variables,  the  improvement  in  buckling  load  could  be  expected  to  in¬ 
crease.  As  stated  above,  the  computational  effort  becomes  quite  large  with  more  regions. 
The  approach  taken  here  is  to  use  fewerdesign  variables,  or  other  geometric  arrangements 
of  fiber  angles.  A  variation  on  the  geometric  arrangement  of  regions  is  shown  in  fig.  6,  the 
plate  being  divided  into  6  radially  oriented  regions.  There  are  still  18  finite  elements  in  the 
discretization  but  there  are  only  6  different  fiber  angles.  The  results  of  the  sensitivity  study, 
based  on  the  (  +  45/06)s  laminate,  are  shown  in  fig.  7.  Except  for  region  1,  the  region  along 
the  centerline  of  the  plate,  and  the  region  that  corresponds  to  regions  1,2,  and  3  in  the  18 
region  scheme,  each  region  has  an  influence  on  the  buckling  load.  Fiber  orientations  within 
this  6  region  scheme  can  lead  to  improvements  in  buckling  resistance.  The  sensitivity 
analysis  design  is  shown  in  fig.  8.  This  value  of  P„  for  this  design  is  1.83.  The  design  re¬ 
sulting  from  the  gradient-search  technique  is  shown  in  fig.  9.  For  the  gradient-search  de¬ 
sign,  Per  =  1.85.  These  designs,  where  the  fibers  are  grouped  along  radial  regions,  are 
referred  to  herein  as  a  ( +  45/RG6)s  designs.  Compared  to  the  factor  of  2.96  for  the 
gradient-search  18-region  design,  the  buckling  resistance  is  not  as  great.  However,  this 
near  factor  of  2  in  improvement  is  significant,  and  the  design  is  much  more  manufacturable. 

TENSILE  STRENGTH  CONSIDERATIONS 

Since  in  a  normal  operating  environment  both  compressive  and  tensile  loads  are  present, 
it  is  of  paramount  importance  to  evaluate  the  tensile  strength  of  the  designs  that  improve  the 
buckling  load.  For  a  tensile  load  the  stresses  of  concern  are  the  prebuckling  stresses  with 
the  sign  reversed.  Thus  a  tensile  analysis  is  available  as  part  of  the  buckling  analysis. 

The  principal  material  direction  strains  e,,  K2,  and  y,2  in  each  layer  are  computed  and  the 
maximum  strain  criterion  applied  using  the  strains  in  eq.  2.  The  strains  as  computed  at  the 
finite-element  Gauss  points  are  used.  (The  prebuckling  compressive  strains  are  quite  small 
compared  to  the  failure  strains  and  thus  it  is  clear  compressive  loading  causes  buckling 
rather  than  material  failure.) 

Table  1  summarizes  the  tensile  failure  loads  of  the  laminates  discussed  so  far,  in  addition 
to  a  laminate  to  be  discussed.  For  completeness,  buckling  loads  are  included  in  the  Table. 
In  the  Table  both  the  buckling  load  and  the  tensile  failure  load  are  normalized  by  the  re¬ 
spective  load  for  the  quasi-isotropic  laminate.  For  the  curvilinear  designs,  only  the  designs 
determined  by  the  gradient-search  method  are  included.  For  the  tensile  failure,  the  failure 
mode  and  the  location  of  this  failure  are  indicated.  As  a  reference,  the  buckling  load  of  a 
10  in.  by  10  in.  16  layer  displacement  loaded  quasi-isotropic  simply  supported  laminate  with 
a  3  in.  hole  is  calculated  to  be  6.00  kN  (1.35  kips)  and  the  tensile  failure  load  is  105  kN  (23.6 
kips).  Tensile  failure  is  predicted  to  occur  due  to  fiber  failure  at  the  net  section  hole  edge. 
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TABLE  1 


Buckling  and  Tensile  Load  Capacities  of  Laminates 


Laminate 

Buckling 

Load 

Tensile 

Load 

Tensile  Failure  Details 

quasi-isotropic 

1.00’ 

1.002 

fiber  failure  at  hole  edge 

(  ±  45/0e)s 

1.01 

1.88 

fiber  failure  at  hole  edge 

(  +  45/Ce)s 

2.97 

- 

not  considered® 

(  ±  45/RGe)s 

1.85 

0.62 

shear  at  loaded  edge 

(  ±  45/0/90/RG4)s 

1.30 

1.35 

fiber  failure  at  hole  edge 

1  -  6.00  kN  (1.35  kips) 

2  -  105  kN  (23.6  kips) 

3  -  Since  this  design  was  judged  to  be  too  difficult  to  manufacture,  it  was  not  pursued. 


Immediately  obvious  in  Table  1  is  the  fact  that  the  ( ±  45/RG6)s  design,  a  manufacturable 
design,  is  about  40%  weaker  in  tension  than  the  baseline  quasi-isotropic  laminate,  and 
considerably  weaker  in  tension  than  the  (  +  45/06)s  design.  Failure  is  predicted  to  occur  in 
shear  at  the  loaded  edge.  Specifically,  referring  to  fig.  6,  failure  is  predicted  to  occur  at  the 
loaded  edge  of  region  3.  In  this  region,  due  to  the  fiber  angle  of  —44°,  the  laminate  is  ef¬ 
fectively  a  (  +45/  —  457)2  laminate.  This  laminate,  while  strong  in  inplane  shear  in  the  plate 
coordinate  system,  is  extremely  weak  in  inplane  shear  in  a  coordinate  system  rotated  at 
45°  to  the  plate  coordinate  system.  Needed  is  reinforcement  in  the  0  and/or  90°  direction  in 
the  plate  coordinate  system  to  overcome  this  weakness  in  shear.  As  a  step  in  this  direction, 
four  of  the  curvilinear  layers  are  re-oriented  so  as  to  form  a  (  +  45/0/90/RG4)s.  The  fiber 
angles  in  the  curvilinear  layers  as  found  by  the  gradient-search  technique  for  this  laminate 
are  not  quite  the  same  as  in  the  ( +  45/RG6)s  laminate.  Effectively,  the  (  +  45/0/90/RG4)s 
laminate  is  a  'sandwich',  the  curvilinear  layers  being  sandwiched  between  two  quasi¬ 
isotropic  laminates.  As  can  be  seen  from  the  Table,  the  tensile  strength  is  significantly  im¬ 
proved,  and  in  fact,  exceeds  the  baseline  quasi-isotropic  laminate.  This  is  presumable  due 
to  the  load  being  transferred  around  the  hole  more  effectively,  as  discussed  in  the  INTRO¬ 
DUCTION.  The  buckling  load  has  decreased  relative  to  the  original  RGg  design.  However, 
overall,  the  (  +  45/0/90/RG4)s  laminate  is  better  than  a  quasi-isotropic  laminate. 

CURRENT  AND  FUTURE  ACTIVITIES 

The  results  obtained  to  date  in  this  area  are  quite  encouraging.  Though  the  number  of  re¬ 
gions  that  can  have  unique  fiber  angles,  and  the  number  and  arrangements  of  the  layers 
within  those  regions  would  appear  to  be  infinite,  there  is  a  practical  limit  to  what  can  be 
fabricated.  Tow  placement  devices  must  work  with  smooth  fiber  trajectories,  and  the  fiber 
trajectories  in  one  area  of  the  plate  have  to  be  able  to  blend  in  a  continuous  fashion  with  the 
fiber  trajectories  in  other  areas  of  the  plate.  In  addition,  there  are  volume  fraction  consid¬ 
erations.  Thus  there  is  not  an  endless  array  of  possibilities.  Some  other  possibilities  have 
been  considered  but  have  not  been  thoroughly  investigated.  For  example,  using  circumfer- 
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entially  grouped  regions  rather  than  radially  grouped  regions  could  lead  to  high  buckling 
loads.  And  what  of  post-buckling?  The  buckled  plates  must  eventually  fail.  It  is  important 
to  know  whether  their  post-buckling  strength  is  improved  or  degraded.  Material  failure  will 
most  likely  occur  in  the  post-buckled  range  and  this  must  be  investigated.  These  areas  are 
currently  under  investigation  and  will  be  reported  on  at  a  later  date. 

ACKNOWLEDGMENTS 

The  work  reported  on  here  was  supported  by  Grant  NAG-1-665,  "Innovative  Design  of  Com¬ 
posite  Structures,"  with  the  Structural  Mechanics  Branch  of  the  NASA  Langley  Research 
Center.  The  Grant  Monitor  is  Dr.  M.P.  Nemeth.  The  financial  support  and  technical  advice 
and  encouragement  from  Dr.  Nemeth  are  appreciated  by  both  authors. 

REFERENCES 

1.  Hyer,  M.W.  and  Charette,  R.F.,  "The  Use  of  Curvilinear  Fiber  Format  in  Composite 
Structure  Design,"  AIAA  Paper  No.  89-3105,  presented  at  the  30th  AIAA  SDM  Confer¬ 
ence,  Mobile,  AL,  April  1989. 

2.  Hyer,  M.W.  and  Charette,  R.F.,  "Innovative  Design  of  Composite  Structures:  Further 
Studies  in  the  Use  of  a  Curvilinear  Fiber  Format  to  Improve  Structural  Efficiency," 
Virginia  Tech  College  of  Engineering  Report  VPI-E-88-8,  March  1988. 

3.  Hyer,  M.W.  and  Charette,  R.F.,  "Innovative  Design  of  Composite  Structures;  Use  of 
Curvilinear  Fiber  Format  to  Improve  Structural  Efficiency,"  University  of  Maryland  De¬ 
partment  of  Mechanical  Engineering  Technical  Report  87-5,  May  1987. 

4.  Nemeth,  M.P.,  "Importance  of  Anisotropic  Bending  Stiffness  on  Buckling  of  Symmet¬ 
rically  Laminated  Plates  Loaded  in  Compression,"  AIAA  Journal,  vol.  24,  pp.  1831-35, 
Nov.  1986. 

5.  Miura,  H.  and  Schmitt,  L.A.,  "NEWSUMT-  A  Fortran  Program  for  Inequality  Constrained 
Function  Minimization  -  Users  Guide,"  NASA  CR  159070  June  1979. 


173 


Fiber  orien 


Fig.  4  Fiber  angles  in  the  curvilinear  layers  that  maximize^uckling  load  in  a 
(  +  45/C6)s  plate,  sensitivity  design  with  18  regions,  P^r  =  2.26, 


Fig.  5  Fiber  angles  in  the  curvilnear  layers  that  maximize  buckling  load  in  a 
(  ±  45/Ce)s  plate,  gradient-search  design  with  18  regions,  =  2.96. 
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Fig.  7  Sensitivity  of  buckling  load  to  fiber  angle  in  each  of  the  6  regions  of  a 
(  ±  45/06)s  laminate. 
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SUMMARY 


Recent  activity  directed  toward  advancing  the  development  and  validation  of 
graphite  reinforced  thermoplastic  primary  and  secondary  structure  are 
described.  The  efforts  discussed  include  the  design,  manufacture  and  test  of  a 
highly-loaded  multi-spar  wing-box  component,  and  the  development  of  a  flight¬ 
worthy  article  that  is  form,  fit  and  functionally  replaceable  with  the  nose  landing 
gear  door  of  the  V-22  Osprey. 


INTRODUCTION 

Thermoplastic  composites  such  as  PEEK  reinforced  with  graphite  fibers  offer 
promising  producibility  and  performance  characteristics  for  both  primary  and 
secondary  structure  applications.  A  key  element  in  capturing  potential  benefits 
is  the  structural  validation  of  full-scale  components  fabricated  using  the  forming 
and  fusion  bonding  processes  that  are  being  developed  for  thermoplastics. 
Toward  this  goal,  recent  work  was  focussed  on  a  multi-spar  wing-box  test  article 
and  a  nose  landing  gear  door. 

Both  articles  employed  APC-2  prepreg  material  purchased  from  ICI.  The  wing- 
box  component  incorporated  planked  soft-skin  upper  and  lower  covers  and  C- 
channel  spars  produced  by  press  forming.  Test  validation  included  limit  load 
demonstration  followed  by  combat  damage  tolerance  testing.  These  results 
provide  enhanced  confidence  in  the  capability  to  produce  high-performance 
structure  using  fabrication  methods  that  can  capture  the  cost-reduction  potential 
of  thermoplastics. 

The  nose  landing  gear  door  demonstrated  several  features  that  are  critical  for 
thermoplastic  payoffs,  including  integrally  stiffened  diaphragm-formed  skins  and 
fused  assembly.  Formed  bead-stiffening  was  used  to  provide  stiffness  without 
employing  sandwich  construction,  and  is  well-suited  for  thermoplastic 
fabrication.  A  structural  qualification  program  was  completed  that  includes 
coupon  testing,  damage  tolerance  evaluation,  and  full-scale  static  testing. 


WING-BOX  TEST  ARTICLE 

The  objective  of  developing  the  wing-box  test  article  was  to  confirm  the 
structural  integrity  of  a  large,  highly  loaded  full-scale  structure  fabricated  of 
thermoplastics  using  nonautoclave  processes.  The  work  was  undertaken  in 
mid-1986  and  completed  with  full-scale  testing  in  1987. 

The  material  system  employed  was  APC-2  (AS4  graphite  fibers  reinforcing 
PEEK  matrix)  purchased  from  ICI  as  9-inch  wide  unidirectional  tape.  The  box- 
configuration  contained  some  of  the  design  features  of  the  graphite/epoxy 
replacement  wing  developed  by  Boeing  for  the  Navy’s  A-6  aircraft.  These 
features  included  planked  wing  covers  (ie.,  a  soft-skin  design)  for  both  the 
upper  and  lower  skins,  and  C-channel  spars  bolted  to  the  planks. 

Figures  1  and  2  are  pictorial  representations  of  the  article  which  has  a  constant 
cross-section,  and  is  34-inches  wide  by  98-inches  long.  Figure  3  shows  the  box 
prior  to  installation  of  the  lower  cover.  Overall  design  features  include  the 
following: 


-  planked,  soft  skins 

-  five  C-channel,  nontapered  spars,  spaced  at  8-inches 

-  8-inch  depth,  constant  section 

Figure  4  shows  the  spar-to-skin  attachment  and  some  details  of  the  planked 
skin  design.  The  planks  contain  a  high  percentage  of  0-degree  plies  and 
provide  bending  and  axial  stiffness.  The  region  between  planks  (referred  to  as 
the  web  or  skin)  provides  torsional  stiffness  and  internal  pressure  resistance. 
Most  significantly,  the  ±45  dominated  skin  region  provides  improved  notch- 
sensitivity  relative  both  low-energy  impact  damage  (LEID),  and  the  high-energy 
impact  damage  to  impact  (HEID)  nduced  by  combat  projectile  threats  that 
perforate  the  structure. 

The  design  cut-off  strain  used  for  sizing  the  structural  members  was  0.006-in/in 
ultimate.  This  value  was  selected  from  the  standpoint  of  a  developmental  goal 
for  high-strain  design  concepts  using  tough  polymers.  This  goal  has  also  been 
employed  by  Grumman  and  McDonnell-Douglas  for  high-strain  wing 
development  programs  sponsored  by  the  Naval  Air  Development  Center 
(Reference  1).  An  allowable  substantiation  test  program  was  not  undertaken  for 
the  wing-box  test  article  described  herein  because  of  the  limited  objectives  of 
the  project. 

A  combat  damage  tolerance  criteria  was  employed  in  addition  to  the  0.006-in/in 
ultimate  strain  cut-off,  based  on  the  multiple  fragment  threat  described  in 
Reference  2.  This  criteria  requires  sustaining  a  3-fragment  impact  while  the 
wing  is  loaded  at  25-percent  limit  strain  followed  by  an  application  of  limit-strain 
without  catastrophic  failure. 

Grade  145  tape  was  used  for  all  fabrication.  Nine-inch  wide  tape  was  edge- 
seamed  to  form  sheets  of  appropriate  size  for  the  skin  and  spar  laminates.  The 
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sheet  and  strip  materials  for  the  planked  panels  were  stacked  onto  a  heated 
platen,  wrapped  in  heating  blankets,  and  consolidated  using  autoclave 
pressure. 

The  spar  beams  were  press-formed  in  a  conventional  brake  press  using  the 
tooling  indicated  in  Figure  5  consisting  of  an  aluminum  female  tool  and  a  rubber 
male  tool.  Flat  laminates  were  first  consolidated  under  vacuum  pressure  using 
heating  blankets  for  thermal  control.  Following  consolidation,  the  laminates 
were  trimmed  to  form  blanks  for  the  C-channel  sections.  The  blanks  were  then 
heated  to  forming  temperature,  transferred  to  the  cold  tooling  and  pressed  to 
final  shape.  After  several  minutes,  the  press  was  opened  and  the  formed 
channels  removed,  as  indicated  in  Figure  6.  A  total  of  nine  100-inch  long 
channels  were  formed.  C-scanning  of  the  parts  indicated  good  quality. 

Only  one  wing-box  article  was  fabricated.  Structural  testing  consisted  of 
demonstrating  the  0.004-in/in  design  limit  strain  without  evidence  of 
degradation,  followed  by  a  ballistic  test  to  verify  the  combat  damage  tolerance 
criteria.  Figure  7  shows  the  testing  performed  for  verification  and  Figure  8 
shows  the  4-point  beam  loading  fixture  and  ballistic  test  apparatus.  Following 
the  limit-load  strain  demonstration  with  no  damage,  the  article  was  loaded  to 
0.001 -in/in  strain  and  impacted  in  the  center  spar  with  three  fragments  launched 
simultaneously  at  2500  feet  per  second.  The  fragments  were  250-grain  steel 
cylinders. 

The  article  successfully  sustained  the  applied  load  at  impact.  The  applied  loads 
were  then  increased  until  failure  occurred.  The  maximum  strain  at  failure  in  the 
covers  was  0.004-in/in,  providing  verification  of  limit  load  strain  following 
ballistic  damage. 


NOSE  LANDING  GEAR  DOOR 

The  nose  landing  gear  door  development  work  was  initiated  in  1987. 
Advanced  reinforced  thermoplastic  composite  technology  was  demonstrated 
through  the  design,  fabrication,  and  test  of  a  full-scale  thermoplastic  component 
for  possible  flight  evaluation.  The  nose  landing  gear  door  of  the  V-22  Osprey 
aircraft  was  selected  for  this  demonstration.  IM7/PEEK  unidirectional  tape  was 
used  in  a  rapid,  nonautoclave,  thermoforming  process  which  exhibited 
significant  cost  reduction  over  the  thermoset  honeycomb  baseline  design.  The 
validation  effort  included,  in  addition  to  coupon  and  element  tests,  a  full-scale 
structural  loads  demonstration.  The  door  has  been  fit-checked  by  installation 
onto  a  V-22  aircraft. 

The  approach  chosen  was  to  redesign  a  baseline  thermoset  article  using 
thermoplastic  composites  and  nonautoclave  fabrication  processes.  The  right 
hand  door  of  the  nose  landing  gear  door  set  (see  Figure  9  and  10)  was 
selected.  The  redesigned  component  was  required  to  weigh  no  more  than  the 
baseline  door.  Four  door  assemblies  were  fabricated.  Two  were  used  for 
structural  evaluation,  and  one  is  reserved  for  potential  flight  test. 


The  baseline  door  is  a  conventional  minimum  gage  facesheet  over  honeycomb 
core  design,  employing  graphite/epoxy  as  shown  in  Figure  11.  The  door  is 
54.1 -inch  by  12.6-inch  and  has  a  mild  compound  curvature.  The  facesheet 

material  used  is  T300/5208  graphite  epoxy  and  the  core  is  4.1  PCF  Nomex  ®. 
An  elastomeric  edge  attached  by  a  fiberglass  retainer  strip  and  small  diameter 
mechanical  fasteners  completes  the  door  assembly. 

In  addition,  the  inboard  forward  corner  of  the  door  has  a  bulge  required  for  tire 
clearance  during  the  operation  of  landing  gear  extension/retraction.  In  the 
baseline  design,  the  bulge  area  is  a  separate  piece  attached  to  the  door  proper 
by  mechanical  fasteners. 

The  manufacturing  approach  for  the  baseline  thermoset  door  is  hand  layup 
followed  by  a  cocure/bond  cycle  in  the  autoclave  at  350°F.  Fabrication  labor 
was  45.7  manhours  per  door  average  for  the  first  five  shipsets  produced.  For 
the  4.9  pound  weight  of  the  baseline  door,  this  equates  to  9.3  manhours  per 
pound  of  delivered  composite  hardware. 

Loads  experienced  by  the  door  include  both  aerodynamic  forces  and  ground 
handling  loads.  Both  positive  and  negative  pressures  occur  on  the  door  surface 
when  the  door  is  closed  during  normal  flight.  An  out-of-contour  deflection  limit 
of  0.18-inches  is  associated  with  those  conditions.  In  addition,  two  ultimate  load 
conditions  occur  with  the  door  open:  1)  a  side  condition  of  100  knots  and  2)  a 
50  pound  ground  handling  load. 

The  thermoplastic  redesign  consists  of  the  bonded  assembly  of  an  outer  skin 
and  an  inner  skin/doubler  as  indicated  in  Figure  12.  Figure  13  is  a  photograph 
of  the  completed  thermoplastic  door,  The  inboard  forward  bulge  area  was 
made  integral  to  the  basic  door  which  reduced  part  count.  Honeycomb  core 
was  eliminated  by  employing  a  beaded  inner  panel  to  provide  the  required  door 
stiffness.  Both  the  inner  panel  and  the  outer  skin  use  IM7/PEEK  unidirectional 
prepreg  tape  and  thermoformed  consolidation.  The  basic  layup  consisted  of 
eight  plies  each,  for  the  skin  and  beaded  doubler.  Padups  were  added  in  the 
areas  of  hinge  and  actuator  arm  attachments. 

The  unidirectional  prepreg  tape  was  supplied  by  ICI  in  12-inch  widths.  The 
material  grade  was  145  grams/meter2  which  provides  a  ply  thickness  of  0.0055- 
inches. 

The  dual  diaphragm  forming  process  was  used  to  form  both  the  outer  skin  and 
the  inner  doubler.  The  tooling  mandrel  material  used  was  aluminum  and  the 
diaphragm  material  was  0.065-inch  thick  aluminum  alloy.  The  approach  as 
shown  in  Figure  14  consisted  of  1)  placing  the  dry  ply  stack  between  the  two 
diaphragms,  2)  inserting  the  assembly  into  the  chamber,  3)  closing  the  press  to 
facilitate  perimeter  clamping,  4)  heating  to  forming  temperature,  5)  applying 
positive  pressure  into  the  chamber  cavity  above  the  diaphragms  to  force  the 
diaphragm  and  composites  against  the  tool  surface,  and  6)  cool-down  and 
removal. 
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Bonding  the  inner  doubler  to  the  outer  skin  was  accomplished  by  a  dual 
polymer  fusion  process  using  Ultem  1000  between  the  assembly  elements.  For 
the  bonding  operation,  the  parts  were  placed  on  the  outer  skin  tool  and  heated 
under  pressure  to  melt  the  Ultem  1000  and  form  the  bond. 

Figure  15  shows  the  testing  performed  to  support  design  development  and 
verification.  Compression-after-impact,  filled  hole  compression,  lap  shear  and 
fastener  pull-through  strengths  were  determined  for  the  parameters  of  the  door 
design.  Selected  properties  were  obtained  at  elevated  temperature  wet  and 
after  soak  with  MEK  solvent.  From  this  data,  neither  the  MEK  or  humidity 
exhibited  any  greater  reductions  in  bond  strength  over  that  experienced  by  co¬ 
cured  joints  without  the  Ultem  layer. 

Once  a  repeatable  process  was  established,  four  doors  were  fabricated  and  the 
time  required  for  each  step  was  recorded.  A  significant  reduction  in  the 
manhour  requirement  compared  to  the  baseline  thermoset  production  doors 
was  demonstrated.  24.9  hours  were  required  for  fabrication  through  the  bond 
assembly  compared  to  an  average  of  45.7  hours  for  the  seven  thermoset  doors 
fabricated  for  the  V-22.  Figure  16  shows  a  breakdown  of  the  labor  hours. 

The  second  door  was  used  as  an  impact  survey  door  to  determine  the  energy 
levels  required  to  create  clearly  visible  damage  for  the  static  test.  Three  regions 
of  the  door  assembly  were  impacted: 

1 .  Skin  away  from  a  bead  (16  plys). 

2.  Skin  region  under  a  bead  (8  plys). 

3.  The  intersection  of  a  bead  and  the  outer  skin  (concern  for  peel). 

In  all  three  cases,  clearly  visible  damage  was  achieved  only  when  the  impactor 
fully  penetrated  the  door.  Based  on  this  survey,  the  static  test  door  was 
impacted  at  these  levels. 

The  third  door  was  assembled  with  hinges  and  actuator  fitting,  mounted  in  a  test 
rig  representing  the  aircraft  installation  and  static  tested  to  verify  the  capability  to 
sustain  critical  handling  loads  of  50  lbs  (limit)  on  the  bottom  edge  of  the  door  in 
the  open  position.  Static  testing  consisted  of  applying  handling  loads  to  the  test 
article  in  three  locations  while  recording  critical  strains  and  deflection.  The  door 
was  then  removed  from  the  fixture,  impacted  in  three  critical  locations,  and  the 
static  test  was  repeated.  This  static  test  resulted  in  no  failures.  Strain  and 
deflection  measurements  were  used  to  validate  the  finite  element  model  which 
was  then  used  to  substantiate  the  structure  for  the  remaining  load  conditions. 

The  fourth  door  was  assembled  into  a  flight  ready  configuration  (hinges, 
actuator  fitting,  and  perimeter  seals)  and  installed  on  the  unit  #4  aircraft 
opposite  a  baseline  door  for  form,  fit,  and  function  checks  as  shown  in  Figure 


17.  Prior  to  installation,  the  thermoplastic  and  thermoset  doors  were  weighed 
providing  the  following  comparison: 

Thermoset  door  7.2  lb. 

Thermoplastic  door  5.5  lb. 

This  represented  a  24-percent  weight  reduction  for  the  fully  assembled 
thermoplastic  door. 


RESULTS  AND  CONCLUSIONS 

The  wing-box  article  development  provided  increased  confidence  in  the 
structural  integrity  of  large,  highly  loaded  thermoplastic  assemblies.  Specific 
capability  demonstrated  included 

-  Press-formed  spars  and  ribs 

-  Fabrication  of  a  tailored  skin  laminate 

-  Static  strength  to  0.004-in/in  strain 

-  Ballistic  impact  tolerance  under  load 

-  Limit  strain  capability  with  significant  ballistic  damage 


The  developmental  thermoplastic  door  met  or  exceeded  project  goals,  including 
reduction  of  both  fabrication  labor  and  weight.  The  door  demonstrated  the 
feasibility  of  features  that  are  critical  to  achieving  the  potential  payoffs 
envisioned  for  thermoplastic  composites,  including 

-  Thermal  formed  integrally  stiffened  parts 

-  Fusion  bonded  subassemblies 
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WING  -  BOX  TEST  ARTICLE 


OBJECTIVE:  DEMONSTRATE  STRUCTURAL  INTEGRITY  OF 

HIGHLY-LOADED  THERMOPLASTIC  COMPONENT 


Thermoplastic  Wing-Box  Test  Article 
Figure  1 
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CONFIGURATION 


INTEGRALLY  STIFFENED, 
SOFT  SKINS 

5  C-CHANNEL  SPARS 

6  RIBS 

20-IN  TEST  SECTION 
8-IN  BOX  DEPTH 
8-IN  SPAR  SPACING 
BOLTED  ASSEMBLY 


Article  With  Cover  Removed 
Figure  3 
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SPAR/SKIN  DETAIL 


20/60/20 


APPLIED  STRAIN 


Brake  Press  Forming  of  Spar  Beams 
Figure  6 


TEST  VERIFICATION 


LIMIT  LOAD 

LIMIT  LOAD 

UNDAMAGED 

DAMAGED 

.005  H 


Structural  Test  Summary 
Figure  7 
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Static  Test  Arrangement 


V-22  Osprey  Tiltrotor  Aircraft 


NOSE  LANDING  GEAR  DOOR 


Nose  Landing  Gear  Door  Arrangement 
Figure  10 


CURRENT  PRODUCTION  DESIGN 


•  GRAPHITE  EPOXY  FABRIC 

•  4.1  PCF  NOMEX  HONEYCOMB  CORE 

•  AUTOCLAVE  CURE 


Baseline  Graphite/Epoxy  Door 
Figure  1 1 
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THERMOPLASTIC  REDESIGN 


IM7/PEEK  TAPE 
INTEGRAL  BEAD  STIFFENED 
DIAPHRAGM  FORMED  OUTER  SKIN 
DIAPHRAGM  FORMED  INNER  DOUBLER 
DUAL  POLYMER  BONDED  ASSEMBLY 


Completed  Thermoplastic  Door  Assembly 
Figure  13 
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THERMOPLASTIC  LANDING 
GEAR  DOOR 


Manufacturing  Approach 
Figure  14 


DESIGN  DEVELOPMENT  TESTING 


FASTENER  PULL  THROUGH 
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FABRICATION  LABOR 
COMPARISON 


THERMOPLASTIC  (PEEK/IM7) 

BASELINE  (3501 /AS4) 

•  SEAM  BY  HAND 

•  STABILIZE  CORE 

•  TRIM 

CORE 

•  CHAMFER  CORE 

•  CUT  PLIES  MANUALLY 

•  AUTO  CUT  PLIES 

•  STACK  PLIES  LOOSELY 

•  FORM  AND  STACK  PLIES 

•  INSERT  CORE 

•  FORM  AND  STACK  REMAINING 

PLIES 

•  PLACE  BETWEEN  ALUMINUM 

•VACUUM  BAG 

SHEETS 

(INNER  AND  OUTER  PANELS 
FORMED  SEPARATELY) 

•  DIAPHRAGM  FORM  IN  PRESS 

•FORM  IN  AUTOCLAVE 

•  FUSION  BOND  IN  PRESS 

•  TRIM 

•TRIM 

MANHOURS  =  24.9I 

MANHOURS  =  45.7  f 

Fabrication  Labor  Comparison 
Figure  16 


Fit-Check  Installation 
Figure  17 
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ABSTRACT 

A  protection  and  detection  surface  (PADS)  concept  has  been  studied  for 
application  to  composite  primary  aircraft  structures.  A  Kevlar-epoxy  woven  face 
sheet  with  a  Rohacell  foam  core  was  found  to  be  the  most  effective  PADS 
configuration  among  the  configurations  evaluated.  The  weight  of  the  PADS 
configuration  was  estimated  to  be  approximately  17  percent  of  the  structural 
weight.  The  PADS  configuration  was  bonded  to  graphite-epoxy  base  laminates, 
and  up  to  a  70  percent  improvement  in  compression-after-impact  failure  strains 
was  observed. 


INTRODUCTION 

Cost-effective,  weight  efficient  composite  structures  should  also  be  damage 
tolerant.  Damage  tolerance  for  composite  structures  has  been  achieved  using  a 
materials  approach  (e.g.,  tough  material  systems  [1-3])  and/or  a  structures 
approach  (e.g.,  structural  concepts  having  redundant  load  paths  [4]).  These 
approaches  minimize  the  structural  performance  degradation  due  to  damage  by 
minirnizing  the  extent  of  damage  propagation.  However,  these  approaches  do  not 
contribute  to  damage  detectability  during  routine  inspection.  The  indetectability  of 
damage  can  dominate  the  design  criteria  for  some  structural  components.  A 
sirnple  approach  is  needed  that  both  minimizes  performance  degradation  and 
indicates  the  location  of  potential  damage. 

The  current  investigation  was  conducted  to  study  a  p^rotection  and  detection 
surface  (PADS)  concept  for  application  to  composite  primary  aircraft  structures. 
This  PADS  concept  utilizes  a  lightweight  sandwich  construction  that  can  be 
applied  to  the  outer  surface  of  a  structure.  The  PADS  concept  protects  a  structure 
from  critical  impact  events  by  absorbing  impact  energy  and  enables  simple  and 
reliable  detection  of  the  location  of  potential  point-source  damage.  A  preliminary 
study  was  conducted  to  identify  effective  PADS  constituents  and  to  evaluate  the 
behavior  of  composite  laminates  with  the  PADS  concept.  The  PADS  constituents' 
performance  was  evaluated  on  the  basis  of  damage  visibility  and  damage 
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protection.  The  best  performing  design  was  selected  for  use  in  a  structural 
evaluation  of  the  PADS  concept.  The  structural  evaluation  tests  were  conducted  to 
quantify  the  effects  of  the  PADS  concept  on  the  compression-after-impact  behavior 
of  graphite-epoxy  laminates.  Laminate  strength  and  failure  strain  are  reported  as  a 
function  of  impact  energy  for  both  a  brittle-matrix  material  system  and  a  toughened- 
matrix  material  system. 


TEST  SPECIMENS 

Two  types  of  test  specimens  were  used  in  this  study.  PADS  constituent  specimens 
were  impacted  to  evaluate  the  performance  of  several  face-sheet/core 
combinations.  PADS  concept  evaluation  specimens  were  compression  loaded  to 
determine  the  effects  of  the  PADS  concept  on  a  laminate's  compression-after¬ 
impact  behavior. 

Identification  of  commercial  products  and  companies  in  this  report  is  used  to 
describe  adequately  the  test  materials.  The  identification  of  these  commercial 
products  does  not  constitute  endorsement,  expressed  or  implied,  of  such  products 
by  the  National  Aeronautics  and  Space  Administration. 

Constituent  Specimens 

The  constituent  specimens  were  fabricated  using  a  face-sheet  material,  a  core 
material,  and  a  base  laminate  material.  Four  commercially  available  thermosetting 
materials  were  chosen  as  face-sheet  candidates.  These  materials  were  DuPont 
Kevlar-49/Fiberite  MXM-7714,  Ferro  S-glass/293,  Hercules  AS4/3501-6,  and 
Hercules  AS4/American  Cyanamid  HST-7.  These  materials  were  selected 
because  they  represent  a  tough  fiber,  a  cost-effective  fiber,  a  brittle  graphite-epoxy, 
and  a  toughened  graphite-epoxy,  respectively.  The  first  three  materials  were  10- 
mil-thick,  plain-weave  preimpregnated  cloth,  and  the  AS4/HST-7  material  was  5.5- 
mil-thick,  unidirectional  preimpregnated  tape.  Each  cloth  material  was  laid-up  to 
form  3-ply  laminates  approximately  0.030  in.  thick.  The  stacking  sequence  for 
these  laminates  was  [+45/0/-45]^.  The  unidirectional  tape  was  laid-up  to  form  6-ply 

laminates  approximately  0.033  in.  thick.  The  stacking  sequence  for  these 
laminates  was  [+45/0/90/^45]^.  Preliminary  testing  with  0.020-in.-thick  face  sheets 

indicated  that  0.030-in. -thick  face  sheets  were  needed  to  achieve  significant 
damage  reduction. 

Four  commercially  available  materials  were  chosen  as  PADS  core  candidates. 
These  materials  were  aluminum  honeycomb  and  DuPont  Nomex  honeycomb 
(each  8.0  Ibs/ftS  (pcf)),  Rohr  1 10  WF  Rohacell  foam  (6.9  pcf),  and  multiple  layers  of 
American  Cyanamid  FM-73  adhesive  (total  weight  8.0  pcf).  The  aluminum  core 
was  chosen  because  it  offered  plastic  deformability.  The  Nomex  core  was  chosen 
because  of  its  common  usage  in  composite  structures.  The  Rohacell  core  was 
chosen  because  of  its  uniform  small  cell  size  and  ease  of  machining.  The  layered 
FM-73  adhesive  was  chosen  because  of  its  compactness.  The  core  was  0.25  in. 
thick  except  for  selected  cases  with  a  0.1 25-in. -thick  core  and  layered  FM-73 
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adhesive.  In  the  latter  case  the  thickness  was  chosen  to  provide  a  weight 
approximately  equal  to  the  0.25-in. -thick  core  materials.  Preliminary  testing  on 
lower  density  core  materials  indicated  the  need  for  core  densities  at  least  in  the  7 
to  8  pcf  range. 

The  base  laminate  material  was  AS4/3501-6  graphite-epoxy  preimpregnated  tape. 
These  tapes  were  laid-up  to  form  48-ply  laminates  approximately  0.25  in.  thick, 
and  the  laminate  stacking  sequence  was  [+45/O/-45/9O]0g. 

All  laminates  were  cured  in  an  autoclave  using  the  manufacturers’  recommended 
procedures.  Following  cure,  the  laminates  were  ultrasonically  C-scanned  to 
establish  specimen  quality.  The  face  sheets  and  cores  were  cut  to  4  in.  squares; 
the  base  laminates  were  cut  to  5.0  in.  squares.  Each  face-sheet/core  combination 
was  centered  on  a  base  laminate,  and  the  face  sheet,  core,  and  base  laminate 
were  bonded  using  FM-73  adhesive.  The  PADS  constituent  specimens  evaluated 
in  this  study  are  summarized  in  Table  1 .  A  total  of  105  constituent  specimens  were 
tested. 

Concept  Evaluation  Specimens 

The  concept  evaluation  specimens  consist  of  base  laminates  with  the  test  section 
protected  by  a  PADS  concept.  The  PADS  concept  was  the  same  for  all  the 
evaluation  specimens  and  was  selected  based  on  the  constituent  specimen 
results.  The  PADS  concept  covered  a  4-in. -square  area.  The  base  laminates  were 
fabricated  using  either  AS4/3501-6  or  AS4/HST-7  graphite-epoxy  materials.  Pre¬ 
impregnated  tapes  were  laid-up  to  form  48-pIy  laminates.  The  stacking  sequence 
for  all  the  AS4/3501-6  and  for  most  of  the  AS4/HST-7  laminates  was 
[±45/02/t45/902]3s-  Some  of  the  AS4/HST-7  laminates  were  inadvertently 
fabricated  as  [±45/02/=f45/902/+45/902/t45/902/±45/02/=f45/904/±45/902/T45/902/ 
±45/90/0/T45/902/±45/902/T45]t  laminates.  The  stacking  sequence  for  these 
unsymmetric  laminates  was  determined  using  a  deply  technique  [5].  The 
AS4/3501-6  and  AS4/HST-7  laminates  were  nominally  0.25  in.  thick  and  0.31  in. 
thick,  respectively.  All  the  AS4/3501-6  and  most  of  the  AS4/HST-7  laminates  were 
10.0  in.  long  and  5.0  in.  wide.  Some  of  the  AS4/HST-7  laminates  were  10  in.  long 
and  7.0  in.  wide.  Concept  evaluation  specimens  having  AS4/3501-6  base 
laminates  are  subsequently  referred  to  herein  as  3501-6  specimens,  and  concept 
evaluation  specimens  having  AS4/HST-7  base  laminates  are  subsequently 
referred  to  as  HST-7  specimens.  A  total  of  74  concept  evaluation  specimens  were 
tested. 


APPARATUS  AND  TESTS 


Impacts 

Specimens  were  impacted  on  the  PADS-protected  region  using  either  a  projectile 
from  a  compressed  air  gun  or  a  dropped  weight.  A  procedure  for  air-gun  impacting 
graphite-epoxy  components  is  detailed  in  reference  6,  and  this  procedure  was 
used  in  the  current  investigation.  Aluminum  spheres  0.5  in.  in  diameter  were  used 


as  impact  projectiles.  These  spheres  were  propelled  by  a  compressed  air  gun 
equipped  with  an  electronic  detector  to  measure  projectile  speed.  A  schematic 
drawing  of  the  air  gun  and  a  description  of  its  operation  are  also  given  in  reference 
6,  For  convenience,  this  type  of  impact  is  subsequently  referred  to  as  a  projectile 
impact.  Projectile  impacts  were  performed  at  speeds  ranging  from  approximately 
1 00  ft/s  to  500  ft/s  which  correspond  to  impact  energies  of  1 .0  ft-lb  to  25.5  ft-lbs, 
respectively.  Dropped-weight  impacts  were  performed  using  a  10-lb  weight  with  a 
0.5-in.-diameter  hemispherical  head  at  energy  levels  ranging  from  4.0  to  50.0  ft- 
lbs.  The  projectile  and  dropped  weight  were  directed  normal  to  the  plane  of  the 
specimen,  and  all  specimens  were  impacted  at  the  center  of  the  PADS-protected 
region.  Specimen  edges  were  supported  by  fixtures  during  impacting.  An 
example  of  such  a  fixture  is  the  test  fixture  shown  in  Figure  1 . 

Compression  Loading 

Concept  evaluation  specimens  were  loaded  in  axial  compression  using  a  300-kip- 
capacity  hydraulic  testing  machine.  The  loaded  ends  of  the  specimen  were 
clamped  by  fixtures  during  testing  and  the  unloaded  sides  were  simply  supported 
by  restraints  to  prevent  the  specimen  from  buckling  as  a  wide  column.  All 
specimens  were  tested  to  failure  by  gradually  applying  a  compressive  load  to 
simulate  a  static  loading  condition.  A  typical  specimen  mounted  in  the  support 
fixture  is  shown  in  Figure  1. 

Electrical  resistance  strain  gages  were  used  to  monitor  strains,  and  direct-current 
differential  transformers  were  used  to  monitor  longitudinal  displacements  of  the 
specimen  ends.  Electrical  signals  from  the  instrumentation  and  the  corresponding 
applied  loads  were  recorded  on  magnetic  tape  at  regular  time  intervals  during  the 
test. 


RESULTS  AND  DISCUSSION 

This  section  describes  results  from  the  constituent  tests  and  from  the  concept 
evaluation  tests.  Combinations  of  the  PADS  constituents  were  evaluated  on  the 
basis  of  damage  visibility  and  damage  protection  to  determine  the  most  effective 
PADS  configuration.  This  PADS  concept  was  evaluated  to  determine  the  effects  of 
impact  damage  on  the  compression-after-impact  response  of  composite  laminates. 

Constituent  Tests 

Impact  SitR  Damage  Visibility  -  The  ease  with  which  a  critical  impact  site  can  be 
located  was  the  first  criterion  by  which  the  PADS  designs  were  evaluated.  The 
PADS  designs  were  qualitatively  rated  visually,  and  the  indentation  depths  were 
measured. 

Photographs  of  impacted  surfaces  are  shown  in  Figure  2  for  a  woven  Kevlar- 
Rohacell  foam  PADS  configuration.  These  photographs  illustrate  the  impact  site 
visibility  for  five  impact  energy  ievels.  Labels  having  energy  levels  accompanied 
by  speeds  are  for  specimens  with  air-gun  projectile  impacts.  Labels  having  only 
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energy  levels  are  for  specimens  with  dropped-weight  impacts.  The  woven 
fiberglass  face  sheets  provided  visibility  at  the  lowest  impact  levels  due  to  surface 
crazing.  The  woven  graphite-epoxy  face  sheets  provided  slightly  inferior  visibility. 
All  core  materials  performed  acceptably  well  with  the  exception  of  the  layered 
FM-73  adhesive  core  which  gave  only  marginal  visibility  improvement  compared  to 
a  specimen  without  PADS.  The  impact  sites  for  the  specimens  without  PADS  were 
not  visible  at  an  energy  level. 

Surface  indentation  depths  were  measured  and  are  categorized  by  core  material 
and  impact  energy  level  in  Figure  3.  The  impact  sites  were  visually  classified 
qualitatively  and  then  related  to  the  indentation  depths  as  shown  below: 

Indentation  Visibility 

Depth,  in. 


<■008  Not  Visible 

>.008  and  <.040  Barely  Visible 

>.040  and  <.080  Visible 

>•080  Easily  Visible 

The  height  of  the  bar  in  Figure  3  represents  the  range  of  indentation  depths 
measured  for  the  four  face-sheet  materials.  The  layered  FM-73  adhesive  core 
material  is  ineffective  for  improving  damage  visibility.  The  other  three  core 
materials  perform  about  equally  well  with  the  aluminum  honeycomb  being  slightly 
more  effective  than  the  other  two. 

The  surface  indentation  data  are  also  affected  by  the  PADS  face-sheet  material. 
These  data  are  plotted  in  Figure  4.  The  height  of  the  bars  on  this  figure  represents 
the  range  of  indentation  depths  measured  for  the  three  acceptable  core  materials. 
The  data  for  the  layered  FM-73  adhesive  specimens  are  not  plotted.  In  all  but  one 
case,  the  woven  Kevlar  face  sheet  provided  the  most  damage  visibility  when 
indicated  by  indentation  depth. 

Damage  Protection  -  Average  damage  areas  were  measured  from  C-scans  of 
constituent  specimen  base  laminates.  Micrographs  of  selected  specimens 
confirmed  the  C-scan  results.  The  measured  damage  areas  are  summarized  in 
Figure  5  where  they  are  categorized  with  respect  to  core  material  versus  impact 
energy  level.  The  height  of  the  bars  in  this  figure  represents  the  range  of  damage 
measured  for  the  four  face  sheet  materials.  The  data  show  that  the  layered  FM-73 
adhesive  core  and  the  thinner  (0.125  in.)  Rohacell  and  Nomex  cores  are  ineffective 
in  reducing  damage  to  the  base  laminate.  The  0.25-in.-thick  Rohacell,  Nomex,  and 
aluminum  honeycomb  cores  all  performed  well.  The  Nomex  and  the  Rohacell 
cores  were  slightly  more  effective  than  the  aluminum  honeycomb  core  since  both  of 
these  cores  eliminated  damage  at  the  intermediate  impact  energy  levels  and 
reduced  damage  area  by  approximately  50  percent  at  the  highest  impact  energy 
level. 


The  damage  area  data  are  also  affected  by  a  configuration’s  face  sheet  material, 
and  these  data  are  plotted  in  Figure  6.  The  data  for  the  layered  FM-73  adhesive 
core  and  the  thin  (0.125  in.)  cores  are  not  included  due  to  their  poor  performance. 
The  height  of  the  bars  in  this  figure  represents  the  range  of  damage  for  the 
acceptable  core  materials.  The  four  face-sheet  materials  have  essentially  equal 
performance  with  respect  to  damage  protection.  The  AS4/HST-7  tape  and  the 
Kevlar  cloth  face-sheet  materials  appear  to  be  slightly  more  effective  for  minimizing 
damage  area  when  compared  to  the  other  face-sheet  materials. 

In  summary,  significant  damage  protection  was  achieved  with  any  of  the  face 
sheets  combined  with  the  Nomex  or  Rohacell  cores.  The  aluminum  honeycomb 
core  was  only  slightly  less  effective. 

PADS  Design  fnr  Compm^sion-Affer-lmoact  Testing  -  Since  many  of  the  PADS 
designs  proved  to  be  effective  in  both  increasing  impact-site  visibility  and  in 
providing  damage  protection  to  the  structural  laminate,  the  selection  of  a  design  for 
further  evaluation  was  based  somewhat  on  secondary  considerations.  Kevlar 
cloth  was  selected  as  the  face  sheet  material  because  of  its  excellent  performance 
in  both  primary  evaluations  and  because  of  its  low  weight  and  ease  of  fabrication. 
Rohacell  foam  (0.25  in.  thick,  110  WF)  was  selected  as  the  core  material  because 
of  its  excellent  performance,  its  ease  of  fabrication  and  its  slight  weight  advantage 
compared  to  the  honeycomb  cores. 

Concept  Evaluation 

Failure  data  for  the  concept  evaluation  specimens  indicate  a  significant  effect  of 
the  PADS  concept  on  a  laminate’s  compression-after-impact  (CAI)  behavior. 
Results  are  presented  in  Tables  2-8  and  Figures  7-10  for  specimen  strength  and 
failure  strain.  The  failure  data  do  not  appear  to  be  a  function  of  the  method  used  to 
impact  the  specimen.  Also,  the  unsymmetric  stacking  sequence  for  some 
laminates  does  not  appear  to  affect  the  failure  results.  The  strength  and  failure 
strain  data  are  plotted  as  a  function  of  impact  energy  for  the  3501-6  specimens  in 
Figures  7  and  8  and  for  the  HST-7  specimens  in  Figures  9  and  10.  The  symbols 
on  the  figures  correspond  to  the  experimental  data,  and  the  solid  lines  are  lower 
bounds  for  these  data.  The  results  on  the  figures  show  that  the  laminates  without 
the  PADS  concept  have  CAI  failure  strains  that  approach  0.40  percent  for  the 
3501-6  specimens  in  this  study  and  0.50  percent  for  the  HST-7  specimens  in  this 
study  as  the  impact  energy  increases.  The  laminates  with  the  PADS  concept  have 
CAI  failure  strains  greater  than  0.60  percent  for  the  3501-6  specimens  in  this  study 
and  greater  than  0.85  percent  for  the  HST-7  specimens  in  this  study  for  the  impact 
energies  considered.  These  failure  strain  data  demonstrate  a  50  percent 
improvement  in  CAI  failure  strain  for  the  3501-6  specimens  and  a  70  percent 
improvement  in  the  CAI  failure  strain  for  the  HST-7  specimens.  These 
improvements  are  a  direct  result  of  the  PADS  concept. 


The  structural  efficiency  of  the  selected  PADS  concept  for  AS4/HST-7  laminates  is 
shown  in  Figure  1 1 .  Results  are  presented  for  a  weight  index  W/AL  (vyhere  W  is 
the  structural  weight,  A  is  the  cross-sectional  area,  and  L  is  the  laminate  length) 
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versus  a  load  index  Nx/L  (where  Nx  is  the  compressive  stress  resultant).  These 
results  were  obtained  using  the  PASCO  panel  analysis  and  sizing  computer 
program  [7].  The  0.003  in./in.  strain  has  been  used  as  a  maximum  design  strain  for 
brittle- matrix  composite  structures.  The  0.006  in./in.  strain  is  a  typical  design  strain 
for  heavily  loaded  wing  structures.  A  simple  conservative  calculation  to 
approximate  the  weight  of  a  composite  structure  with  the  PADS  concept  indicates 
that  the  weight  of  the  PADS  concept  is  approximately  17  percent  of  the  structural 
weight.  This  calculation  is  based  on  considering  a  flat,  48-ply  (0.31 -in.  thick) 
laminate.  The  laminate  has  an  areal  weight  of  2.68  Ibs/ft^,  and  the  PADS  concept 
has  an  areal  weight  of  0.46  Ibs/ft^.  The  analytical  structural  efficiency  results 
shown  on  the  figure  reflect  the  17  percent  increase  in  structural  weight  for 
structures  with  the  PADS  concept  and  with  a  0.006  maximum  design  strain.  The 
results  on  the  figure  show  that  the  heavily-loaded  structures  with  the  PADS 
concept  are  more  structurally  efficient  than  the  heavily-loaded  structures  with  a 
0.003  maximum  design  strain  and  without  the  PADS  concept.  The  weight  of  the 
PADS  concept  for  structures  loaded  by  Nx/L>250  lbs/in.2  is  more  than  offset  by  the 
structural  weight  savings  from  using  a  0.006  in./in.  maximum  design  strain.  The 
PADS  concept  appears  to  be  an  effective  damage  tolerant  concept  that  will  allow 
higher  ultimate  strain  designs  for  heavily  loaded  composite  structures  without 
significant  weight  increases. 


CONCLUDING  REMARKS 

A  protection  and  detection  surface  (PADS)  concept  has  been  studied  for 
application  to  composite  primary  aircraft  structures.  The  PADS  concept  utilizes  a 
lightweight  sandwich  construction,  and  combinations  of  four  face  sheets  and  four 
cores  were  evaluated  on  the  basis  of  damage  visibility  and  damage  protection. 

The  [+45/0/-45]^  Kevlar-epoxy  woven  face  sheet  with  a  1 10-WF  Rohacell  foam  core 

was  found  to  be  the  most  effective  PADS  configuration  among  those  configurations 
evaluated.  This  PADS  configuration  was  bonded  to  AS4/3501-6  and  AS4/HST-7 
base  laminates  to  assess  the  effect  of  the  PADS  concept  on  a  laminate’s 
compression-after-impact  (CAI)  behavior.  For  the  impact  conditions  studies,  the 
failure  strain  data  demonstrate  a  50  percent  improvement  in  CAI  failure  strain  for 
the  3501-6  specimens  and  a  70  percent  improvement  in  the  CAI  failure  strain  for 
the  HST-7  specimens.  These  improvements  are  a  direct  result  of  the  PADS 
concept.  A  simple  conservative  calculation  to  approximate  the  weight  of  a 
composite  structure  with  the  PADS  concept  indicates  that  the  weight  of  the  PADS 
concept  is  approximately  17  percent  of  the  structural  weight.  The  weight  of  the 
PADS  concept  for  heavily-loaded  composite  structures  is  more  than  offset  by  the 
structural  weight  savings  that  results  from  increased  maximum  design  strains.  The 
PADS  concept  appears  to  be  an  effective  damage  tolerant  concept  that  will  allow 
higher  ultimate  strain  designs  for  heavily-loaded  composite  structures  without 
significant  weight  increases. 
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Table  1 .  PADS  configurations  for  constituent  tests. 


Specimen 

Number 

Face  Sheet 
Material^ 

Face  Sheet 
Lay-up 

Core 

Thickness,  in. 

Core 

Material^ 

Cl 

Kevlar 

[+45/0/-45]t 

0.25 

A 

C2 

, 

0.25 

N 

C3 

. 

0.25 

R 

C4 

. 

0.035 

AD 

C5 

Glass 

0.25 

A 

C6 

, 

0.25 

N 

C7 

0.25 

R 

C8 

0.035 

AD 

C9 

Graphite 

0.25 

A 

CIO 

. 

0.25 

N 

C11 

. 

0.25 

R 

C12 

. 

0.035 

AD 

C13 

Tape 

[±45/0/90/=F45]t 

0.25 

A 

Cl  4 

. 

0.25 

N 

C15 

. 

0.25 

R 

C16 

0.035 

AD 

C17 

Tape 

0.125 

N 

C18 

Tape 

0.125 

R 

C19 

Kevlar 

[-f-45/6/-45]t 

0.125 

N 

C20 

Kevlar 

0.125 

R 

3  Kevlar:  Ke/MXM-771 4,  10  mil,  plain-weave  cloth 
Glass:  S-glass/293,  10  mil,  plain-weave  cloth 
Graphite:  AS4/3501-6,  10  mil,  plain-weave  cloth 
Tape:  AS4/HST-7,  5.5  mil,  tape 

^  A:  aluminum  honeycomb,  8.0  pcf 
N:  Nomex  honeycomb,  8.0  pcf 
R:  100  WF  Rohacell,  6.9  pcf 
AD:  multiple  layers  of  FM  73  adhesive,  8.0  pcf 


Table  2.  Failure  data  for  AS4/3501-6  specimens  without  PADS  impacted  using  a 
dropped  weight. 


Specimen 

Number 

Impact  Energy, 
ft-lbs 

Strength, 

ksi 

DW1-1 

20.0 

25.7 

DW1-2 

20.0 

25.5 

DW1-3 

20.0 

26.5 

DW1-4 

31.3 

20.1 

DW1-5 

31.3 

23.7 

DW1-6 

31.3 

21.2 

DW1-7 

50.0 

18.5 

DW1-8 

50.0 

18.9 

DW1-9 

50.0 

19.5 

Table  3.  Failure  data  for  AS4/3501-6  specimens  without  PADS  impacted  using  a 
projectile  from  a  compressed  air  gun. 


Specimen 

Number 

Impact  Energy, 
ft-lbs 

Strength, 

ksi 

Failure  Strain, 
percent^ 

G1-1 

4.1 

56.6 

b 

G1-2 

4.2 

58.8 

b 

G1-3 

4.0 

48.4 

b 

G1-4 

8.9 

30.5 

b 

G1-5 

9.3 

26.8 

b 

G1-6 

9.2 

30.9 

b 

G1-7 

17.2 

25.5 

0.45 

G1-8 

16.5 

25.3 

0.47 

G1-9 

16.3 

26.0 

0.46 

G1-10 

25.3 

19.8 

0.41 

G1-11 

24.8 

19.7 

0.41 

G1-12 

25.1 

21.2 

0.41 

a  Failure  strain  calculated  using  laminate  end-shortening  and  original 
length  rather  than  measured  by  strain  gages. 


b  Failure  strain  data  unavailable. 
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Table  4.  Failure  data  for  AS4/3501-6  specimens  with  PADS  impacted  using  a 
projectile  from  a  compressed  air  gun. 


Specimen 

Number 

Impact  Energy, 
ft-lbs 

Strength, 

ksi 

Failure  Strain, 
percent^ 

G1-13 

16.1 

63.4 

1.08 

G1-14 

16.5 

60.7 

1.06 

G1-15 

16.7 

64.9 

1.09 

G1-16 

24.4 

39.2 

0.69 

G1-17 

25.2 

40.4 

0.68 

G1-18 

24.8 

32.1 

0.64 

3  Failure  strain  calculated  using  laminate  end-shortening  and  original 
length  rather  than  measured  by  strain  gages. 


Table  5.  Failure  data  for  AS4/HST-7  specimens  without  PADS  impacted  using  a 
dropped  weight. 


Specimen 

Number 

Impact  Energy, 
ft-lbs 

Strength, 

ksi 

Failure  Strain, 
percent^ 

DW2-1 

0. 

58.2 

1.24 

DW2-2 

14.1 

63.6 

b 

DW2-3 

14.1 

57.4 

1.22 

DW2-4 

14.1 

53.9 

1.07 

DW2-5 

16.9 

59.3 

1.38 

DW2-6 

22.6 

41.9 

b 

DW2-7 

22.6 

41.5 

b 

DW2-8 

24.0 

49.9 

1.07 

DW2-9 

31.3 

33.2 

0.69 

DW2-1 0 

31.3 

35.1 

0.71 

DW2-1 1 

31.3 

34.1 

0.70 

DW2-12 

50.0 

25.8 

0.53 

DW2-13 

50.0 

25.5 

0.51 

DW2-1 4 

50.0 

27.2 

0.54 

DW2-15 

50.0C 

26.1 

0.56 

DW2-16 

50. OC 

26.7 

0.57 

DW2-17 

50.0C 

28.2 

0.55 

a  Failure  strain  calculated  using  laminate  end-shortening  and  original 
length  rather  than  measured  by  strain  gages. 


h  Failure  strain  data  unavailable, 
c  Impact  event:  9.0  ft-lbs  followed  by  50.0  ft-lbs. 


Table  6.  Failure  data  for  AS4/HST-7  specimens  with  PADS  impacted  using  a 
dropped  weight. 


Specimen 

Number 

Impact  Energy, 
ft-lbs 

Strength, 

ksi 

Failure  Strain, 
percent^ 

DW2-18h 

22.6 

54.2 

1.28 

DW2-19b 

22.6 

51 .0 

1.19 

DW2-20b 

22.6 

50.7 

1.20 

DW2-2lb 

31.3 

56.4 

1.34 

DW2-22b 

31.3 

57.2 

1.36 

DW2-23b 

31.3 

40.9 

0.92 

DW2-24 

50.0 

42.7 

0.87 

DW2-25 

50.0 

49.8 

1.02 

DW2-26 

50.0 

44.6 

0.92 

3  Failure  strain  calculated  using  laminate  end-shortening  and  original 
length  rather  than  measured  by  strain  gages. 

b  Base  laminate  unsymmetric. 

Table  7.  Failure  data  for  AS4/HST-7  specimens  without  PADS  impacted  using  a 
projectile  from  a  compressed  air  gun. 


Specimen 

Number 

Impact  Energy, 
ft-lbs 

Strength, 

ksi 

Failure  Strain, 
percent^ 

G2-1 

0. 

71.0 

b 

G2-2 

5.6 

62.9 

b 

G2-3 

5.7 

64.9 

b 

G2-4 

9.2 

59.0 

b 

G2-5 

9.3 

48.2 

b 

G2-6 

9.2 

59.6 

b 

G2-7 

9.2 

57.7 

b 

G2-8 

9.4 

59.6 

1.24 

G2-9 

9.5 

61.1 

1.31 

G2-10C 

15.8 

47.2 

0.97 

G2-11C 

15.6 

42.7 

0.85 

G2-12C 

16.0 

41.2 

0.75 

G2-13C 

25.4 

37.1 

0.68 

G2-14C 

25.0 

37.3 

0.70 

G2-15C 

25.0 

39.0 

0.74 

3  Failure  strain  calculated  using  laminate  end-shortening  and  original 
length  rather  than  measured  by  strain  gages. 

b  Failure  strain  data  unavailable. 

c  Specimen  dimensions:  7  in.  long  by  10  in.  wide;  specimens  buckled 
prior  to  failure. 


Table  8.  Failure  data  for  AS4/HST-7  specimens  with  PADS  impacted  using  a 
projectile  from  a  compressed  air  gun. 


Specimen 

Numberh 

Impact  Energy, 
ft-lbs 

Strength, 

ksi 

Failure  Strain, 
percent^ 

G2-16 

16.0 

54.4 

1.28 

G2-17 

16.2 

53.2 

1.25 

G2-18 

17.4 

52.0 

1.22 

G2-19 

24.8 

55.8 

1.33 

G2-20 

25.0 

53.6 

1.26 

G2-21 

24.3 

56.4 

1.34 

a  Failure  strain  calculated  using  laminate  end-shortening  and  original 
length  rather  than  measured  by  strain  gages. 

b  Base  laminate  unsymmetric. 
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Figure  1 .  PADS  concept  evaluation  specimen  in  test  fixture. 
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Figure  2.  Impact  site  visibility  for  woven  Kevlar  -  Rohacell 
PADS  configuration. 
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Figure  3.  Surface  indentation  depths  for  core  materials. 
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Figure  4.  Surface  indentation  depths  for  face-sheet  materials. 


214 


8 


6 


Base  4 
laminate 
damage 
area, in, 

2 


0.0 


Figure  5.  Effect  of  core  materials  on  damage  area  for  base 
laminate. 


Core  materials 
B  =  Specimen  without  PADS 
AD  =  Layered  FM-73  adhesive] 
A  =  Aluminum  honeycomb 
N  =  Nomex 
R  =  Rohacell 
E  =  1/8  in.  Nomex 
or  Rohacell 
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Face  sheet  materials 
B  =  Specimen  without  PADS 
G  =  AS4/3501-6  cloth 
F  =  S-Glass  cloth 
K  =  Kevlar  cloth 
H  =  AS4/HST-7  tape 
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Figure  6.  Effect  of  face-sheet  materials  on  damage  area  for  base 
laminate. 
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Figure  7.  Strength  results  for  impacted  AS4/3501-6  specimens. 


Figure  8.  Failure  strain  results  for  impacted  AS4/3501-6 
specimens. 
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Figure  9.  Strength  results  for  impacted  AS4/HST-7  specimens. 
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Figure  10.  Failure  strain  results  for  impacted  AS4/HST-7 
specimens. 
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Figure  1 1 .  Effect  of  PADS  concept  on  structural  efficiency. 


INVESTIGATION  INTO  THE  FABRICATION  OF  A  COMPOSITE  TOP 


ATTACK  RECOILLESS  RIFLE 
Kevin  R.  Miner 

U.S.  Army  Armament  Research,  Development,  and  Engineering  Center 

Close  Combat  Armaments  Center 
Benet  Laboratories 
Watervliet,  NY 


SUMMARY 

The  fabrication  of  a  lightweight,  expendable  recoilless  rifle 
using  composite  materials  was  investigated.  Filament  winding  and 
braiding  were  successfully  employed  in  the  construction  of  several  of 
these  shoulder-fired  weapons. 


INTRODUCTION 

A  recoilless  rifle  concept  has  been  proposed  which  is  a  man- 
portable,  fire-and-forget  antiarmor  weapon.  The  proposed  rifle  can 
launch  an  11-pound  projectile  utilizing  a  unique,  polygon-shaped  rifled 
barrel.  The  counterrecoil  and  countertorque  are  provided  by  canted, 
kidney-shaped  exhaust  ports.  This  concept  offers  low  cost,  sim¬ 
plicity,  and  minimal  system  weight. 

The  severe  weight  restrictions  imposed  on  the  rifle  system 
necessitated  the  use  of  high-performance  composite  materials  such  as 
fiberglass  or  carbon-reinforced  plastic.  The  high  strength-to-weight 
ratios  achieved  through  the  use  of  these  materials  made  the  manu¬ 
facture  of  lightweight  and  efficient  structures  as  well  as  the  ability 
to  develop  complicated  geometrical  shapes  possible.  These  attributes 
are  exploited  in  the  development  of  various  components  of  this  weapon 
to  meet  the  performance  requirements. 


DESIGN  AND  FABRICATION 

The  rifle  is  designed  to  meet  several  key  performance  criteria 
including  a  system  weight  not  to  exceed  20  pounds.  With  a  projectile 
weight  of  11  pounds  and  1.5  pounds  of  propellant,  this  leaves  only  7.5 
pounds  for  the  rifle  tube  and  supporting  hardware.  The  physical 
dimensions  include  a  105-mm  bore  diameter,  a  30- inch  barrel  length, 
and  a  total  length  of  40  inches.  Also,  a  simple  and  inexpensive 
manufacturing  process  is  required  to  economically  produce  large  num¬ 
bers  of  these  expendable  weapons.  To  meet  the  stringent  weight 
requirements,  several  types  of  composite  materials  were  examined  as 
candidates  for  the  rifle.  They  were  audited  in  terms  of  their  cost, 
processability,  specific  strength,  and  modulus.  During  firing, 
excessive  bore  dilation  is  undesirable,"  therefore,  a  high  priority  was 
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placed  on  stiffness  as  well  as  strength.  Given  these  factors,  an 
epoxy  matrix  coupled  with  a  high-strength,  intermediate  modulus  carbon- 

fiber  reinforcement  was  selected. 


A  prelim 
requirements 
the  rifle  had 
required  spin 
approximately 
diameter.  A 
tained  -^our  k 
from  the  rear 
plate,  which 
through  the  1 


inary  design  was  developed  to  meet  the  performance 
as  depicted  in  Figure  1.  The  30-inch  barrel  portion  of 
a  12-sided,  spiraled  polygonal  shape  which  provided  the 
to  the  projectile.  The  chamber  zone  was  conical, 

10  inches  in  length  expanding  to  about  an  8-inch 
nozzle  plate  constituted  the  rear  of  the-  rifle  and  con- 
idney-shaped  exhaust  ports.  The  projectile  was  inserted 
of  the  rifle  followed  by  the  propellant  and  the  nozzle 
is  affixed  to  the  rifle  using  12  cap  screws  passing 
aminate  and  threading  into  a  ring  called  the  nozzle  seal 


The  fabrication  process  involved  filament  winding  the  preim 
pregnated  carbon/epoxy  material  onto  an  aluminum  mandrel  followed  by 
curing  under  heat  and  pressure.  The  barrel  portion  of  the  mandrel  had 
a  12-sided  polygonal  shape  with  a  150-degree  twist  over  its  30  inch 
length.  The  distance  between  flats  was  105  mm.  The  chamber  portion 
was  composed  of  seven  radial  segments  grouped  around  a  3.25-inch 
diameter  central  shaft  which  was  affixed  to  the  barrel  portion  of  the 
mandrel  by  a  threaded  rod  passing  through  its  center.  These  segments 
were  held  in  place  by  a  nozzle  seal  which  is  an  integral  part  of  the 
rifle  and  is  wound  into  the  structure.  An  end  cap  was  used  to  hold 
the  nozzle  seal  onto  the  segments. 


To  evaluate  the  concept  of  filament  winding,  several  spiraled, 
polygon-shaped  tubes  were  fabricated  using  the  barrel  portion  of  the 
mandrel  alone.  Both  ends  of  the  mandrel  had  a  spherical  end  dome  to 
■facilitate  the  turnaround  of  the  filament  during  the  winding  process. 
Two  tubes  were  made  using  a  laminate  composed  of  hoop  and  helical 
layers.  It  was  found  that  a  moderate  winding  tension  of  about  5 
pounds  is  optimal  and  that  an  external  pressure  is  needed  to  compact 
the  laminate  which  tends  to  bridge  the  gap  between  the  points  of  the 
polygonal  shape.  During  the  curing  process,  the  external  pressure  was 
exerted  by  enclosing  the  mandrel  with  the  wound  tube  into  a  sealed  bag 
and  drawing  a  vacuum.  This  supplied  enough  pressure  to  compact  the 
laminate  and  gave  a  uniform  wall  thickness  of  about  0.2  inch. 
tubes  were  also  fabricated  using  wound  hoop  layers  and  longitudinal 
layers  of  unidirectional  tape  of  the  same  material.  These  tubes  were 
cured  under  pressure  and  compacted  well. 


A  laminate  of  carbon/epoxy  material  was  designed  using  a  maximum 
pressure  of  7000  psi  and  a  torsional  load  of  100  lbs*ft.  This  lami¬ 
nate  consisted  of  six  hoop  or  90-degree  layers  and  four  ±  30-degree 
helical  1 ayers  and  was  represented  as  [902,±30,90,±30]s.  The  approxi¬ 
mately  0.125-inch  thick  laminate  was  consistent  throughout  the  length 
of  the  rifle  making  it  an  inefficient  but  simple  structure.  The 
winding  process  was  similar  to  that  of  the  barrel,  but  included  the 
chamber  portion.  The  fiber  path  for  the  helical  wi ndi ng  process 
started  at  the  muzzle's  end  dome  and  followed  a  constant  30-degree 
helical  path  to  the  base  of  the  chamber.  As  the  fiber  path  progressed 
up  the  slope  of  the  chamber,  the  helical  angle  increased  to  a 
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90-degree  hoop  passing  over  the  edge  of  the  nozzle  seal  to  the  boss  on 
the  end  cap  and  returned  to  the  muzzle  end  by  a  similar  path 
completing  an  entihe  circuit.  This  was  repeated  many  times  while 
indexing  the  mandrel  to  develop  the  individual  helical  plies  of  the 
laminate.  The  hoop  layers  similarly  started  at  the  muzzle  end,  pro¬ 
ceeded  towards  the  nozzle  end,  and  stopped  at  the  rear  portion  of  the 
chamber  zone . 

After  winding,  the  laminate  was  covered  with  a  peel-ply  fabric  to 
produce  a  matte  finish.  Th-’s  v-jas  followed  by  a  perforated  halohydro- 
carbon  release  film  which  controlled  the  amount  of  excess  resin 
absorbed  by  the  following  two  layers  of  peel-ply.  A  breather  blanket 
and  nylon  bagging  film  enclosed  the  part  and  a  vacuum  was  drawn  to 
allow  a  hydrostatic  atmospheric  pressure  to  compact  the  laminate.  The 
assembly  was  then  placed  into  an  oven  for  a  six-hour  250‘’F  cure  cycle 
with  no  additional  pressure  applied. 

When  the  cure  cycle  was  complete,  the  bagging  material  was 
removed.  Using  the  lathe,  the  portion  of  the  laminate  extending  over 
the  muzzle  end  dome  was  detached  and  discarded.  Removing  the  end  cap 
and  central  shaft  revealed  the  chamber  segments  which  were  collapsed 
and  withdrawn  leaving  the  chamber  void.  The  barrel  portion  of  the 
mandrel  could  then  be  removed  by  sliding  it  in  either  direction. 

As  mentioned  earlier,  the  nozzle  seal  is  an  integral  part  of  the 
structure,  since  it  is  part  of  the  mandrel  that  is  wound  in  during  the 
fabrication  stage.  The  nozzle  plate  was  simply  mated  with  the  nozzle 
seal  and  affixed  with  12  socket  head  cap  screws.  The  portion  of  the 
laminate  which  was  sandwiched  between  the  nozzle  plate  and  seal  was  of 
a  precise  thickness  and  was  controlled  during  the  fabrication  stage 
just  prior  to  bagging  and  curing.  A  plate  was  slid  over  the  mandrel's 
end  cap  and  bolted  into  position  compressing  the  still  soft  prepreg 
material  to  the  proper  thickness  and  providing  a  flat  molding  surface 
eliminating  the  need  for  an  additional  machining  operation. 

As  an  exploratory  assignment,  the  use  of  a  144-carrier  braider 
was  employed  to  fabricate  two  rifles,  each  identical  in  construction 
but  using  different  resin  application  techniques.  A  six-layer 
triaxial  braid  containing  72  0-degree  fiber  yarns  and  144  55-degree 
fiber  yarns  developing  a  laminate  thickness  of  approximately  0.2  inch 
was  braided  upon  the  same  filament  winding  mandrel.  The  first  attempt 
used  dry  yarns  with  the  resin  brushed  on,  while  the  second  attempt 
utilized  an  automatic  resin  applicator  system  which  precisely  controls 
the  resin  volume  ratio.  After  braiding,  the  part  was  slowly  revolved 
and  gelled  using  heat  lamps.  This  was  followed  by  curing  without 
pressure  in  an  oven.  By  using  the  resin  applicator,  a  much  better 
rifle  was  quickly  and  easily  produced,  although  the  setup  and  cleanup 
times  were  extensive. 


CONCLUSIONS 

The  filament  winding  process  provides  an  easy  method  of  producing 
many  inexpensive  and  lightweight  rifles,'  however,  the  bagging  process 
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is  time-consuming.  Alternative  methods  to  provide  external  pressure 
during  the  curing  process  should  be  sought  to  reduce  this  time  and 
material  expense.  This  will  make  filament  winding  an  attractive 
fabrication  option.  The  braiding  process  coupled  with  a  resin  appli¬ 
cator  system  also  provides  a  good  quality  rifle  in  a  reduced  proc¬ 
essing  time,  but  with  an  added  weight  penalty  due  to  the 
inefficiencies  inherent  in  the  braid  compared  to  filament  winding. 

The  wound-in  nozzle  seal  provides  an  excellent  way  to  attach  the 
nozzle  plate  to  the  rifle.  The  12  cap  screws  used  for  attachment  may 
be  replaced  by  a  method  in  which  the  nozzle  plate  is  simply  placed 
into  position  and  rotated  to  lock  it  firmly  to  the  seal  providing  con¬ 
venient  access  to  the  propellant  and  projectile.  The  prototype  nozzle 
is  made  of  aluminum  for  ease  of  manufacture,  but  is  much  too  heavy  for 
this  application.  The  combined  weight  of  the  2.62-pound  nozzle  plate 
and  the  4.39-pound  nozzle  seal  is  7.01  pounds,  in  excess  of  the  3 
pounds  desired.  Since  the  shape  of  the  parts  must  be  maintained,  a 
less  dense  material  must  be  used.  One  solution  involves  the  use  of 
random  fiber-reinforced  plastic,  injection  molded  in  quantity  to  lower 
costs.  This  would  typically  bring  the  total  weight  down  to  about  3.5 
pounds.  By  removing  all  unnecessary  material,  the  3-pound  weight  can 
be  met,  but  a  complete  analysis  of  the  nozzle  should  be  performed  to 
ensure  structural  integrity. 

The  7.5-pound  weight  limit  for  the  rifle  should  be  met  with 
design  optimization  techniques  possibly  in  conjunction  with  other 
materials  or  material  hybrids.  A  0.5-pound  sight  and  a  0.5-pound 
trigger  mechanism  will  be  added  to  the  launcher  to  bring  the  system 
weight  to  20  pounds.  The  rifle,  quickly  and  easily  produced  using 
either  the  filament  winding  or  braiding  process  coupled  with  an 
injection-molded  random  fiber  plastic  nozzle  and  nozzle  seal,  provides 
an  inexpensive  lightweight  system  meeting  the  performance  criteria  and 
introduces  a  needed  and  formidable  antiarmor  weapon. 
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STRUCTURAL  ASSESSMENT  OF  ULTRALIGHTWEIGHT  COMPOSITES* 


D.M.  Kane,  M.A.  Jankowski,  and  R.S.  Whitehead 
Northrop  Corporation 


SUMMARY 

The  potential  weight  savings  of  advanced  ultralightweight  (ULW)  materials  were  investigated  using  the 
F/A-18  and  747  as  baseline  aircraft.  Weight  savings  were  calculated  using  a  weight  ratio  methodology. 
Material  properties  used  in  the  analysis  were  those  projected  for  1993  ULW  production  materials.  The 
study  results  indicated  that  these  ULW  materials  could  save  30  percent  airframe  weight  for  both  baseline 
aircraft  studied. 


INTRODUCTION 

Operational  criteria  for  new,  high  performance  aircraft,  coupled  with  stringent  performance/mission 
requirements,  have  placed  greater  emphasis  on  the  development  of  advanced  structures,  materials,  propul¬ 
sion,  avionics,  and  manufacturing  techniques.  A  key  driver  in  meeting  these  performance  and  mission 
requirements  is  airframe  weight.  The  USAF  has  recognized  this  and  is  pursuing  technology  development 
in  structural  concepts,  materials,  and  manufacturing  processes  to  provide  a  new  generation  of  aircraft 
structures  offering  significant  weight  savings  over  current  designs,  ^e  potential  weight  savings  of  ULW 
materials  were  investigated  using  the  F/A-18  and  747  as  baseline  aircraft.  Weight  savings  were  calculated 
using  a  weight  ratio  methodology.  Material  properties  used  in  the  analysis  were  those  projected  for  1993 
ULW  production  materials. 


BACKGROUND 

Northrop  Corporation  has  a  significant  involvement  in  the  USAF  ULW  airframe  thrust  (References  1 
through  4).  A  roadmap  of  the  four  USAF/Northrop  ultralightweight  programs  is  presented  in  Figure  1. 
The  combined  objective  of  these  programs  is  to  develop  and  integrate  ULW  materials,  innovative  design 
concepts,  sophisticated  optimization  methods,  and  cost-effective  manufacturing  technologies  to  reduce  the 
structural  weight  of  current  state-of-the-art  aircraft  by  as  much  as  fifty  percent.  The  state-of-the-art  mate¬ 
rial  mix  is  that  used  on  the  F/A-18,  which  is  presented  in  Figure  2.  The  F/A-18  material  mix  is  approxi¬ 
mately  50  percent  aluminum,  12  percent  graphite  epoxy,  9  percent  titanium,  13  percent  steel,  and  16 
percent  other  materials.  All  four  programs  shown  in  Figure  1  are  currently  in  progress  and  one  key  effort 
conducted  in  Task  I  of  Reference  1  (Contract  F33615-88-C-5447)  was  to  estimate  the  weight  savings 
potential  of  advanced  ULW  materials.  The  contribution  of  improved  material  properties  alone  to  the 
50  percent  airframe  weight  savings  goal  was  determined  in  this  task.  The  results  are  discussed  in  the 
following  paragraph. 


APPROACH 

The  approach  used  to  estimate  the  weight  savings  potential  of  the  improved  properties  of  ULW  mate¬ 
rials  is  summarized  in  Figure  3  and  was  to 

1.  Select  F/A-18  and  747  as  baseline  aircraft 

2.  Select  ten  components  from  each  baseline  aircraft  airframe 

3.  Define  the  failure  mode  breakdown  for  each  component 

4.  Define  ULW  material  properties  for  a  1993  production  system 

*  This  work  was  performed  under  USAF  Contract  No.  F33615-88-C-5447. 
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5.  Calculate  the  weight  savings  in  each  component  due  to  ULW  material  substitution  only 

6.  Extrapolate  the  component  weight  savings  to  the  total  airframe. 

Component  Selection 

The  ten  F/A-18  airframe  components  selected  are  shown  in  Figure  4  and  are 

1.  Vertical  stabilizer  skins 

2.  Vertical  stabilizer  torque  box  substructure 

3.  Rudder  assembly 

4.  Inner  wing  torque  box 

5.  Outer  wing  torque  box 

6.  Wing  attachment  bulkhead 

7.  Fuselage  skin  panels 

8.  Main  strut  landing  gear  door 

9.  Outboard  longerons 

10.  Pressure  bulkhead. 

These  components  were  selected  because  they  represented  a  wide  range  of  airframe  geometries  and 
load  carrying  requirements. 

The  ten  747  fuselage  components  selected  are  presented  in  Figures  5  and  6  and  are 

1.  Side  skin  stringers 

2.  Side  skin  bulkheads 

3.  Side  skin  formers 

4.  Middle  side  skin  with  window  cutouts 

5.  Lower  side  skin  without  window  cutouts 

6.  Side  skin  window  frame  assembly 

7.  Underfloor  frame 

8.  Upper  bonnet  tension  skin 

9.  Lower  bonnet  compression  skin 

10.  Cargo  door  upper  sill. 

The  747  components  selected  were  restricted  to  the  fuselage.  This  part  of  the  747  airframe  was 
designed  and  is  manufactured  by  Northrop  Corporation  under  subcontract  to  the  Boeing  Company. 

Failure  Mode  Breakdown 

For  each  component,  the  breakdown  of  the  different  structural  failure  modes  that  governed  local  siz¬ 
ings  was  identified.  A  summary  of  the  failure  mode  breakdowns,  for  the  ten  F/A-18  components,  shown  in 
Figure  4,  is  presented  in  Table  1.  Table  2  summarizes  the  baseline  weights  of  the  ten  F/A-18  components. 
Table  3  presents  the  failure  mode  breakdown  for  the  ten  747  fuselage  components  and  Table  4  summarizes 
the  calculated  baseline  weights  of  these  components. 
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Ultralightweight  Material  Properties 

The  weight  savings  potential  of  ULW  materials  was  estimated  using  projected  1993  production  mate¬ 
rial  properties.  In  order  to  qualify  as  a  1993  production  ready  material,  it  was  assumed  that  the  material 
would  need  to  be  available  in  development  quantities  in  the  1990  time  frame.  The  three  years  from  1990 
are  needed  for  material  technology  transition,  scale-up,  and  batch-to-batch  verification  testing. 

Following  a  comprehensive  vendor  survey  and  a  review  of  extensive  Northrop  in-house  test  data,  pro¬ 
duction  material  properties  were  selected  for  the  1993  time  frame.  The  projected  1993  ULW  material  prop¬ 
erties  are  presented  in  Table  5  and  Figure  7,  along  with  typical  properties  used  on  the  F/A-18.  Figure  7 
shows  that  the  1993  ULW  material  has  a  38  to  40  percent  increase  in  tension  and  compression  modulus,  a 
115  percent  increase  in  tension  strength,  and  a  21  percent  increase  in  compression  strength.  The  strength 
properties  account  for  the  presence  of  a  0.25-inch  fastener  hole. 

Weight  Savings  Prediction 

The  “Weight  Ratio  Methodology”  described  in  References  5  and  6  was  used  to  estimate  the  material 
substitution  weight  savings  potential  of  the  1993  ULW  material.  This  methodology  consists  of  a  set  of 
mathematical  equations  that  combine  material  density  and  governing  material  properties  to  arrive  at  a 
weight  difference  for  material  substitutions.  The  weight  ratio  equations  are  given  in  Table  6. 

The  philosophy  behind  using  this  method  is  to  estimate  weight  reductions  associated  with  material 
substitutions  without  affecting  the  baseline  margins  of  safety.  This  is  a  primary  consideration  to  assure  an 
unbiased  projection  of  weight  savings  due  to  material  substitutions.  Basically,  substitution  of  materials  in 
an  already  sized  structural  component  can  affect  the  baseline  weight  in  two  ways: 

1.  Weight  reductions  due  to  different  material  densities 

2.  Weight  reductions  due  to  different  part  thicknesses. 

The  second  consideration  is  based  on  the  assumption  that,  with  the  exception  of  part  thickness,  the  areal 
geometry  of  the  baseline  components  remains  unchanged  during  material  substitutions.  This  is  required 
for  the  evaluation  of  ULW  composites,  since  it  provides  the  study  with  weight  reductions  due  to  improved 
material  properties,  independent  of  modifications  in  baseline  structural  concepts  and  manufacturing  tech¬ 
niques. 

It  should  be  noted  that  the  overall  validity  of  this  approach  was  based  on  the  following  key  assump¬ 
tions: 

1.  All  candidate  components  under  consideration  are  producible  with  ULW  composite  materials. 

2.  Substitution  of  ULW  composites  for  baseline  metallic  structures  is  based  on  weight  where  cost 
and  supportability  are  not  considered. 

3.  Weight  estimates  are  based  on  static  loading  checks.  Fatigue  considerations  were  ignored  due  to 
the  insensitivity  of  composite  materials  to  fatigue-related  failures. 

4.  The  baseline  failure  modes  presented  in  Tables  1  and  3  remained  unchanged  after  material 
substitutions. 

The  weight  ratio  methodology  equations  presented  in  Table  6  are  existing  relationships  developed  for 
metal-to-metal  substitutions.  In  order  to  calculate  weight  savings  for  composite  substitutions,  Northrop 
modified  the  equations  in  Table  6  to  account  for  anisotropic  composite  properties  and  composite  failure 
criteria.  These  modified  equations  were  used  in  conjunction  with  the  component  failure  mode  breakdowns 
shown  in  Tables  1  and  3  to  calculate  component  weight  savings.  The  component  weight  savings  were  then 
extrapolated  to  calculate  total  airframe  weight  savings. 


RESULTS 


The  calculated  weight  savings  for  a  1993  production  ULW  material  system  are  presented  in  this 
section. 


F/A-18  Airframe 

The  weight  savings  results  for  the  ten  F/A-18  components  are  given  in  Table  7.  Weight  savings  range 
from  9  percent  for  the  rudder  assembly  to  46  percent  for  the  inner  wing  torque  box  and  the  outboard 
longerons.  The  overall  average  weight  savings  for  the  ten  components  were  42  percent.  T^e  results  of  the 
component  weight  savings  were  extrapolated  to  the  overall  F/A-18  airframe  to  assess  weight  savings  at  the 
total  airframe  level.  Figure  8  presents  the  structural  weight  breakdown  of  this  vehicle  with  and  without  the 
landing  gear/engine  section.  The  total  wing  group  weight  is  3,419  lbs  which  is  approximately  36.8  percent  of 
the  total  structural  weight  excluding  landing  gear/engine  section.  A  summary  of  the  extrapolation  method¬ 
ology  for  the  wing  group  is  presented  in  Figure  9. 

Figure  9  shows  that  the  weight  of  the  two  wing  components  used  in  the  study  was  1,760  lbs  or  51.5  per¬ 
cent  of  the  total  wing  weight.  However,  since  the  weight  savings  estimates  in  the  study  were  based  on  ma¬ 
terial  substitutions  only,  the  joints,  splices,  and  fasteners  can  be  excluded.  As  a  result,  the  two  wing 
components  comprise  55  percent  of  the  total  wing  weight  without  joints,  splices,  and  fasteners.  The  aver¬ 
age  ULW  material  savings  were  45.6  percent  for  the  two  wing  components  (Table  7)  and,  adjusting  the 
weight  savings  for  the  unconsidered  areas  to  40  percent,  the  total  F/A-18  wing  weight  savings  were  1,371  lbs 
and  40  percent  as  shown  in  Figure  9. 

The  same  approach  shown  in  Figure  8  was  used  to  calculate  the  total  weight  savings  for  the  tail  group 
and  body  (fuselage)  group.  These  were  calculated  to  be  17  percent  for  the  tail  group  and  29  percent  for  the 
body  group. 

Based  on  these  extrapolations,  the  combined  wing,  body  and  tail  group  weight  savings  were  calculated 
to  be  2,980  lbs,  which  is  32  percent  of  the  total  structural  weight  of  the  F/A-18  vehicle  (8,304  lbs). 

747  Fuselage 

The  weight  savings  results  for  the  ten  747  components  are  given  in  Table  8.  Weight  savings  range  from 
38  percent  for.the  lower  side  skin  with  window  cutouts  and  the  lower  bonnet  skin  to  68  percent  for  the  side 
skin  stringers.  The  overall  average  weight  savings  were  47  percent.  Figure  10  shows  the  approach  to  the 
747  center  fuselage  weight  savings  extrapolations.  The  estimated  weight  savings  of  the  components 
(Table  8)  were  used  to  determine  weight  savings  for  each  skin  panel  assembly,  using  geometric  failure 
mode  similarity  for  the  selected  components,  representing  detail  parts  of  the  outer  side  skin  assemblies.  A 
total  of  three  different  panel  groups,  namely,  side  skin  panels,  upper  bonnet  skin  panels,  and  lower  bonnet 
skin  panels,  was  used  since  they  were  representative  of  typical  panel  groups.  These  weight  savings  were 
applied  to  all  common  panel  groups.  These  data  were  then  extrapolated  to  the  center  fuselage  and  full 
airframe. 

Based  on  these  extrapolations,  a  weight  saving  of  42  percent  was  calculated  for  the  complete  airframe. 
The  higher  airframes’  weight  savings  for  the  747  (42  percent)  compared  to  the  F/A-18  (32  percent)  are  due 
to  the  differences  in  material  mix.  The  747  has  significantly  lower  composite  weight  fraction  than  the 
F/A-18. 


Discussion 

The  F/A-18  weight  savings  study  projected  a  32  percent  airframe  weight  savings  for  a  1993  production 
ULW  material.  This  value  is  in  agreement  with  the  preliminary  material  driven  weight  savings  estimates  of 
30  to  35  percent  identified  in  an  original  Forecast  II  projection  on  “Ultralightweight  Airframes”  (PT-22). 
This  confirms  the  significant  role  improved  material  properties  will  play  in  achieving  a  50  percent  weight 
savings  goal.  Indeed,  additional  material  property  improvements  should  be  available  after  1993,  which  will 
further  increase  the  weight  savings  potential  of  ULW  materials  in  the  2000  time  frame. 
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The  study  conducted  here  assumed  that  the  ULW  material  would  be  competitively  priced  be  produc¬ 
ible,  and  cos/effectiye.  It  should  be  noted  that  satisfying  these  very  important  catena  may  reduce  the  ca 
culated  weight  savings.  However,  material  property  improvements  are  only  one  facet  of  the  ULW  airt  a 
goal  The  key  is  to  integrate  advanced  ULW  materials,  innovative  design  concepts,  sophisticated  structural 
^ptoation  novel  cost  effective  manufacturing  methods  together  to  achieve  the  50  percent 

airframe  weight  savings  goal. 

WEIGHT  SAVINGS  SENSITIVITY  STUDY 

A  weight  savings  sensitivitv  study  was  conducted  to  determine  the  influence  of  compression  strength 
on  the  SSS  weisS  savings  Llculated  for  the  ten  F/A-18  components.  This  study  was  conducted 

for  the  following  reasons: 

1.  Post-1993  candidate  ULW  materials  are  polyphenylenebenzobisoxazole  (PBO)  fibers  and 
molecular  composites. 

2.  These  materials  offer  significant  density  advantages,  significantly  improved  specific  tension 
modulus,  and  tension  strength  over  the  1993  ULW  materials. 

3.  PBO  fiber  composites  and  molecular  composites  have  significantly  lower  specific  compression 
Strength  than  1993  ULW  materials. 

4.  The  impact  of  reduced  compression  strength  on  ULW  material  weight  savings  was  needed  to 
establish  a  target  compression  strength  for  these  materials. 

The  study  was  conducted  using  the  1993  ULW  material  properties  shown  in  5  and  Figure  7  All 
properties  were  constrained  except  the  notched  compression  strength,  which  was  varied  from  2,500  m  c 
in./in.  to  7,500  micro-in./in. 

Typical  results  for  the  sensitivity  of  ULW  material  weight  savings  to  compression  strain  allowable  are 
shown  in  Figure  11  for  the  vertical  stabilizer  substructure,  inner  and  outer  wing  torque 
main  landing  gear  strut  door.  The  average  weight  savings  sensitivity  to  compression  strain  allowable,  for 
all  ten  F/A-18  components,  is  presented  in  Figure  12.  For  the  1993  ULW  compression  strain  allowa  e 
Im  micro-i„./in.,L  weight  Lvings  are  42  percent.  If  the  ASl  (original 

allowable  of  4,000  micro-in./in.  is  used,  the  weight  savings  reduce  to  approximately  40  percent.  For  a  com 
pression  strain  allowable  of  2,400  micro-in./in.  (the  value  for  current  PBO  fibers),  the  weight  savings  fur¬ 
ther  reduce  to  30  percent. 

It  appears,  therefore,  that  the  weight  savings  provided  by  the  higher  specific  modulus  and  tension 
strength  of  the  PBQ  fiber  would  be  significantly  offset  by  the  12  percent  loss  m  weight  savings  due  to  its 
(current)  low  compression  strength. 

An  interesting  feature,  shown  in  Figure  12,  is  the  influence  of  increased  coinpression  strain  allowable 
above  the  1993  ULW  value  of  4,840  micro-in./in.  The  trend  in  weight  savinp  ,i‘ 

strength,  in  this  regime,  is  relatively  flat.  For  a  compression  strain  allowable  equal  to  7,000  micro-im/in., 
the  weight  savings  are  approximately  46  percent,  which  represents  o^y  a  4  percent  increase  ' 

ings.  It  can  be  concluded  that  a  compression  allowable  target  of  5,000  micro-in./in.  is  adequate  for  U 

materials. 

Figure  13  presents  the  weight  savings  sensitivity  of  a  typical  structure  panel  subjected  f 

tension!  compression,  and  shear  loading.  For  strength  design,  the  panel  thickness  (and  weight)  s  sensitive 
to  the  compression  strain  allowable,  as  expected.  In  contrast,  dpign  ^luckhng  is  msensitive  to  co 
pression  strain  allowable,  again  as  expected.  However,  the  key  fepure  of  Figure  13  ** 
thickness,  and,  therefore,  weight,  is  controlled  by  satisfying  buckling  requirements  rather  than  strenph 
requirements.  The  same  trend  was  also  observed  with  other  combinations  of  combined  loading.  1  hus, 
compression  modulus  is  an  important  property  in  determining  the  weight  of  composite  airframes. 
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CONCLUSIONS 


1.  Projected  1993  ULW  production  materials  properties  have  the  potential  to  save  32  percent 
airframe  weight  for  the  material  mix  used  on  the  F/A-18  airframe. 

2.  Density  and  compression  modulus  are  the  material  property  drivers  for  weight  savings. 

3.  A  compression  strength  equivalent  to  current  AS4  composites  is  required  for  next  generation 
ULW  materials. 

4.  The  50  percent  airframe  weight  savings  goal  should  be  achieved  by  the  integration  of  ULW 
materials,  innovative  design  concepts,  sophisticated  optimization  methods,  and  cost  effective 
manufacturing  methods. 
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Table  1.  F/A-18  Component  Failure  Mode  Breakdowns 


COMPONENTS 

CRITICAL  FAILURE  MODES  (PERCENT) 

NO. 

NAME 

BUCKLING 

CRIPPLING 

TORSIONAL 

STIFFNESS 

TENSILE 

STRENGTH 

COMP. 

STRENGTH 

BEARING 

STRENGTH 

MIN. 

GAGE 

MISC. 

1 

Vertical  Stabilizer  Skins 
(WF  =  7.13%) 

63 

... 

30 

3 

... 

... 

4 

... 

2 

Vertical  Stabilizer  Torque 
Box  Substructure 
(WF  -  5.19%) 

18 

22 

6 

7 

... 

37 

... 

10 

3 

Rudder  Assy. 

(WF  ==  1.78%) 

43 

... 

... 

41 

... 

10 

... 

6 

B 

Inner  Wing  Box 
(WF  =  57.23%) 

16 

8 

... 

29 

17 

... 

5 

B 

Outer  Wing  Box 
(WF  =  12.52%) 

16 

13 

5 

18 

29 

... 

5 

B 

Wing  Attach  Bulkhead 
(WF  =  8.52%) 

19 

44 

... 

3 

... 

34 

... 

... 

7 

Fuselage  Skin  Panels 
l(WF  =  1.66%) 

80 

... 

... 

... 

... 

20 

... 

... 

8 

Main  Landing  Gear  Door 
(WF  =  1.55%) 

... 

... 

20 

68 

12 

... 

... 

... 

Upper 

_ 

10 

... 

80 

_ 

_ 

_ 

9 

Longerons 
(WF  =  2.3%) 

90 

... 

... 

... 

10 

Pressure  Bulkhead 
(WF  =  2.1%) 

... 

70 

... 

9 

... 

2 

19 

... 

TOTAL 

20.3 

14.4 

3.4 

19 

19 

19 

0.7 

4.2 

T89-25/44/A 


Table  2.  F/A-18  Component  Weights 


COMPONENT 

BASELINE 
WEIGHT*  (LB) 

PERCENT  OF  TOTAL 
STRUCTURAL  WEIGHT** 

Vertical  Stabilizer  Skins 

180 

2 

Vertical  Stabilizer  Substructure 

131 

1.4 

Rudder  Assembly 

45 

0.5 

Inner  Wing  Torque  Box 

1,444 

15.5 

Outer  Wing  Torque  Box 

316 

3.4 

Main  Landing  Gear  Strut  Door 

39 

0.4 

Upper  &  Keel  Longerons 

58 

0.6 

Fuselage  Skin  Panel 

42 

0.5 

Pressure  Bulkhead 

53 

0.6 

Wing  Attach  Bulkhead 

215 

2.3 

TOTAL  WEIGHT 

2,523 

27.2 

*Where  Applicable,  Weights  Include  LVR. 
**Excluding  Landing  Gear  Engine  Section 


Tfl&-25/25/B 
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Table  3.  747  Component  Failure  Mode  Breakdowns. 


Component 

Percent  Weight  Sized  by  Failure  Mode 

Part 

Weight 

Tension 

Compression 

Buckling 

Crippling 

Bearing 

Misc. 

Upper  Bonnet  Skin 

87 

10 

3 

268.0 

Side  Skin  w/o  Window  Cutout 

10 

84 

6 

139.5 

Side  Skin  w/  Window  Cutout 

100 

239.5 

Frame  FS  1220  (S-12  to  Wing) 

19 

35 

45 

1 

20.5 

Bulkhead  FS  1140 

42 

35 

22 

1 

77.0 

Stringers 

-  Roll  Formed  Sheet  (S-1 ,  S-19) 

100 

10.5 

-  Extrusion  (S-23,  S-49) 

100 

17.5 

Window  Support  Frame 

100 

14.0 

Lower  Bonnet  Skin 

90 

10 

369.5 

Floor  Frame  FS  1980 

29 

10 

41 

17 

3 

25.0 

Cargo  Door  Upper  Sill 

79 

21 

18.5 

‘Based  on  Calculated  Weights 


Table  4.  747  Component  Weights 


CANDIDATE  COMPONENT 

CALCULATED  BASELINE 
WEIGHT  (LB) 

Upper  Bonnet  Skin 

268 

Side  Skin  w/o  Window  Cutout 

139 

Side  Skin  With  Window  Cutout 

239 

Frame  FS  1220  (S-12  to  Wing) 

20 

Bulkhead  FS  1140 

77 

Stringers 

-  Roll  Formed  Sheet 

10 

-  Extrusion 

18 

Window  Support  Frame 

14 

Lower  Bonnet  Skin 

370 

Floor  Frame  FS  1980 

25 

Cargo  Door  Upper  Sill 

19 
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Table  5.  Comparison  of  1993  ULW  and  AS/3501-6  (F/A-18)  Material  Properties. 


ULW  Composite  Material 

Conventional  Composites 
(AS  Series) 

E  J  =  E  ^  =  25  msi 

E2  =  1.6  msi 

G  ^2  =  0-9  nisi 

(unnotched)  =  14,300  |iin./in. 

8*  (notched)  =  8,460  pin./in. 

8^  (unnotched)  =  8,600  |a.in./in. 

8  ^  (notched)  =  4,840  gin./in. 

Fbru  =  100  ksi 

e|  =  18.1  msi 

E""  =17.6  msi 

1 

E2  =  1.9  msi 

G.|2  =  0.85  msi 

8*  (unnotched)  =  11,070  pin./in. 

8^  (notched)  =  4,000  pin./in. 

8*^  (unnotched)  =  15,025  pin./in. 

8  ^  (notched)  =  4,000  pin./in. 

Fbru  =  9° 

T89-25/28/A 


Table  6.  Weight  Ratio  Methodology  Equations 


CATEGORY 

NUMBER 

FAILURE  MODE 

WEIGHT  RATIO  (W2/WP 

1 

TENSILE  STRENGTH 

P2/P1  X 

2 

COMPRESSIVE  STRENGTH 

P2^P^  ^  ^cyi/*^cv2 

3 

CRIPPLING 

p,/p,  X  (E,/E2)0-25x 

4 

COMPRESSION  SURFACE 

COLUMN  &  CRIPPLING 

P2/P1  X  (E,/E2)0.4x 

5 

BUCKLING  COMPRESSION  OR  SHEAR 

P2/P,  X  (E,/E2)033 

6 

AEROELASTIC  STIFFNESS 

P2/P1  X  {E.1/E2) 

7 

DURABILITY  AND  DAMAGE 

TOLERANCE  CUTOFF 

P2/P1  X  (F^/F2) 

8 

GENERAL  INSTABILITY 

P2/P1  X  (Ei/E2)05 

9 

MINIMUM  GAGE 

P2/P1  X  {t2/t.j) 

760.12 
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Table  7.  F/A-18  Weight  Savings  Summary. 


CANDIDATE  COMPONENT 

BASELINE 
WEIGHT  (LB) 

ULW 

WEIGHT  (LB) 

PERCENT 

SAVINGS 

Vertical  Stabilizer  Skins 

180 

139.5 

22.5 

Vertical  Stabilizer  Substructure 

131 

73.4 

44 

Rudder  Assembly 

45 

41 

9 

Inner  Wing  Torque  Box 

1,444 

779.8 

46 

Outer  Wing  Torque  Box 

316 

177.0 

44 

Main  Landing  Gear  Strut  Door 

39 

24.6 

37 

Upper  &  Keel  Longerons 

58 

31.3 

46 

Fuselage  Skin  Panel 

42 

28.1 

33 

Pressure  Bulkhead 

53 

29.2 

45 

Wing  Attach  Bulkhead 

215 

148.4 

31 

TOTAL  WEIGHT 

2,553 

1,472.3 

42 

T89-25/2»A 
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Table  8.  747  Weight  Savings  Summary. 


CANDIDATE  COMPONENT 

BASELINE 
WEIGHT  (LB) 

ULW 

WEIGHT  (LB) 

PERCENT 

SAVINGS 

Upper  Bonnet  Skin 

268 

99 

63 

Side  Skin  w/o  Window  Cutout 

139 

81 

42 

Side  Skin  With  Window  Cutout 

239 

148 

38 

Frame  FS  1220  (S-12  to  Wing) 

20 

12 

41 

Bulkhead  FS  1140 

77 

33 

57 

Stringers 

-  Roll  Formed  Sheet 

10 

3 

68 

-  Extrusion 

18 

12 

68 

Window  Support  Frame 

14 

5 

63 

Lower  Bonnet  Skin 

370 

229 

38 

Floor  Frame  FS  1980 

25 

11 

55 

Cargo  Door  Upper  Sill 

19 

10 

50 

TOTAL  WEIGHT 

1,199 

635 

47 

T89-25/3(yB 


1988 


1989 


1990 


1991 


1992 


T89-25«1/A 

Figure  1 .  Roadmap  of  US  AF/Northrop  Ultralightweight  Programs 
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4.  Inner  Wing  Torque  Box  5.  Outer  Wing  Torque  Box 


. 


1 .  Vertical  Stabilizer  Skins 


MATERIAL  DESIGN  ALLOWABLES 


‘:L:  Window 
I  Frame 


Bulkhead 
FS  1140 


Side  Skin 


Roll-Formed 


Frame 
FS  1220 


Extrusion 

Stringer 


^  u  u  ^  ^  ^ 


Middle  Skin  Panel 


Lower  Skin  Panel 


Figure  6.  747  Fuselage  Side  Skin  Conaponenis 


21%^ 

creased 


Lamina  Modulus 


Tensile  Strain 
Allowable 


Compressive  Strain 
Allowable 


Figure  7.  Comparison  of  1993  ULW  and  AS/3501-6  (F/A-18)  Material  Properties 
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(7%) 


841  lb 
(9%) 


Total  Structural  Weight  =  11,874  lb 


Total  Structural  Weight  =  9,304  lb 
(Excluding  Landing  Gear  &  Engine 
'  Section) 

T89-25/3B/A 


Figure  8.  F/A-18  Structural  Weight  Distribution 


Wing  Group  (Wt  =  3,419  lb) 


Total  ULW 
Wing  Weight 
Saving  =  40% 


T09-25/39/A 


Figure  9.  Extrapolation  of  Component  Weight  Savings  to  Total  F/A-18  Airframe  Weight  Savings 
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Weight  Saving  (%)  Weight  Saving  (%) 


Candidate  Parts 
Weight  Savings  Evaluation 


Detail  Parts  Applicable  to  a 
Skin  Panel  Assembly 
{  Using  Geometric  and 
Failure  Mode  Similarities  ) 


Determine 
Weight  Savings 
for 

Skin  Panel 
Assembly 


Apply  Weight  Savings  to 
All  Common  Panel  Groups 


•  Side  Skin  Panels  (Window  Belt) 

-  Upper  Bonnet  Skin  Panels 

-  Lower  Bonnet  Skin  Panels 


Center  Fuselage  Weight  Savings  Extrapolation 


Full  Airframe 

^Weight  Savings  Extrapolation^ 


T89-25/40/A 

Figure  10.  747  Center  Fuselage  Weight  Savings  Estimate  Approach 


F/A-18  Vertical  Stabilizer  Substructure  F/A-18  Inner  Wing  Box 


F/A-18  Outer  Wing  Box 


1,210  2,420  4,840  5,500  6,500  7,500 


Open-Hole  Compression  Strain  Allowable  (pin.  /  in.) 


1,210  2,420  4,840  5,500  6,500  7,500 

Open-Hole  Compression  Strain  Allowable  (pin.  /  in.) 


T89-25/41/A 


Figure  1 1 .  Impact  of  Compression  Strength  on  F/A- 1 8  Component  Weight  S  avings 
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PANEL  THICKNESS  (In.)  WErGHT  SAVINGS  (%) 


COMPRESSION  STRAIN  ALLOWABLE  {|iin./in.) 

Figure  12.  Impact  of  Compression  Strength  on  F/A-18  Overall  Component  Weight  Savings 
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Figure  13.  Impact  of  Compression  Strength  Versus  Stability 
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A  CURVED  BEAM  TEST  SPECIMEN  FOR  DETERMINING  THE 


INTERLAMINAR  TENSILE  STRENGTH  OF  A  LAMINATED  COMPOSITE 

Clement  C.  Kiel,  Mark  Sumich,  and  David  P.  Chappell 
NASA  Ames  Research  Center 
Moffitt  Field,  California 


SUMMARY 

A  curved  beam  type  of  test  specimen  is  evaluated  for  use  in  determining  the 
through-the-thickness  strength  of  laminated  composites.  Two  variations  of  a 
curved  beam  specimen  configuration  (semi-circular  and  elliptical)  were  tested 
to  failure  using  static  and  fatigue  loads.  The  static  failure  load  for  the 
semi-circular  specimens  was  found  to  be  highly  sensitive  to  flaw  content^  with 
the  specimens  falling  into  two  distinct  groups.  This  result  supports  the  use 
of  proof  testing  for  structural  validation.  Static  design  allowables  are 
derived  based  on  the  Weibull  distribution.  Fatigue  data  indicates  no  measured 
increase  in  specimen  compliance  prior  to  final  fracture.  All  static  and 
fatigue  failures  at  room  temperature  dry  conditions  occurred  catastrophically. 
The  elliptical  specimens  demonstrated  unusually  high  failure  strengths 
indicating  the  presence  of  phenomena  requiring  further  study.  Results  are  also 
included  for  specimens  exposed  to  a  wet  environment  showing  a  matrix  strength 
degradation  due  to  moisture  content.  Further  testing  is  under  way  to  evaluate  a 
fatigue  methodology  for  matrix  dominated  failures  based  on  residual  static 
strength  (wearout) . 


INTRODUCTION 

As  composite  structures  enter  service  in  more  demanding  roles,  the 
successful  designer  must  have  a  clear  understanding  of  the  characteristics 
peculiar  to  fiber  reinforced  materials.  The  anisotropy  of  composites  results 
in  exceptional  performance  along  fiber  directions,  but  comparatively  poor 
properties  orthogonal  to  the  fibers.  The  failure  modes  observed  in  composites 
are  also  substantially  different  from  those  seen  in  metallics .  Delamination  is 
one  failure  mechanism  unique  to  laminated  composites,  which  is  often 
characterized  by  high  rates  of  propagation  and  catastrophic  consequences. 
Numerous  occurrences  of  delamination  failures  during  the  development  of 
composite  hardware  have  been  documented  (refs.  1,2). 

Delamination  is  caused  by  excessive  stress  within  the  matrix  of  a  composite 
material.  This  stress  has  been  referred  to  as  interlaminar  tensile  stress 
(ILTS),  short  transverse  stress,  or  through-the-thickness  stress.  Primary 
fiber-carried  loads  in  regions  of  part  curvature,  ply  dropoff s  (ref.  3),  or  ply 

waviness  can  create  secondary  stresses  within  the  matrix  which  tend  to  pull  the 

plys  of  the  laminate  apart.  Most  practical  composite  structures  contain  a 
number  of  these  and  other  features  which  can  encourage  delamination.  Since 
the  strength  of  the  matrix  may  be  two  orders  of  magnitude  less  than  the 
strength  of  the  fiber,  even  low  levels  of  interlaminar  tension  (6.89  Mpa,  1.00 

ksi)  may  jeopardize  the  ability  of  the  laminate  to  sustain  its  design  load. 

Serious  consideration  must  always  be  given  to  evaluating  the  magnitude  of  the 
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interlaminar  stresses  and  reducing  them  by  appropriate  modifications  early  in 
the  design  phase. 

In  the  literature,  little  design  data  exists  on  the  through-the-thickness 
properties  of  laminated  composites .  Some  of  the  specimen  configurations  that 
have  been  used  to  determine  interlaminar  tensile  strength  include  the 
diametrical  compression  specimen  (ref.  4)  and  variations  of  the  flatwise 
tension  test  specimen  (refs.  5,6).  Although  some  success  has  been  achieved 
with  the  flatwise  tension  test  specimen,  this  configuration  has  inherent 
limitations .  Testing  under  extreme  environmental  conditions  such  as  elevated 
temperature  and  moisture  content  is  complicated  by  the  presence  of  a 
failure-prone  adhesive  bond  between  the  test  specimen  and  the  grips.  Forcing 
the  failure  to  occur  within  the  laminate  requires  that  the  interlaminar  tensile 
stress  be  concentrated  by  some  means  such  as  necking  the  specimen  down  at  the 
test  section.  This  requires  relatively  thick  specimens,  measuring  1.27  cm  (0.5 
in.)  or  more  in  depth,  which  may  not  be  adequately  representative  of  a 
particular  composite  structure.  This  paper  describes  the  development  of  two 
variations  of  a  new  type  of  interlaminar  tension  test  specimen  and  the 
application  of  an  analytical-experimental  approach  to  determine  design 
allowables  for  interlaminar  tensile  strength. 


SYMBOLS 

Values  are  given  in  both  SI  and  U.S.  Customary  Units.  The  measurements  and 
calculations  were  made  in  U.S.  Customary  Units. 

interlaminar  tensile  stress,  Mpa  (psi) 

p  applied  load,  N  (lbs) 

L  moment  a  rm,  cm  ( in . ) 

b  width  at  test  section,  cm  (in.) 

t  thickness  at  test  section,  cm  (in.) 

Rj_  inside  radius  of  laminate  at  test  section,  cm  (in.) 

Rq  outside  radius  of  laminate  at  test  section,  cm  (in.) 


TEST  SPECIMEN  CONFIGURATION 
Theory 

Two  test  specimen  configurations  are  shown  in  figures  lA  and  IB.  Both  are 
curved  beams  with  all  plys  oriented  around  the  circumferential  direction  (100% 
0"^  layup)  .  This  type  of  ply  schedule  eliminates  the  free  edge  ILTS 
intensification  that  would  occur  for  cross-ply  laminates  as  load  is  applied  or 
during  cooldown  from  the  cure  temperature.  The  load  P  is  applied  at  the  free 
ends  of  each  beam  (flat  section),  tending  to  pull  them  apart.  This  load  acting 
over  moment  arm  L  generates  maximum  ILTS  within  the  laminate  at  the  apex  (test 
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section)  of  each  specimen.  Note  that  with  curved  beam  geometries,  the  applied 
load  can  be  introduced  well  away  from  the  test  section.  The  peak  interlaminar 
tensile  stress  at  the  apex  may  be  closely  estimated  by  the  following  equation 
from  reference  2 . 


^zzmax 


3PL 

2  bt  VRj  Ro 


(1) 


This  equation  has  been  shown  to  give  a  very  good  estimation  of  the  peak 
ILTS  for  simple  geometries  with  small  deflections^  such  as  the  semi-circular 
curved  beam  specimen  shown  in  figure  lA.  The  peak  ILTS  at  failure  for  the 
semi-circular  specimens  was  calculated  by  substituting  experimentally  measured 
failure  loads  into  equation  (1) ,  A  more  detailed  analysis  using  classical 
elasticity  (continuum)  theory  and  multilayer  (discrete)  theory  is  given  in 
reference  7 . 

More  complicated  and  compliant  curved  beam  configurations  such  as  the 
elliptical  specimen  in  figure  IB  would  not  be  expected  to  conform  as  closely  to 
the  behavior  predicted  by  equation  (1) .  Consequently,  a  NASTRAN  finite  element 
analysis  was  performed  on  the  elliptical  specimen  configuration  to  provide  a 
mathematical  expression  relating  the  applied  load  to  the  peak  ILTS.  Figure  2 
compares  the  non-linear  response  determined  by  NASTRAN  to  the  linear  response 
predicted  by  equation  (1) .  Relatively  large  deflection  of  the  elliptical 
specimen  under  load  (exceeding  2.54  cm  total  at  the  load  application  points) 
causes  a  reduction  of  the  effective  moment  arm  and  curvature  at  the  apex, 
resulting  in  slightly  non-linear  behavior.  The  peak  ILTS  at  failure  for  the 
elliptical  specimens  was  calculated  by  substituting  experimentally  measured 
failure  loads  into  the  following  polynomial  curve  fit  of  NASTRAN  results. 


azzmax  =  (-0-0905)p2  +  (107.6)P  +  23.1 


(2) 


The  2-D  NASTRAN  model  utilized  22  CQUAD8  elements  through-the-thickness 
(one  per  ply)  and  provided  for  increasing  mesh  refinement  in  the 
circumferential  direction  when  approaching  the  apex  of  the  ellipse  (symmetric 
boundary  condition) .  The  non-linear  analysis  used  five  load  increments  to 
account  for  geometric  changes  due  to  large  deflections  and  required 
approximately  500  seconds  of  run  time  on  a  CRAY  Y-MP .  Figure  3  shows  the  ILTS 
contours  near  the  apex  of  the  elliptical  specimen  configuration.  As  predicted 
by  elasticity  theory,  the  maximum  ILTS  occurs  at  the  apex  location  (section 
A-A) ,  slightly  inboard  of  the  mean  geometric  radius.  Figure  4  is  a  photograph 
of  a  failed  semi-circular  and  elliptical  specimen  which  highlights  the  radius 
along  which  each  type  of  specimen  fails  and  confirms  that  we  are  looking  at 
failures  originating  at  the  region  of  maximum  interlaminar  tension. 


Manufacture 

The  semi-circular  specimens  were  fabricated  from  carbon/epoxy 
(G40-600/5245C)  prepreg  utilizing  a  male  tooling  approach.  One  long  part 
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resembling  a  channel  is  produced  from  which  about  twenty  2.54  cm  (1.00  in.) 
vjide  specimens  are  cut .  The  plys  were  periodically  debulked  during  layup  using 
vacuum  compaction,  and  the  entire  assembly  was  vacuum  bagged  and  cured  in  an 
oven  at  177° C  (350° F) .  ultrasonic  non-destructive  inspection  was  used  to 
ascertain  global  part  quality  and  some  specimens  were  cut  up  and  inspected 
under  a  microscope,  revealing  a  significant  amount  of  scattered  porosity.  The 
relatively  thick  semi-circular  specimens  were  difficult  to  manufacture  with 
consistent  quality  and  typically  exhibited  variations  in  thickness  and  poor 
consolidation . 

In  an  effort  to  improve  the  laminate  quality  and  further  localize  the 
region  of  peak  ILTS,  the  manufacturing  method  was  changed  and  the  specimen 
configuration  was  modified  into  an  ellipse.  The  elliptical  specimens  were 
fabricated  from  carbon/epoxy  (T300/934)  prepreg  in  a  female  tool  using  a  lock 
mold  process  which  provided  high  compaction  pressure  and  excellent  geometric 
tolerances  (ref.  8) .  Generally,  when  the  thicknesses  of  the  elliptical  specimens 
were  within  0.279  ±0.005  cm  (0.110  ±0.002  in.),  no  discernible  flaws  could  be 
found  when  inspecting  cutup  sections  with  the  microscope.  The  elliptical 
shape  allows  for  a  very  small  local  radius  at  the  test  section  which  permits 
the  use  of  a  thinner,  more  producible  laminate  while  maintaining  low  fiber 
stresses  due  to  bending  and  forcing  the  specimen  to  fail  first  by  delamination. 
Since  local  radius  increases  away  from  the  apex,  the  highest  ILTS  is 
concentrated  into  a  narrower  circumferential  region. 


TEST  SETUP 

Figure  5  shows  a  photograph  of  an  elliptical  specimen  ready  to  be  loaded  to 
failure.  The  load  originates  from  an  MTS*  servohydraulically  operated  ram  at  the 
bottom,  which  moves  downward  during  the  test .  The  downward  movement  is 
transferred  to  the  lower  clevis,  which  is  connected  to  a  male  rod  end  that  is 
bolted  to  one  of  the  flat  ends  of  the  specimen.  A  similar  arrangement  carries 
the  load  from  the  specimen  to  the  upper  clevis,  which  is  attached  to  a  load 
cell  with  a  capacity  of  9060  N  (2000  lbs) .  The  use  of  rod  ends  allows  the 
specimen  to  better  align  itself  with  the  direction  of  the  applied  load, 
reducing  out-of-plane  moments  that  can  cause  the  specimen  to  twist. 

The  position  of  the  ram,  and  consequently  the  specimen's  opening 
displacement,  is  monitored  using  a  locally  mounted  clip  gauge  for  the  circular 
specimens  and  the  MTS-LVDT  gauge  for  the  elliptical  specimens.  A  load  versus 
(^isplaQ0tTient  plot,  the  slope  of  which  is  defined  as  the  stiffness,  is  obtained 
during  each  test.  Since  the  delamination  of  both  types  of  specimens  occurs 
catastrophically  (as  it  does  in  full  scale  structural  testing) ,  the  applied 
load  at  the  event  of  delamination  failure  is  determined  precisely. 


RESULTS 

Semi-Circular  Specimens  (Unscarfed) 

Ten  semi-circular  specimens  with  a  uniform  width  of  2.54  cm  (1.00  in.)  were 
statically  loaded  to  failure  at  room  temperature  dry  (RTD)  conditions.  The 
total  applied  deflection  was  increased  at  a  rate  of  0.5  mm/min.  (0.02  in. /min.) 
until  delamination  occurred.  The  cumulative  probability  of  failure  P (x)  is 

*Materials  Test  System  (MTS) . 

250 


plotted  against  the  obtained  interlaminar  tensile  strength  in  figure  6.  The 
data  displays  a  mean  strength  of  36.85  Mpa  (5.38  ksi) ^  which  is  only  63%  of  the 
in-plane  transverse  strength  value  for  the  5245C  family  of  composite  materials 
(unpublished  RSRA/X-Wing  program  data) .  The  standard  deviation  is  8.56  Mpa 
(1.25  ksi) ,  and  consequently  the  coefficient  of  variation  is  23%,  which  is  a 
rather  disappointing  result  since  we  had  hoped  to  effectively  develop  a  test 
specimen  with  no  more  than  the  10%-15%  scatter  (which  is  typical  for  the 
in-plane  properties  of  composites).  The  solid  line  is  the  cumulative 
distribution  function  fitted  through  the  data  with  a  Weibull  scale  parameter  of 
40.01  Mpa  (5.85  ksi)  and  a  shape  parameter  of  5.26.  Using  the  analytical 
expression  for  the  Weibull  distribution  (ref.  9),  one  obtains  16.72  Mpa  (2.44 
ksi)  for  the  A-allowable  and  26.13  Mpa  (3.81  ksi)  for  the  B-allowable.  Both 
allowables  are  fairly  low,  which  is  a  reflection  of  the  effect  of  poor  specimen 
quality  on  interlaminar  tensile  strength. 

To  quantify  poor  specimen  quality,  we  can  idealize  the  cross  section  at  the 
apex  as  a  flat  2.54  cm  (1.00  in.)  wide  and  0.91  cm  (0.36  in.)  long  panel  with 
side  cracks,  to  which  the  maximum  interlaminar  tensile  stress  is  being  applied 
in  the  lengthwise  direction.  Using  a  value  for  the  fracture  toughness  (Kjc)  of 
1.324*10^  N/ml'5  (1183  lb/ini-5)  from  reference  10,  we  find  that  the  critical 
crack  size  for  the  specimens  represented  in  figure  6  ranges  from  approximately 
1.00  mm  (0.039  in.)  for  the  specimen  that  has  the  lowest  strength  (20.55  Mpa, 
3.00  ksi)  to  0.165  mm  (0.006  in.)  for  the  specimen  that  has  the  highest 
strength  (50.69  Mpa,  7.40  ksi).  These  calculated  critical  crack  sizes  are 
globally  in  accord  with  flaw  sizes  observed  on  cut  and  polished  cross  sections 
viewed  under  the  microscope . 

Equation  (1)  indicates  that  the  ILTS  is  directly  proportional  to  the 
applied  force  times  the  moment  arm.  Since  the  moment  arm  does  not  decrease 
significantly  until  well  away  from  the  apex,  much  of  the  circumference  near  the 
apex  of  the  specimen  is  subjected  to  high  ILTS.  This  effect  has  been  confirmed 
by  finite  element  analysis  (ref.  2).  Failure  can  consequently  initiate  at  any 
weak  spot  or  flaw  which  is  located  within  a  rather  broad  circumferential 
region.  The  presence  of  flaws  distributed  throughout  the  laminate  has  been 
established  by  looking  at  cross  sections  and  free  edges  with  a  microscope.  The 
exact  location  of  failure  initiation,  therefore,  could  not  be  determined  with 
our  current  test  methods  due  to  the  catastrophic  nature  of  the  failure  event. 


Semi-Circular  Specimens  (Scarfed) 

In  order  to  focus  the  ILTS  into  a  more  narrow  region,  the  semi-circular 
specimens  were  necked  down  (scarfed)  at  the  test  section.  Equation  (1)  shows 
the  ILTS  as  being  inversely  proportional  to  specimen  width,  indicating  that  a 
reduction  in  width  at  the  test  section  would  serve  to  intensify  and  localize 
the  region  of  peak  ILTS.  The  width  at  the  apex  was  reduced  from  2.54  cm  (1.00 
in.)  to  0.60  cm  (0.24  in.)  using  a  gradual,  linear  taper.  Figure  7  presents 
the  cumulative  probability  of  failure  P (x)  versus  the  static  interlaminar 
tensile  strength  for  the  nine  scarfed  specimens  that  were  tested  at  RTD 
conditions.  The  specimens  separated  into  two  distinct  groups,  turning  out  to 
be  either  "weak”  or  "strong."  The  "strong”  specimens  cluster  around  an  average 
strength  of  57.95  Mpa  (8.46  ksi)  with  a  coefficient  of  variation  of  7.6%.  This 
average  represents  99%  of  the  in-plane  transverse  strength  for  this  material. 
The  "weak”  specimens  cluster  around  32.49  Mpa  (4.74  ksi)  with  a  coefficient  of 
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variation  of  11.8%.  The  two  curves  are  the  cumulative  distribution  functions 
for  the  "strong"  (curve  #1)  and  "weak"  (curve  #2)  specimens.  Curve  #1  has 
Weibull  parameters  of  59.8  Mpa  (8.73  ksi)  and  15.78  and  may  be  considered  as  the 
intrinsic  interlaminar  tensile  strength  distribution  of  the  material  in  ideal 
conditions.  Curve  #2  has  Weibull  parameters  of  34.04  Mpa  (4.97  ksi)  and  9.67 
and  may  be  considered  as  a  processing  and  flaw  size  induced  horizontal  shift  of 
the  ideal  distribution.  The  difference  in  strength  between  both  curves 
effectively  gauges  the  quality  of  the  material  and  the  fabrication  process. 
Ideally,  as  the  quality  of  processing  improves,  curve  #2  should  shift  to  the 
right  until  it  coincides  with  curve  #1.  It  can  also  be  seen  from  figure  7  that 
the  overlap  between  both  curves  is  minimal  indicating  that  either  a  flaw  was 
present  in  the  necked  down  test  section  resulting  in  a  low  failure  stress,  or 
that  no  such  flaw  was  present  resulting  in  a  high  failure  stress.  This 
suggests  that  one  can  discriminate  the  "strong"  specimens  from  the  "weak" 
specimens  by  proof-testing  them  to  some  intermediate  load  level. 


Elliptical  Specimens 

To  improve  the  laminate  quality  and  further  concentrate  the  ILTS  even  more 
than  in  the  scarfed  semi-circular  test  specimens,  an  elliptically  shaped 
specimen  was  developed  for  which  both  the  analysis  and  the  fabrication 
procedures  were  described  earlier.  Static  interlaminar  tensile  strength  data 
obtained  on  thirteen  elliptical  specimens  at  RTD  conditions  from  two  different 
batches  having  a  uniform  width  of  2.54  cm  (1.00  in.)  is  plotted  against  the 
cumulative  probability  of  failure  P (x)  in  figure  8.  The  mean  strength  is 
107.06  Mpa  (15.63  ksi),  which  is  194%  of  the  published  in-plane  transverse 
strength  of  T300/934  (ref.  10),  and  the  coefficient  of  variation  is  9.8%.  The 
solid  line  is  the  cumulative  distribution  function  calculated  for  both  batches 
of  specimens  pooled  together.  The  Weibull  scale  and  shape  parameters  are  111.9 
Mpa  (16.34  ksi)  and  10.05,  respectively.  The  circles  in  figure  8.  represent  a 
very  high  quality  batch,  whereas  the  squares  represent  a  lower  quality  batch. 

It  was  found  that  an  excellent  indication  of  batch  quality  could  be  obtained  by 
measuring  the  specimen  thickness  and  its  variability  at  the  apex  location. 

The  extremely  high  interlaminar  tensile  strength  obtained  on  these 
specimens  is  a  most  striking  result .  We  currently  speculate  that  this  is 
because  only  a  very  small  volume  located  at  the  specimen  apex  is  subject  to  the 
peak  ILTS.  This  may  represent  a  size  effect  that  has  not  yet  been  reported  in 
the  literature  and  which  needs  further  investigation.  Another  factor  which 
needs  further  clarification  is  the  effect  of  double  (anticlastic)  curvature  at 
the  apex  location,  since  the  elliptical  specimens  may  be  behaving  more  like 
curved  plates  than  curved  beams  due  to  their  width  being  over  nine  times  their' 
depth.  Additional  tests  are  planned  on  narrower  elliptical  specimens  and  the 
NASTRAN  analysis  shall  be  extended  into  3  dimensions  to  account  for  width 
effects.  This  may  result  in  a  different  failure  stress  being  calculated  from 
the  experimentally  measured  failure  load. 


Moisture  Effects 

Eight  2.54-cm  (1.00  in.)  wide  elliptical  specimens  were  put  in  a  100% 
relative  humidity  environment  at  60  C  (140°  F)  for  a  period  of  3  months.  After 
statically  tested  to  failure  at  room  temperature,  the  specimens  were 
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weighted  regularly  during  desorption  and  this  data  indicated  that  1.7%  by 
weight  of  moisture  was  present  in  the  laminate  at  the  time  of  the  test.  The 
test  results  are  shown  in  figure  9^  on  which  the  data  and  cumulative 
distribution  function  from  figure  8  (dotted  line)  are  plotted  for  comparative 
purposes.  The  solid  line  is  the  cumulative  distribution  function  for  the 
moisture  conditioned  specimens,  with  a  Weibull  scale  parameter  of  107.9  Mpa 
(15.75  ksi)  and  a  shape  parameter  of  7.86.  The  mean  strength  is  101.5  Mpa 
(14.82  ksi)  and  the  coefficient  of  variation  is  15.4%.  As  can  be  seen, 
absorbed  moisture  has  the  effect  of  broadening  the  strength  distribution.  The 
load  displacement  plots  obtained  on  the  wet  laminate  revealed  initial  cracking 
beginning  at  about  60%  of  the  ultimate  failure  load,  followed  by  increases  in 
load  until  final,  complete  fracture  occurred.  Such  behavior  was  not  observed* 
for  the  dry  specimens . 


Fatigue  Testing 

Fatigue  data  at  RTD  conditions  was  obtained  on  seven  2.54-cm  (1.00  in.) 
wide  elliptical  specimens.  The  tests  were  conducted  at  R=0.1  and  a  frequency 
of  1  Hz.  The  stiffness  of  each  specimen  was  evaluated  every  100  load  cycles  to 
check  for  changes  in  compliance  that  could  indicate  crack  initiation  or  matrix 
degradation.  The  data  has  very  low  scatter,  as  seen  in  figure  10.  The  plot 
suggests  about  a  50%  reduction  in  fatigue  life  for  10^  cycles.  As  with  the  RTD 
static  tests,  the  fatigue  failures  occurred  catastrophically  with  no  stable 
crack  growth  observed  or  any  measured  increase  in  specimen  compliance  prior  to 
final  fracture.  Further  fatigue  testing  is  planned,  which  will  include  more 
frequent  measurements  of  stiffness  to  determine  if  compliance  increases  in  the 
few  cycles  before  catastrophic  delamination. 


DISCUSSION  AND  CONCLUSIONS 

Designers  of  composite  structures  must  be  aware  that  primary  fiber-carried 
loads  passing  through  regions  of  curvature  or  discontinuity  can  cause  small  but 
significant  secondary  stresses  which  have  a  tendency  to  delaminate  the 
component.  The  situation  is  complicated  by  the  fact  that  a  design  allowable 
for  interlaminar  tensile  stress  is  difficult  to  obtain  due  to  its  sensitivity 
to  processing  methods  and  flaw  types,  sizes,  and  locations.  Often  extensive 
coupon,  subscale,  and  full  scale  testing  must  be  performed  to  qualify  the 
specific  fiber/matrix  system  and  manufacturing  techniques  for  a  particular 
design.  This  paper  demonstrates  that  curved  beam  test  specimens  are  useful  for 
determining  interlaminar  tensile  stress  allowables  under  realistic 
manufacturing,  environmental,  and  loading  conditions.  A  database  can  be 
established  which  should  allow  the  designer  to  increase  the  safety  of  composite 
components  and  structures . 

An  analytical  study  was  undertaken  for  two  curved  beam  test  specimen 
configurations:  a  semi-circular  type  beam  and  an  elliptically  shaped  beam. 

The  theoretical  relationship  between  interlaminar  tensile  stress  (ILTS)  and 
applied  load  was  first  established.  Each  geometry  was  fabricated  using  very 
different  manufacturing  methods  and  tests  were  conducted  at  room  temperature 
conditions  to  determine  matrix  static  and  fatigue  strength  and  the  effects  of 
moisture  content.  The  tests  indicated  that  it  was  not  possible  to  achieve 
stable  crack  growth.  For  all  but  the  moisture  conditioned  specimens. 
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delaminations  occurred  suddenly  and  were  of  a  catastrophic  nature. 

It  was  found  that  the  scarfed  (necked  down)  version  of  the  semi-circular 
type  specimen  was  very  well  suited  to  obtaining  static  A-  and  B-allowables  for 
design.  The  mean  interlaminar  tensile  strength  obtained  was  99%  of  the  value 
published  for  the  in-plane  transverse  strength.  Additionally,  the  specimen 
proved  to  be  useful  for  evaluating  the  quality  of  the  manufacturing  method  and 
determining  the  effect  of  manufacturing  deficiencies  on  the  interlaminar 
tensile  strength.  The  data  supports  the  use  of  proof  testing  for  structural 
validation. 

It  was  found  that  the  elliptical  geometry  could  sustain  static  delamination 
stresses  of  up  to  199%  of  the  inplane  transverse  strength.  The  reason  for  this 
very  high  strength  warrants  further  examination.  The  fatigue  strength  of  the 
elliptical  specimens  decreased  by  approximately  50%  for  10^  cycles.  Static 
tests  conducted  on  moisture-conditioned  specimens  indicated  a  degradation  in 
mean  static  strength  and  increased  scatter. 

Further  investigations  are  focusing  on  the  development  of  a  fatigue 
methodology  for  matrix-dominated  failures  based  on  residual  static  strength 
(wearout) .  Experimental  measurements  of  the  actual  ILTS  at  the  free  edges  of 
the  test  section  will  be  performed  using  Moire  techniques.  Additional  tests 
are  planned  that  will  examine  the  effects  of  spectrum  loads  and  hostile 
environments.  It  appears  that  the  test  results  derived  from  curved  beam 
geometries  shall  continue  to  improve  the  fundamental  understanding  of 
interlaminar  tensile  strength. 
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Elliptical  specimen  configuration 


NASTRAN 
EQUATION  (1) 


Applied  Load  (lbs) 


Predicted  Peak  ILTS  vs  Applied  Load  for  the  elliptical  specimen 


NASTRAN  ILTS  contours  near  the  apex  (section  A-A)  for  the  elliptical  specimen 


4)  Photograph  of  a  failed  semi-circular  and  elliptical  specimen 
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INIHRLAMIN/W  TCNSOf  SIRENCm  (MPo) 


Cumulative  probability  of  failure  for  the  semi-circular  specimen  (unscarfed) 
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Cumulative  probability  of  failure  for  the  semi-circular  specimen  (scarfed) 
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8)  Cumulative  probability  of  failure  for  the  elliptical  specimen 
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9)  Cumulative  probability  of  failure  for  the  moisture  conditioned  elliptical  specimen 
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Introduction  -  The  ability  to  predict  stresses  and  failures  due  to  out 
of  plane  loads  has  gained  importance  as  airframe  manufacturers  begin  to 
use  integral  (cocured  or  bonded)  composite  structures  to  maximize 
performance  by  minimizing  weight.  Rapid  and  accurate  analysis  methods 
are  needed  to  reduce  the  amount  of  testing  required  to  ensure 
confidence  in  integral  composite  structures.  The  use  of  postbuckled 
composite  structures  will  make  these  analyses  even  more  important. 

While  three  dimensional  finite  element  methods  can  be  used  to  analyze 
such  structures,  they  require  too  much  time  for  preliminary  structural 
sizing . 

The  matrix  properties  of  today's  laminates  in  conjunction  with  cocured 
composite  construction  can  produce  delaminations  under  modest  levels  of 
out  of  plane  loads.  In  addition,  out  of  plane  loads  are  only  beginning 
to  be  considered  during  the  design,  development  testing,  and 
certification  phases  of  airframe  development. 

Under  a  joint  Navy/FAA  Contract  (Reference  1),  the  problems  resulting 
from  out  of  plane  loads  were  investigated,  and  ways  were  presented  for 
avoiding  failures  that  are  caused  by  these  loads.  A  literature  search 
and  a  survey  of  industry  contacts  were  used  to  identify  the  failure 
modes  and  their  causes.  Simple  two  dimensional  analysis  methods  were 
developed  to  predict  the  out  of  plane  failure  strengths  of  composite 
airframe  structures.  Element  test  data  were  used  to  verify  the 
analyses.  Application  of  these  methods  to  aircraft  structure  was 
demonstrated  by  predicting  the  ultimate  strength  of  the  McDonnell 
Aircraft  High  Strain  Wingbox  test  article.  The  methods  and  experience 
from  this  program  were  used  to  compile  a  set  of  design  guidelines  for 
designers  and  analysts. 

Review  of  Out  of  Plane  Structural  Failures  -  The  difficulties  inherent 
in  predicting  failures  precipitated  by  out  of  plane  loads  are 
demonstrated  in  a  number  of  recent  test  failures  of  composite 
structures.  A  literature  search  and  a  survey  of  industry  contacts 
revealed  several  examples  of  these  failures:  the  Lockheed  L-1011 
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composi'te  vertical  fin,  test  articles  from  the  Northrop  Composite 
Wing/Fuselage  Program,  the  MCAIR  AV-8B  rudder,  the  Northrop  F-20 
horizontal  stabilizer,  and  the  Messerschmitt /Grumman  Composite  Panel 
Repair  Program  demonstration  component. 

Failures  due  to  out  of  plane  stresses  were  also  encountered  during 
development  tests  of  the  MCAIR  AV-8B  horizontal  stabilizer.  This 
stabilizer  consists  of  an  all  carbon/epoxy  torque  box  with  separate 
leading  edge,  trailing  edge,  and  tip  components.  Several  possible 
failures  resulting  from  out  of  plane  loads  induced  by  buckling  were 
identified  for  the  torque  box,  as  shown  in  Figure  1.  A  combination  of 
out  of  plane  loads  and  moments  caused  failures  of  both  the  upper  and 
lower  covers  of  the  torque  box.  Failure  of  the  upper  panel  of  the 
torque  box,  in  excess  of  150%  design  limit  load,  was  attributed  to  a 
combination  of  out  of  plane  loads  and  moments,  caused  by  buckling,  that 
caused  fasteners  to  pull  through  the  carbon/epoxy  closure  spar. 

The  review  of  out  of  plane  structural  failures  identified  several 
failures  and  their  causes.  These  failures  are  a  result  of  high 
interlaminar  tensile  and  shear  stresses  relative  to  low  interlaminar 
strengths.  These  high  out  of  plane  stresses  and  subsequent  failures 
result  either  directly  from  the  application  of  out  of  plane  loads  or 
indirectly  as  a  result  of  laminate  geometry  under  in  plane  loads. 
Examples  of  these  loadings  are 

-  indirect  stresses  in  laminate  corner  radii 

-  indirect  stresses  due  to  thickness  changes 

-  indirect  stresses  due  to  panel  buckling  deformations 

-  direct  stresses  due  to  fuel  pressure  loads 

-  indirect  stresses  due  to  irregular  load  paths 


These  potential  loading  situations  must  be  examined  when  designing, 
analyzing,  and  certifying  composite  structures. 

Analysis  Development  and  Verification  -  In  Reference  1,  methods  were 
developed  to  minimize  the  stresses  identified  above.  While  these 
techniques  can  be  used  to  address  a  great  variety  of  out  of  plane 
loading  conditions,  they  were  primarily  derived  to  address  the  failure 
sources  sximmarized  in  Figure  2. 

The  Curved  Laminate  Analysis  (CLA)  is  a  mechanics  of  materials 
formulation  that  can  be  used  to  predict  the  interlaminar  stresses  in 
laminate  corner  radii.  Previous  curved  laminate  analyses  were  based 
only  on  the  effects  of  pure  bending.  CLA  extends  this  capability  to 
include  the  effects  of  applied  axial,  shear,  and  pressure  loads. 

In  CLA  it  is  assumed  that  the  curved  laminate  exhibits  linear  elastic 
behavior,  and  plane  sections  remain  plane.  Equillbrixim  conditions  for 
an  angular  differential  element  were  used  to  determine  the  stress  state 
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Figure  1.  Possible  Postbuckling  Related  Out-of-Plane 
Failure  Modes  in  AV-8B  Torque  Box 
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of  the  curved  laminate.  CLA  loads  are  defined  at  the  center  of 
curvature,  as  shown  in  Figure  3.  Stresses  are  then  computed  at  several 
user-specified  angular  positions  to  find  the  location  that  provides  the 
critical  stress  combination  at  each  ply  interface.  The  Tsai-Hill 
failure  criterion  (Reference  2)  is  used  to  determine  this  critical 
combination  of  radial  and  shear  stresses. 

The  Curved  Laminate  Analysis  was  evaluated  and  verified  by  analyzing 
carbon/bismaleimide  (C/BMI)  angle  specimen  test  data.  The  test 
specimens  were  manufactured  with  a  variety  of  radii  and  laminate 
thicknesses  and  tested  to  failure  under  four  different  environmental 
conditions.  Comparisons  of  the  predicted  and  actual  failure  loads  are 
shown  in  Figure  4. 

A  fracture  mechanics  approach  (Reference  3)  for  predicting  the 
initiation  and  propagation  of  a  delamination  in  front  of  a  ply  drop  off 
was  used  to  conclude  that  gradual  changes  in  laminate  thickness  and 
stiffness  generally  do  not  initiate  delamination  growth.  Therefore, 
out  of  plane  loads  due  to  thickness  changes  can  be  minimized  and 
controlled  by  using  established  ply  drop  off  design  procedures.  These 
design  procedures  are  discussed  in  more  detail  in  the  Design  Guidelines 
section  of  this  paper. 

Stresses  in  integral  composite  joints  due  to  direct  loads  (e.g.  fuel 
pressure)  or  due  to  indirect  loads  (induced  by  out  of  plane 
deformations  of  buckled  panels)  can  be  predicted  using  the  Interfacial 
Stress  Field  Model  (ISFM).  This  mechanics  of  materials  method  models 
the  stiffener  flange  and  the  skin  as  beams,  with  the  cocured  or 
adhesively  bonded  joint  acting  as  a  common  elastic  foundation,  as  shown 
in  Figure  5.  A  set  of  eight  boundary  conditions  coupled  with  the 
governing  differential  equations  of  equilibrium  establishes  a  system  of 
eight  linearly  independent  equations  that  are  solved  simultaneously. 
This  provides  the  coefficients  that  describe  the  skin  and  flange 
deflections.  The  interfacial  normal  stress  state  is  determined  by  the 
difference  of  the  deflections  of  the  skin  and  flange  at  any  point  along 
the  interface.  A  shear  lag  analysis  is  used  to  predict  the  interfacial 
shear  stress  state  caused  by  differences  in  the  skin  and  flange 
membrane  loads.  The  Tsai-Hill  failure  criterion  is  used  to  couple  both 
the  interfacial  normal  and  shear  stresses  and  provide  the  strength 
prediction. 

ISFM  was  formulated  to  analyze  the  direct  and  indirect  load  cases 
separately  by  assuming  two  sets  of  boundary  conditions.  A  shear  load 
and  moment  can  be  applied  to  the  stiffener  flange  for  the  direct  load 
case.  The  buckle  deflection  needs  to  be  specified  for  the  indirect 
load  case. 

The  ISFM  method  was  verified  for  both  load  cases  by  correlating  the 
strength  predictions  with  test  results.  Postbuckling  tests  of  flat 
composite  panels  (Reference  4)  were  used  to  verify  the  indirect  load 
case.  Figure  6  shows  the  correlation  between  the  predicted  and  test 
separation  loads  for  a  range  of  combined  axial  and  shear  load  cases. 

The  WEB  Stiffener  Termination  (WEBSTER)  model  offers  a  more  general 
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Figure  3.  Curved  Laminate  Analysis  Geometry 
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Figure  4.  Curved  Laminate  Analysis  Verification 
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method  to  assess  the  strength  of  integral  composite  joints  subjected  to 
direct  loads  or  indirect  loads  caused  by  panel  buckling.  WEBSTER  can 
also  be  used  to  predict  stresses  in  composite  structures  at  discontinu¬ 
ities  in  the  geometry,  such  as  the  termination  of  a  stiffener  or  other 
reinforcement.  Figure  7  illustrates  the  application  of  the  WEBSTER. 

In  the  WEBSTER  method  the  stiffener  flanp  and  the  adjacent  structure 
(skin)  are  modeled  as  separate  orthotropic  plates  that  are  bonded 
together  with  a  bondline  of  zero  thickness.  The  problem  is  formulated 
as  a  generalized  plane  deformation  problem.  Boundary  stresses  are 
applied  to  the  local  region  to  determine  the  constants  that  describe 
the  stress  components.  The  failure  function  is  calculated  by  averaging 
the  normal  and  shear  stresses  over  a  characteristic  distance  and 
applying  these  values  to  the  Tsai-Hill  failure  criterion. 

The  stiffener  runout  capabilities  of  WEBSTER  were  validated  using 
compression  panel  data.  Three  specimen  configurations  were  tested  to 
determine  the  effects  of  varying  the  type  of  stiffener  runout.  The 
results  of  this  correlation  are  shown  in  Figure  8.  Because  the  Tsai- 
Hill  type  failure  function  is  proportional  to  the  square  of  the  applied 
load,  the  error  in  the  failure  function,  shown  in  Figure  8,  is  consid¬ 
erably  greater  than  the  actual  error  in  the  predicted  failure  load. 

An  important  point  to  make  is  that  the  applicability  of  each  analysis 
method  is  dependent  on  the  accuracy  of  the  assumed  boundary  conditions 
to  the  structure  being  modeled.  Figure  9  sximmarizes  the  boundary 
conditions  assximed  for  both  the  ISFM  and  the  WEBSTER  analyses. 

Methodology  Demonstration  -  These  analyses  were  used  to  predict  the 
ultimate  strength  of  the  McDonnell  Aircraft  High  Strain  Wingbox  as  a 
demonstration  of  the  applicability  of  the  techniques  to  aircraft 
structural  analysis.  This  structure  was  a  full  scale  integral 
composite  wingbox,  representing  that  of  a  next  generation  fighter 
structure  (Figure  10).  Innovative  concepts  such  as  integral  stiffening 
and  postbuckling  were  employed  to  reduce  weight  and  to  demonstrate 
durability  and  low  velocity  impact  damage  tolerance. 

An  extensive  test  program  was  conducted  to  validate  the  High  Strain 
Wingbox.  Figure  11  sximmarizes  the  durability,  damage  tolerance,  and 
residual  strength  phases  of  the  test  program.  Internal  fuel  pressure 
and  four  point  bending  loads  were  combined  in  both  static  and  fatigue 
tests.  Initial  static  strain  surveys  were  conducted  to  measure  load 
redistribution  due  to  skin  buckling  and  damage  growth.  The  durability 
portion  of  the  test  program  consisted  of  internal  fuel  pressure  loads 
and  16000  spectr\am  fatigue  hours  (SFH)  of  bending  loads.  Nonvisible 
impact  damage  and  a  simulated  battle  damage  repair  caused  very  little 
degradation  of  structural  response,  even  after  an  additional  8000  SFH, 
for  the  damage  tolerance  phase.  The  residual  strength  phase  of  the 
test  program  consisted  of  ultimate  bending  loads  and  wing  tank 
pressures  for  a  symmetrical  pull  up  (SPU)  maneuver  and  a  rolling  pull 
out  (RPO)  maneuver.  Failure  occurred  during  the  RPO  condition  at  the 
design  ultimate  load,  when  the  compression  cover  failed 
catastrophically.  Top  and  side  views  of  the  failure  are  depicted  in 
Figure  12. 
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Figure  8.  Compression  Hat  Stiffener  Runout  Specimen  Failure  Correlation 
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Figure  9.  Summary  of  Boundary  Conditions  of  Skin/Stiffener  Joint  Analyses 


Figure  9.  Summary  of  Boundary  Conditions  of  Skin/Stiffener  Joint  Analyses 
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Figure  10.  MCAIR  High  Strain  Wingbox  Concept 
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Figure  11.  Test  Program  for  the  High  Strain  Wingbox 
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Figure  12.  High  Strain  Wingbox  Failure 


The  MCAIR  High  Strain  Wingbox  was  subjected  to  an  extensive  structural 
analysis  as  part  of  the  methodology  demonstration.  The  purpose  of  this 
analysis  was  to  demonstrate  that  the  out  of  plane  methods  previously 
described  could  have  been  used  to  predict  the  failure  of  the  wingbox, 
had  they  been  available.  These  methods  could  also  have  been  used  to 
improve  designs  to  provide  substantially  higher  strengths. 

The  analysis  of  the  wingbox  was  focused  on  the  spar  to  skin  attach¬ 
ments,  since  the  spars  provide  the  reaction  for  the  skin  pressure  loads 
and  support  for  postbuckled  skins.  Failure  progression  in  the  wingbox 
is  depicted  in  Figure  13.  The  ISFM  method  was  used  to  predict  that  the 
spar  cap  to  web.  joint  would  delaminate  at  internal  fuel  pressures 
greater  than  10.3  psig.  During  the  durability  phase  of  the  test 
program,  a  maximum  of  12  psig  fuel  pressure  was  applied.  Therefore, 
fuel  pressure  is  predicted  to  cause  a  delamination  in  the  spar  cap. 

This  delamination  changed  the  support  of  the  skin,  exchanging  a  stiff 
support  (the  spar  web)  for  a  weaker  elastic  foundation  (the  delaminated 
wrapped  plies).  The  reduced  stiffness  of  this  joint  led  to  catastroph¬ 
ic  failure  of  the  compression  cover  under  wingbox  bending  loads.  The 
predicted  failure  load  with  delaminated  spar  caps  was  97.3%  of  that 
measured  in  test.  These  analyses  show  that  the  box  strength  was 
limited  by  the  early  failure  of  the  spar  caps.  The  box  was  predicted 
to  take  at  least  50%  more  load  without  failure  if  the  spar  joint  does 
not  delaminate. 

The  methodology  demonstration  was  completed  by  defining  an  improved 
spar  cap  to  web  joint  design.  Figure  14  shows  the  design  and  the 
predicted  fuel  pressure  at  failure  for  three  of  these  joints.  The 
design  of  the  joint  used  in  the  High  Strain  Wingbox  (Figure  14a) 
mandated  that  the  pressure  load  reactions  be  transferred  from  the  upper 
skin  to  the  spar  webs  through  both  the  web  plies  that  wrap  into  the 
cap,  and  the  web  plies  that  butt  against  the  cap.  MCAIR  test  data 
indicates  that  the  strength  of  butt  joints  is  very  low,  making  them 
undesirable.  Analysis  shows  that  wrapped  plies  transfer  the  pressure 
reaction  loads  more  effectively.  A  subsequent  wingbox,  the  MCAIR  Hat 
Stiffened  Wingbox,  featured  a  spar  cap  design  with  fewer  plies  in  the 
butt  joint,  and  more  wrapped  plies  (Figure  14b).  This  joint  is 
predicted  to  fail  at  15.1  psig  fuel  pressure.  The  third  configuration 
(Figure  14c)  represents  a  spar  cap  design  that  features  all  the  web 
plies  wrapped  into  the  spar  cap.  This  joint  is  strongest  and  is 
predicted  to  fail  at  20.3  psig  fuel  pressure. 

The  High  Strain  Wingbox  was  reanalyzed  using  CLA,  replacing  the 
existing  spar  cap  design  with  the  alternate  design  shown  in  Figure  14c. 
The  redesigned  spars,  and  the  subsequent  lack  of  delaminations  in  the 
spar  caps,  significantly  affect  the  behavior  of  the  wingbox.  The  spar 
caps  maintain  the  stiff  support  provided  by  the  spar  webs,  instead  of 
the  flexible  support  provided  by  the  delaminated  spar  flange.  The 
compressive  strength  and  moment  carrying  capability  of  the  spar 
cap/upper  skin  region  is  greatly  improved  for  the  redesigned  wingbox. 
The  predicted  load  at  failure  was  determined  to  exceed  the  RPO  maneuver 
ultimate  load  by  more  than  50%  when  subjected  to  the  same  loading 
conditions . 
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Figure  13.  Failure  Progression  of  the  High  Strain  Wingbox 


a.  MCAIR  High  Strain  Wingbox 
Spar  Cap  Design 
(Failure  Pressure:  10.3  psig) 


b.  MCAIR  Hat  Stiflened  Wingbox 
Spar  Cap  Design 
(Failure  Pressure:  15.1  psig) 


c.  Alternate  Spar  Cap  Design 
(Failure  Pressure:  20.3  psig) 
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Figure  14.  Spar  Cap  Designs 
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Design  modifications  accounting  for  out  of  plane  loads  using  the 
techni(]ues  developed  in  this  program  would  have  significantly  increased 
the  failure  load  of  the  MCAIR  High  Strain  Wingbox.  These  analysis 
techni<]ues  can  be  used  in  the  future  to  provide  stronger  integrally 
stiffened  composite  structures. 

Design  Guidelines-  These  methods  and  the  experience  gained  in  this 
program  provide  valuable  information  for  the  designer/analyst  to  reduce 
the  risk  of  out  of  plane  failures  of  composite  parts.  The  potential 
for  failures  due  to  out  of  plane  stresses  can  be  minimized  through 
proper  design,  analysis,  and  test  verification.  The  design  guidelines 
given  in  Figure  15  will  help  to  further  reduce  this  potential  for 
failure . 

As  stated  previously,  out  of  plane  loads  caused  by  thickness  changes 
can  be  minimized  by  using  established  ply  drop  off  design  procedures. 
These  have  been  based  on  many  years  of  experience  at  both  MCAIR  and 
Northrop,  as  well  as  other  aircraft  companies.  The  procedures  listed 
in  Figure  16  have  been  proven  to  produce  durable  thickness  variation  in 
composite  structures. 

Element  test  data  are  required  to  validate  the  out  of  plane  analysis 
methods  and  to  provide  data  for  the  determination  of  stress  allowables. 
Two  small  elements  and  one  small  subcomponent  are  recommended  for  this 
purpose,  and  are  summarized  in  Figure  17.  The  curved  laminate  test 
specimen  (Figure  17a)  is  similar  to  those  analyzed  for  verification  of 
the  CLA  method.  This  test  is  recommended  for  aircraft  design 
development  programs  whenever  curved  laminates  are  used  as  primary  load 
paths.  The  laminate  layup,  thickness,  and  radius  at  the  corner  of  the 
specimen  should  be  designed  to  satisfy  the  range  of  design  applications 
of  the  specific  structure.  The  test  environment  should  simulate  the 
service  environment  of  the  actual  structure.  A  minimum  of  five 
specimens  should  be  tested  for  each  specimen  configuration  and 
environment . 

The  stiffener  pull  off  specimen,  shown  in  Figure  17b,  is  recommended 
for  future  tests  to  verify  skin/stiffener  separation  strength.  This 
configuration  is  suggested  for  determining  the  pull  off  strength  using 
a  failure  mode  induced  by  the  buckle  shape  of  the  skin,  rather  than 
direct  pull  off  as  has  been  performed  previously.  The  length  and 
loading  conditions  of  the  specimen  are  selected  to  match  the  wavelength 
of  the  skin  buckle  as  closely  as  possible.  Previous  tests  that  use 
transversely  cut  sections  of  the  stiffener  and  skin  section  produce 
considerable  transverse  skin  bending.  This  large  bending  moment  at  the 
skin/stiffener  joint  is  not  representative  of  the  local  loads  in  actual 
postbuckled  panels. 

The  stiffener  runout  specimen  is  shown  schematically  in  Figure  17c. 

The  purpose  of  this  test  is  to  evaluate  designs  that  attempt  to  reduce 
interfacial  stresses  and  to  avoid  out  of  plane  failures.  This  test  is 
used  to  verify  the  design  and  WEBSTER  predictions.  Tests  should 
include  a  sufficient  range  of  termination  angles  (a)  to  optimize  the 
structural  design.  Design  features  being  considered  for  application  to 


276 


•  Avoid  sudden  load  path  changes  within  a  structure. 

•  Avoid  sudden  stiffness  changes.  Design  stiffener  runouts  so 
that  bending  stiffness  is  continuously  runout  into  the  skin. 

•  If  out  of  piane  loads  cannot  be  reduced  to  acceptabie  leveis, 
an  arrestment  mechanism  for  Interfacial  failures  (fasteners 
or  stitching)  should  be  provided. 

•  Follow  ply  drop  off  procedures  in  thickness  variations  (Figure  16). 

•  Avoid  sharp  corners  (R  <  2t)  to  reduce  Interlaminar  stresses. 

•  Avoid  differences  in  attachment  stiffnesses  greater  than  a 
factor  of  2  in  joints. 

•  Increase  skin  thicknesses  by  adding  soft  plies  near 
discontinuities. 

•  Optimize  skin  to  stiffener  stiffness  ratio  in  postbuckled  panels 
to  reduce  pull  off  loads. 
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Figure  15.  Recommended  Design  Guidelines 


•  Maintain  symmetry  about  laminate  mid-plane  in  all  constant  thickness  areas  whenever  possible 

•  Maintain  d/t  >  20  in  primary  load  direction  and  d/t  >  10  in  secondary  load  direction 

•  Maintain  continuous  piles  on  both  inner  and  outer  moldline  surfaces 

•  Maintain  ply  combination  or  45®  cloth  ply  at  inner  and  outer  moldline  surfaces 

•  Stack  +45®  and  -45®  plies  adjacent  to  each  other  whenever  possible 

•  Stack  90®  piles  adjacent  to  +45®/-45®  pairs  whenever  possible 

•  Avoid  stacking  multiple  0®  plies  together 

•  Avoid  dropping  a  0®  ply  when  adjacent  to  a  90®  ply 

•  Drop  off  Inner  plies  first 

•  Do  not  terminate  plies  at  fastener  patterns 
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Figure  16.  MCAIR/Northrop  Ply  Drop  Off  Design  Procedures 


c.  stiffener  Runout  Test  Configuration 


Figure  17.  Recommended  Test  Configuration 
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structure  must  be  examined  in  the  design  development  testing.  One  such 
option  is  to  place  "chicken  rivets"  (mechanical  fasteners  that  provide 
a  redundant  load  path  for  cocured  or  bonded  joints)  around  the 
termination  region  such  that  an  out  of  plane  failure  can  be  arrested. 
Other  options  include  stitching  the  stiffener  flanges  to  the  skin, 
scarfing  (tapering  the  stiffener  termination)  and  increasing  the  skin 
thickness  near  the  termination  site.  Design  features  like  these  must 
be  included  in  the  test  article. 

Summary  -  Simple  two  dimensional  analysis  techniques  were  developed  to 
aid  in  the  design  of  strong  joints  for  integrally  stiffened/bonded 
composite  structures  subjected  to  out  of  plane  loads.  It  was  found 
that  most  out  of  plane  failures  were  due  to  induced  stresses  arising 
from  rapid  changes  in  load  path  direction  or  geometry,  induced  stresses 
due  to  changes  in  geometry  caused  by  buckling,  or  direct  stresses 
produced  by  fuel  pressure  or  bearing  loads.  While  the  analysis 
techniques  were  developed  to  address  a  great  variety  of  out  of  plane 
loading  conditions,  they  were  primarily  derived  to  address  the 
conditions  described  above. 

The  methods  were  developed  and  verified  using  existing  element  test 
data.  The  methods  were  demonstrated  using  the  data  from  a  test  failure 
of  a  high  strain  wingbox  that  was  designed,  built,  and  tested  under  a 
previous  program.  Subsequently,  a  set  of  design  guidelines  were 
assembled  to  assist  in  the  design  of  safe,  strong  integral  composite 
structures  using  the  analysis  techniques  developed. 
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Abstract 

Research  activities  in  global/local  stress  analysis  are  described  including  both  two- 
and  three-dimensional  analysis  methods.  These  methods  are  being  developed  within  a 
common  structural  analysis  framework.  Representative  structural  analysis  problems  are 
presented  to  demonstrate  the  global/local  methodologies  being  developed. 

Introduction 

Discontinuities  and  eccentricities,  which  are  common  in  practical  structures,  increase 
the  difficulty  of  accurately  predicting  detailed  local  stress  distributions,  especially  when 
the  component  is  built  of  a  composite  material,  such  as  a  graphite-epoxy  material.  The 
use  of  composite  materials  in  the  design  of  aircraft  structures  introduces  added  complexity 
due  to  the  nature  of  the  material  systems  and  complexity  of  the  failure  modes.  The  de¬ 
sign  and  certification  process  for  aerospace  structures  requires  an  accurate  stress  analysis 
capability.  Detailed  stress  analyses  of  complex  aircraft  structures  and  their  subcompo¬ 
nents  are  required,  and  these  analyses  can  severely  tax  even  today’s  computing  resources. 
Embedding  detailed  “local”  finite  element  models  within  a  single  “global”  finite  element 
model  of  an  entire  airframe  structure  is  usually  impractical  due  to  the  computational  cost 
associated  with  the  large  number  of  degrees  of  freedom  required  for  such  a  detailed  global 
model.  If  the  design  load  envelope  of  the  structural  component  is  extended,  new  regions 
of  the  component  may  be  discovered  with  high  stress  gradients.  In  that  case,  the  entire 
analysis  with  embedded  local  refinements  may  have  to  be  repeated  with  a  new  model. 
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The  phrase  global/local  analysis  has  a  myriad  of  definitions  among  analysts  {e.g.,  refs. 
[1,2]).  The  concept  of  global  and  local  may  change  with  every  analysis  level,  and  also  from 
one  analyst  to  another.  An  analyst  may  consider  the  entire  aircraft  structure  to  be  the 
global  model  and  a  fuselage  section  to  be  the  local  model.  At  another  level,  the  fuselage 
or  wing  is  the  global  model,  and  a  stiffened  panel  is  the  local  model.  Laminate  theory  is 
used  by  some  analysts  to  represent  the  global  model,  and  micromechanics  models  are  used 
for  the  local  model.  The  global/local  stress  analysis  methodology,  herein,  is  defined  as 
a  procedure  to  determine  local,  detailed  stress  states  for  specific  structural  regions  using 
information  obtained  from  an  independent  global  stress  analysis.  A  separate  refined  local 
model  is  used  for  the  detailed  analysis. 

Existing  global/local  methods  generally  require  that  the  analyst  know  where  the  crit¬ 
ical  region  is  located  before  performing  the  global  analysis  (see  refs.  [3-12]).  However, 
a  global/local  methodology  which  does  not  require  a  priori  knowledge  of  the  location  of 
the  local  region(s)  requiring  special  modeling  could  offer  advantages  in  many  situations  by 
providing  the  modeling  flexibility  required  to  address  detailed  local  models  as  their  need 

is  identified. 

Within  NASA  Langley’s  Computational  Structural  Mechanics  or  CSM  activity  (see 
ref.  [13]),  methodology  is  being  developed  for  both  two-dimensional  and  three-dimensional 
global/local  stress  analysis  procedures.  The  two-dimensional  global/local  analysis  meth¬ 
ods  are  being  developed  at  Langley  (see  ref.  [14-15]),  and  the  three-dimensional  methods 
are  being  developed  at  Virginia  Polytechnic  Institute  and  State  University  under  NASA 
Grant  NAGl-675  (see  refs.  [16-18]).  The  overall  goal  of  these  CSM  activities  in  global/local 
stress  analysis  is  to  develop  a  computational  strategy  for  obtaining  detailed  stress  states 
of  composite  structures.  The  objectives  of  this  research  include  developing  methodology 
for  performing  global/local  stress  analysis  of  composite  structures,  developing  criteria  for 
defining  the  global/local  interface  regions  and  local  modeling  requirements,  and  demon¬ 
strating  the  computational  strategy  on  representative  structural  analysis  problems.  The 
paper  concludes  by  identifying  global/local  methods  research  directions. 

Global/Local  Methodology 

Global/local  stress  analysis  methodology  is  defined  as  a  procedure  to  determine  local, 
detailed  stress  states  for  specific  structural  regions  using  information  obtained  from  an 
independent  global  stress  analysis.  The  local  model  refers  to  any  structural  subregion 
within  the  defined  global  model.  The  global  stress  analysis  is  performed  independent  of  the 
local  stress  analysis.  The  interpolation  region  encompassing  the  critical  region  is  specified. 
A  surface  spline  interpolation  function  is  evaluated  at  every  point  in  the  interpolation 
region  yielding  a  spline  matrix  and  vector  of  unknown  coefficients.  The  global  field  is 
used  to  compute  the  unknown  coefficients.  An  independent,  more  refined  local  model 
is  generated  within  the  previously  defined  interpolation  region.  The  global  displacement 
field  is  interpolated  producing  a  local  displacement  field  which  is  applied  as  a  boundary 
condition”  along  the  boundaries  of  the  local  model.  Then,  a  complete  local  finite  element 
analysis  is  performed  which  may  be  either  two-  or  three-dimensional. 
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The  development  of  a  global/local  stress  analysis  capability  for  structures  generally 
involves  four  key  components.  The  first  component  is  an  “adequate”  global  analysis.  In  this 
context,  “adequate”  implies  that  the  global  structural  behavior  is  accurately  determined 
and  that  local  structural  details  are  at  least  grossly  incorporated.  The  second  component 
is  a  strategy  for  identifying,  in  the  global  model,  regions  requiring  further  study.  The  third 
component  is  a  procedure  for  defining  the  “boundary  conditions”  along  the  global/local 
interface  boundary.  Finally,  the  fourth  component  is  an  “adequate”  local  analysis.  In  this 
context,  “adequate”  implies  that  the  local  detailed  stress  state  is  accurately  determined 
and  that  compatibility  requirements  along  the  global/local  interface  are  satisfied.  The 
development  of  a  global/local  stress  analysis  methodology  requires  an  understanding  of 
each  key  component  and  insight  into  its  interaction. 

In  practice,  the  global  analysis  model  is  “adequate”  for  the  specified  design  load  cases. 
However,  these  load  cases  frequently  change  in  order  to  extend  the  operating  envelope  of 
the  structure  or  to  account  for  previously  unknown  effects.  In  these  incidents,  the  global 
analysis  may  identify  new  critical  areas  or  “hot  spots”  that  require  further  study.  The 
methodology  presented  herein  provides  an  analysis  tool  for  these  local  analyses. 

Terminology 

The  terminology  of  the  global/local  methodology  presented  herein  is  depicted  in  figure 
1  to  illustrate  the  components  of  the  analysis  procedure.  The  global  model,  figure  la, 
is  a  finite  element  model  of  an  entire  structure  or  a  subcomponent  of  a  structure.  A 
region  requiring  a  more  detailed  interrogation  is  subsequently  identified  by  the  structural 
analyst.  This  region  may  be  obvious,  such  as  a  region  around  a  cutout  in  a  panel,  or  not  so 
obvious,  such  as  a  local  buckled  region  of  a  curved  panel  loaded  in  compression.  Because 
the  locations  of  these  regions  are  usually  unknown  prior  to  performing  the  global  analysis, 
the  structural  analyst  must  develop  a  global  model  with  sufficient  detail  to  represent  the 
global  behavior  of  the  structure.  An  interpolation  region  is  then  identified  around  the 
critical  region  as  indicated  in  figure  lb.  The  interpolation  region  is  the  region  within 
which  the  generalized  displacement  solution  will  be  used  to  define  the  interpolation  matrix. 
An  interpolation  procedure  is  used  to  determine  the  generalized  displacements  used  to 
define  “boundary  conditions”  for  the  local  model.  For  two-dimensional  local  models,  these 
generalized  displacements  correspond  to  displacements  and  rotations  along  the  global/local 
interface  region.  For  three-dimensional  local  models,  these  generalized  displacements  are 
used  to  define  kinematically  consistent,  three-dimensional  fields  from  the  two-dimensional 
displacements  and  rotations.  The  global/local  interface  boundary,  indicated  in  figure  Ic, 
coincides  with  the  intersection  of  the  boundary  of  the  local  model  with  the  global  model. 
The  definition  of  the  interface  boundary  may  affect  the  accuracy  of  the  interpolation  and 
thus  the  local  stress  state.  The  local  model  lies  within  the  interpolation  region  as  shown 
in  figure  Ic  and  is  generally  more  refined  than  the  global  model  in  order  to  predict  more 
accurately  the  detailed  state  of  stress  in  the  critical  region.  However,  the  local  model  is 
independent  of  the  global  finite  element  model  as  indicated  in  figure  Id.  The  coordinates 
or  nodes  of  the  local  model  need  not  be  coincident  with  any  of  the  coordinates  or  nodes 
of  the  global  model. 

The  global/local  interpolation  procedure  consists  of  generating  a  matrix  based  on  the 
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global  solution  and  a  local  interpolated  field.  The  local  interpolated  field  is  that  field  which 
is  interpolated  from  the  global  analysis  and  is  valid  over  the  domain  of  the  local  model. 
Loccil  stress  analysis  involves  the  generation  of  the  local  finite  element  model,  use  of  the 
interpolated  field  to  impose  boundary  conditions  on  the  local  model,  and  the  detailed  stress 
analysis. 

Global  Modeling  and  Analysis 

The  development  of  a  global  finite  element  model  of  an  aerospace  structure  for  accurate 
stress  predictions  near  local  discontinuities  is  often  too  time  consuming  to  impact  the  design 
and  certification  process.  Predicting  the  global  structural  response  of  these  structures  often 
has  many  objectives  including  overall  structural  response,  stress  analysis,  and  determining 
internal  load  distributions.  Frequently,  structural  discontinuities  such  as  cutouts  are  only 
accounted  for  in  the  overall  sense.  Any  local  behavior  is  then  obtained  by  a  local  analysis, 
possibly  by  another  analyst.  The  load  distribution  for  the  local  region  is  obtained  from 
the  global  analysis.  The  local  model  is  then  used  to  obtain  the  structural  behavior  in 
the  specified  region.  For  example,  the  global  response  of  an  aircraft  wing  is  obtained  by  a 
coarse  finite  element  analysis.  A  typical  subcomponent  of  the  wing  is  a  stiffened  panel  with 
a  cutout.  Since  cutouts  are  known  to  produce  high  stress  gradients,  the  load  distributions 
from  the  global  analysis  of  the  wing  are  applied  to  the  stiffened  panel  to  obtain  the  local 
detailed  stress  state.  One  difficulty  in  modeling  cutouts  is  the  need  for  the  finite  element 
mesh  to  transition  from  a  circular  pattern  near  the  cutout  to  a  rectangular  pattern  away 
from  the  cutout.  This  transition  region  is  indicated  in  figure  2  and  wiU  be  referred  to 
as  a  transition  square  (i.e.,  a  square  region  around  the  cutout  used  to  transition  from 
rings  of  elements  to  a  rectangular  mesh).  This  transition  modeling  requirement  impacts 
both  the  region  near  the  cutout  and  the  region  away  from  the  cutout.  Near  the  cutout, 
quadrilateral  elements  may  be  skewed,  tapered,  and  perhaps  have  an  undesirable  aspect 
ratio.  In  addition,  as  the  mesh  near  the  cutout  is  refined  by  adding  radial  “spokes”  of 
nodes  and  “rings”  of  elements  (see  figure  2),  the  mesh  away  from  the  cutout  also  becomes 
refined.  For  example,  adding  radial  spokes  of  nodes  near  the  cutout  also  adds  nodes  and 
elements  in  the  shaded  regions  (see  figure  2)  away  from  the  cutout.  This  approach  may 
dramatically  increase  the  computational  requirements  necessary  to  obtain  the  detailed 
stress  state.  Alternate  mesh  generation  techniques  using  transition  zones  of  triangular 
elements  or  mtoltipoint  constraints  may  be  used;  however,  the  time  spent  by  the  structural 
analyst  will  increase  substantially. 

The  global  modeling  herein,  although  coarse,  is  sufficient  to  represent  the  global  struc¬ 
tural  behavior.  The  critical  regions  have  been  modeled  with  only  enough  detail  to  represent 
their  effect  on  the  global  solution.  This  modeling  step  is  one  of  the  key  components  of  the 
global/local  methodology  since  it  provides  an  “adequate”  global  analysis.  Although  the 
critical  regions  are  known  for  the  numerical  studies  discussed  in  a  subsequent  section,  this 
a  priori  knowledge  is  not  required  but  may  be  exploited  by  the  analyst. 

Local  Modeling  and  Analysis 

The  local  finite  element  modeling  and  analysis  is  performed  to  obtain  a  detailed  anal¬ 
ysis  of  the  local  structural  region(s).  The  local  model  accurately  represents  the  geometry 
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of  the  structure  necessary  to  provide  the  local  behavior  and  stress  state.  The  discretization 
requirements  for  the  analysis  are  governed  by  the  desired  accuracy  of  the  solution.  The 
discretization  of  the  local  model  is  influenced  by  its  proximity  to  a  high  stress  gradient. 

One  approach  for  obtaining  the  detailed  stress  state  is  to  model  the  local  region  with 
an  arbitrarily  large  number  of  finite  elements.  Higher-order  elements  may  be  used  to 
reduce  the  number  of  elements  required.  Detailed  refinement  is  much  more  advantageous 
for  use  in  the  two-  or  three-dimensional  local  model  than  in  the  global  model.  The  local 
refinement  affects  only  the  local  model,  unlike  embedding  the  same  refinement  in  the  global 
model  which  would  propagate  to  regions  not  requiring  such  a  level  of  detailed  refinement. 
A  second  approach  is  to  refine  the  model  based  on  engineering  judgment.  Mesh  grading, 
in  which  smaller  elements  are  used  near  the  gradient,  may  be  used.  An  error  measure  based 
on  the  change  in  stresses  from  element  to  element  may  be  used  to  determine  the  accuracy 
in  the  stress  state  obtained  by  the  initial  local  finite  element  mesh.  If  the  accuracy  of  the 
solution  is  not  satisfactory,  additional  refinements  are  required.  The  additional  refinements 
may  be  based  on  the  coarse  global  model  or  the  displacement  field  in  the  local  model  which 
suggests  a  third  approach.  The  third  approach  is  a  multi-level  global/local  analysis.  At 
the  second  local  model  level,  any  of  the  three  approaches  discussed  may  be  used  to  obtain 
the  desired  local  detailed  stress  state.  A  two-  or  three-dimensional  local  model  may  be 
used  at  this  level.  Detailed  refinement  is  used  for  local  modeling  in  the  studies  performed 
to  date. 

Global/Local  Interface  Boundary  Definition 

The  definition  of  the  global/local  interface  boundary  is  problem  dependent.  Herein, 
the  location  of  the  nodes  on  the  interface  boundary  need  not  be  coincident  with  any  of 
the  nodes  in  the  coarse  global  model.  The  distance  that  the  local  model  must  extend 
away  from  a  discontinuity  is  highly  dependent  upon  the  coarse  model  used  [7].  The  more 
accurate  the  coarse  model  displacement  field  is,  the  closer  the  local  model  boundary  may 
be  to  the  discontinuity.  This  conclusion  is  based  on  the  results  of  a  study  of  a  flat,  isotropic 
panel  with  a  central  cutout  subjected  to  uniform  tension,  and  extends  to  other  structures 
with  high  stress  gradients. 

Stresses  are  generally  obtained  from  a  displacement-based  finite  element  analysis  by 
differentiation  of  the  displacement  field.  For  problems  with  stress  gradients,  the  element 
stresses  vary  from  element  to  element,  and  in  some  cases  this  change.  Act,  may  be  substan¬ 
tial.  The  change  in  stresses,  A<t,  may  be  used  as  a  measure  of  the  adequacy  of  the  finite 
element  discretization.  Large  A<7  values  indicate  structural  regions  where  more  modeling 
refinement  is  needed.  Based  on  this  method,  structural  regions  with  small  values  of  A<t 
have  obtained  uniform  stress  states  away  from  any  gradients.  Therefore,  the  global/local 
interface  boundary  should  be  defined  in  regions  with  small  values  of  Aa  (I’.e.,  away  from 
a  stress  gradient).  Exploratory  studies  to  define  an  automated  procedure  for  selecting  the 
global/local  interface  boundary  for  two-dimensional  problems  have  been  performed  using 
the  strain  energy  per  unit  area  since  it  represents  a  combination  of  all  the  stress  compo¬ 
nents  instead  of  a  single  stress  component.  Regions  with  high  stress  gradients  will  also  have 
changes  in  this  measure  of  strain  energy  from  element  to  element.  For  three-dimensional 
problems,  the  interlaminar  stress  fields  are  of  interest;  however,  these  stresses  are  generally 
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excluded  from  the  global  two-dimensional  analysis.  Locating  the  global/local  interface  is 
then  more  difficult  and  currently  is  assessed  by  imposing  kinematically  consistent  displace¬ 
ments  from  the  two-dimensional  model  along  the  boundaries  of  the  local  three-dimensional 
model. 

Global/Local  Interpolation  Procedure 

The  global/local  analysis  method  is  used  to  determine  local,  detailed  stress  states 
using  independent,  refined  local  models  which  exploit  information  from  less  refined  global 
models.  A  two-dimensional  finite  element  analysis  of  the  global  structure  is  performed  to 
determine  its  overall  behavior.  A  critical  region  may  be  identified  from  the  results  of  the 
global  analysis.  The  global  solution  may  be  used  to  determine  an  applied  displacement 
field  along  the  boundary  (i.e.,  boundary  conditions)  of  an  independent  local  model  of  the 
critical  region.  This  step  is  one  of  the  key  components  of  the  global/local  methodology; 
namely,  interpolation  of  the  global  solution  to  determine  boundary  conditions  for  the  local 
model.  For  the  two-dimensional  analyses,  the  interpolation  is  performed  using  a  surface 
spline  approach  (see  refs.  [14,15]).  A  surface  spline  is  used  to  interpolate  a  function  of 
two  variables  and  removes  the  restriction  of  single  variable  schemes  which  require  a  rect¬ 
angular  array  of  grid  points.  The  derivation  of  the  surface  spline  interpolation  function 
used  herein  is  based  on  the  principle  of  minimum  potential  energy  for  linear  plate  bending 
theory.  This  approach  incorporates  a  classical  structural  mechanics  formulation  into  the 
spline  interpolation  procedure  in  a  general  sense.  Using  an  interpolation  function  which 
also  satisfies  the  linear  plate  bending  equation  provides  inherent  physical  significance  to  a 
numerical  analysis  technique.  The  spline  interpolation  is  used  to  interpolate  the  displace¬ 
ments  and  rotations  from  a  global  analysis  and  thereby  provides  a  functional  description 
of  each  field  over  the  domain.  The  fields  are  interpolated  separately  which  provides  a  con¬ 
sistent  basis  for  interpolating  global  solutions  based  on  a  plate  theory  with  shear  flexibility 
effects  incorporated.  That  is,  the  out— of— plane  deflections  and  the  bending  rotations  are 
interpolated  independently  rather  than  calculating  the  bending  rotations  by  differentiating 
the  interpolated  out-of-plane  deflection  field. 

The  procedure  for  interpolation  between  the  two-dimensional  global  finite  element 
analysis  and  the  three-dimensional  local  analysis  currently  relies  on  having  a  one-to-one 
in-plane  nodal  correspondence.  That  is,  the  local  models  are  created  by  simple  expansion 
of  the  global  grid  in  the  third  dimension.  For  finer  local  models  without  this  correspon¬ 
dence,  interpolation  functions  representing  the  response  of  the  global  model  along  the 
global/local  interface  can  be  used.  This  method  would  eliminate  the  need  to  predict  the  • 
three-dimensional  response  a  priori.  The  displacements  would  then  continue  to  be  applied 
in  a  kinematically  admissible  manner  in  the  third  dimension  along  the  interface.  Although 
this  approach  may  result  in  slightly  larger  local  models  so  that  the  three-dimensional  re¬ 
sponse  can  be  fully  developed,  the  potential  for  incorrect  assumptions  about  the  response 
has  been  eliminated. 


Computational  Strategy 

A  schematic  which  describes  the  overall  solution  strategy  is  shown  in  figure  3.  The 
computational  strategy  described  herein  is  implemented  through  the  use  of  the  Computa- 
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tional  Structural  Mechanics  (CSM)  Testbed  (see  refs.  [19-20]).  The  CSM  Testbed  is  used 
to  model  and  analyze  both  the  global  and  local  finite  element  models  of  a  structure.  Two 
computational  modules  or  processors  were  developed  to  perform  the  global/local  interpo¬ 
lation  procedure.  Processor  SPLN  evaluates  the  spline  coefficient  matrix.  Processor  INTS 
solves  for  the  interpolation  coefficients  and  performs  the  local  interpolation  to  obtain  the 
“boundary  conditions”  for  the  local  model.  Various  other  Testbed  processors  are  used 
in  the  stress  analysis  procedure.  The  overall  computational  strategy  for  the  global/local 
stress  analysis  methodology  is  controlled  by  a  high-level  procedure  written  using  the  com¬ 
mand  language  of  the  Testbed  (see  ref.  [21]).  The  command  language  provides  a  flexible 
tool  for  performing  computational  structural  mechanics  research. 

Numerical  Results 

The  effectiveness  of  the  computational  strategy  for  the  global/local  stress  analysis 
outlined  in  the  previous  sections  is  demonstrated  by  obtaining  the  detailed  stress  states 
for  a  blade-stiffened  graphite  epoxy  panel  with  a  discontinuous  stiffener  and  the  interlam¬ 
inar  stresses  of  a  cross-ply  composite  plate  with  a  hole.  The  first  problem  was  selected  to 
demonstrate  the  two-dimensional  global/local  analysis  capabilities  while  the  second  prob¬ 
lem  was  selected  to  demonstrate  the  three-dimensional  global/local  analysis  capabilities. 
The  objective  of  these  numerical  studies  is  to  demonstrate  the  global/local  stress  analysis 
methodology. 

AU  numerical  studies  were  performed  on  a  Convex  C220  minisupercomputer.  The 
computational  effort  of  each  analysis  is  quantified  by  the  number  of  degrees  of  freedom  used 
in  the  finite  element  model,  the  computational  time  required  to  perform  a  stress  analysis, 
and  the  amount  of  auxiliary  storage  required.  The  computational  time  is  measured  in 
central  processing  unit  (CPU)  time.  The  amount  of  auxiliary  storage  required  is  measured 
by  the  size  of  the  data  library  used  for  the  input/output  of  information  to  a  disk  during  a 
Testbed  execution. 

Composite  Blade— Stiffened  Panel  with  Discontinuous  Stiffener 

Recent  interest  in  applying  graphite-epoxy  materials  to  aircraft  primary  structures  has 
led  to  several  studies  of  postbuckling  behavior  and  failure  characteristics  of  graphite-epoxy 
components  {e.g.,  ref.  [22]).  One  goal  of  these  studies  has  been  the  accurate  prediction  of 
the  global  response  of  the  composite  structural  component  in  the  postbuckling  range.  In 
one  study  of  composite  stiffened  panels,  a  blade-stiffened  panel  was  tested  (see  ref.  [23]). 
This  composite  blade-stiffened  panel  was  proof-tested  and  used  as  a  “control  specimen”. 
The  panel  was  subsequently  used  in  a  study  of  discontinuities  in  composite  blade-stiffened 
panels.  The  global  structural  response  of  these  composite  blade-stiffened  panels  presented 
in  reference  [13]  correlate  well  with  the  earlier  experimented  data.  The  composite  blade- 
stiffened  panel  with  a  discontinuous  stiffener  shown  in  figure  4  is  representative  of  a  typical 
aircraft  structural  component  and  will  be  used  to  demonstrate  and  assess  the  global/local 
methodology.  This  problem  was  selected  because  it  has  characteristics  which  often  require 
a  global/local  analysis.  These  characteristics  include  a  discontinuity,  eccentric  loading, 
large  displacements,  large  stress  gradients,  high  inplane  loading,  and  a  brittle  material 
system.  This  problem  represents  a  generic  class  of  laminated  composite  structures  with 
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discontinuities  for  which  the  interlaminar  stress  state  becomes  important.  The  local  and 
global  finite  element  modeling  and  analysis  needed  to  predict  accurately  the  detailed  stress 
state  of  fiat  blade-stiffened  graphite-epoxy  panel  loaded  in  axial  compression  is  described 
in  this  section. 

The  overall  panel  length  L  is  30  in.,  the  overall  width  W  is  11.5  in.,  the  stiffener 
spacing  b  is  4.5  in.,  the  stiffener  height  h,  is  1.4  in.,  and  the  cutout  radius  ro  is  1  in.  The 
three  blade-shaped  stiffeners  are  identical.  The  loading  is  uniform  axial  compression.  The 
loaded  ends  of  the  panel  are  clamped  and  the  sides  are  free.  The  material  system  for  the 
panel  is  T300/5208  graphite-epoxy  unidirectional  tapes  with  a  nominal  ply  thickness  of 
0.0055  in.  Typical  lamina  properties  for  this  graphite-epoxy  system  are  19,000  ksi  for  the 
longitudinal  Young’s  modulus,  1,890  ksi  for  the  transverse  Young’s  modulus,  930  ksi  for 
the  shear  modulus,  and  0.38  for  the  major  Poisson’s  ratio.  The  panel  skin  is  a  25-ply 
laminate  ([±45/02/  T  45/03 /  ±  45/0$/  =F  45/O3/  ±  45/02 /  T  45])  and  the  blade  stiffeners 
are  24-ply  laminates  ([±45/02o/  ±  45]). 

End-shortening  results  are  shown  in  figure  5  for  the  “control  specimen”  and  for  the 
configuration  with  a  discontinuous  stiffener.  These  results  indicate  that  the  presence  of 
the  discontinuity  markedly  changes  the  structural  response  of  the  panel.  The  structural 
response  of  the  “control  specimen”  is  typical  of  stiffened  panels.  Two  equilibrium  config¬ 
urations  are  exhibited;  namely,  the  prebuckling  configuration  and  the  postbuckling  con¬ 
figuration.  The  structural  response  of  the  configuration  with  a  discontinuous  stiffener  is 
nonlinear  from  the  onset  of  loading  due  to  the  eccentric  load  path  associated  with  the 
discontinuous  stiffener  and  the  cutout.  The  blade— stiffened  panel  with  a  discontinuous 
stiffener  was  tested  to  failure.  Local  failures  occurred  prior  to  overall  panel  failure  as  is 
evident  from  the  end-shortening  results  shown  in  figure  5. 

Global  Analysis.  A  linear  global  stress  analysis  of  the  composite  blade-stiffened  panel 
with  a  discontinuous  stiffener  was  performed  for  an  applied  load  corresponding  to  P/ EA  of 
0.0008  (i.e.,  an  applied  compressive  load  P  of  19,280  pounds  normalized  by  the  extensions! 
stiffness  EA).  At  this  load  level,  the  structural  response  of  the  panel  is  essentially  linear. 
Out-of-plane  deflections  are  present,  however,  due  to  the  eccentric  load  path  caused  by  the 
discontinuous  stiffener.  Several  global  finite  element  models  are  considered  as  indicated 
in  Table  1  to  determine  a  converged  solution  for  comparison  purposes  since  a  theoretical 
solution  is  not  available.  The  value  of  the  longitudinal  stress  resultant  at  the  edge  of  the 
cutout  changed  less  than  2%  between  Models  G2  and  G4.  Therefore,  Model  Gl  will  be 
referred  to  as  the  “coarse”  global  model  (see  figure  6),  Model  G2  will  be  referred  to  as  the 
“refined”  global  model,  and  Model  G4  will  be  referred  to  as  the  “converged”  global  model. 

The  distribution  of  the  longitudinal  stress  resultant  Nx  normalized  by  the  average 
applied  running  load  {Nx)avg  (Le.,  applied  load  divided  by  the  panel  width)  as  a  function 
of  the  lateral  distance  from  the  center  of  the  panel  normalized  by  the  radius  of  the  cutout 
is  shown  in  figure  7  for  both  the  “coarse”  (Gl)  and  the  “refined”  (G2)  global  models. 
The  maximum  longitudinal  stress  resultants  {Nx)max  normalized  by  the  average  applied 
running  load  {Nx)avg  are  given  in  Table  1.  The  results  obtained  using  the  coarse  global 
model  adequately  represent  the  distribution  away  from  the  discontinuity  but  underestimate 
(by  24%)  the  stress  concentration  at  the  edge  of  the  discontinuity. 
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The  change  in  the  strain  energy  per  unit  area  within  the  transition  square  indicates 
that  a  high  stress  gradient  exists  near  the  discontinuity  and  rapidly  decays  away  from  the 
discontinuity.  These  results  are  consistent  with  the  structural  analyst’s  intuition,  and  the 
local  models  described  subsequently  will  further  interrogate  the  region  near  the  disconti¬ 
nuity.  For  this  load  level,  the  skin-stiffener  interface  region  has  not  yet  become  heavily 
loaded.  However,  this  region  will  also  be  studied  further  to  demonstrate  the  flexibility  of 
the  global /local  stress  analysis  procedure  presented  herein. 

Local  Analyses.  A  global/local  analysis  capability  provides  an  alternative  approach  to 
global  mesh  refinement  and  a  complete  solution  using  a  more  refined  mesh.  For  this  exam¬ 
ple,  one  “critical”  region  is  easily  identified  as  the  region  near  the  cutout  and  discontinuous 
stiffener.  A  second  critical  region  that  may  require  further  study  is  indicated  by  the  slight 
gradient  near  the  intersection  of  the  outer  blade-stiffeners  and  the  panel  skin  at  the  panel 
midlength.  Skin-stiffener  separation  has  been  identified  as  a  dominant  failure  mode  for 
stiffened  composite  panels  (see  ref.  [22]).  The  global  model,  the  interpolation  regions  and 
the  local  models  considered  are  shown  in  figure  8.  The  global  model  corresponds  to  the 
“coarse”  global  model  (Gl)  and  the  shaded  regions  correspond  to  the  interpolation  regions 
which  are  used  to  generate  the  spline  coefficient  matrix  and  to  extract  boundary  conditions 
for  the  local  model.  As  indicated  in  figure  8,  two  different  critical  regions  are  considered. 
One  region  is  near  the  discontinuity,  and  a  circular  local  model  is  used.  The  boundary  of 
the  circular  model  is  inscribed  in  the  transition  square.  That  is,  the  outer  radius  of  the 
circular  model  is  equal  to  half  the  length  of  a  side  of  the  transition  square.  The  other 
region  is  near  the  skin-stiffener  interface  region  at  the  panel  midlength  for  one  of  the  outer 
stiffeners.  The  global/local  interpolation  for  the  local  models  is  performed  from  the  data 
obtained  from  the  “coarse”  global  model  analysis.  Two  interpolation  regions  were  used  in 
each  of  the  local  analyses.  The  first  interpolation  region,  specified  in  the  plane  of  the  panel 
skin,  is  used  to  obtain  the  boundary  conditions  on  the  global/local  interface  boundary  of 
the  panel  skin.  The  second  interpolation  region,  specified  in  the  plane  of  the  stiffener, 
is  used  to  obtain  the  boundary  conditions  on  the  global/local  interface  boundary  of  the 
stiffener.  The  boundary  conditions  for  the  panel  skin  and  the  stiffener  were  interpolated 
separately.  Compatibility  of  displacements  and  rotations  at  the  skin-stiffener  intersection 
on  the  global /local  interface  boundaries  was  enforced  by  imposing  the  boundary  conditions 
obtained  for  the  panel  skin. 

The  local  model  (Model  LCl  in  Table  1)  of  the  first  critical  region  near  the  disconti¬ 
nuity  has  576  4-node  quadrilateral  shell  elements,  612  nodes,  and  3456  degrees  of  freedom. 
This  local  model  has  only  56%  of  the  elements  used  in  the  refined  global  analysis.  The  dis¬ 
tribution  of  the  longitudinal  stress  resultant  Nx  at  the  panel  midlength  normalized  by  the 
average  running  load  {Nx)avg  is  shown  in  figure  9  as  a  function  of  the  lateral  distance  from 
the  cutout  normalized  by  the  cutout  radius.  These  results  indicate  that  the  global/local 
analysis  based  on  the  coarse  global  solution  accurately  predicts  the  stress  concentration  at 
the  cutout  as  well  as  the  distribution  at  the  global/local  interface  boundary. 

The  second  critical  region  near  the  intersection  of  the  outer  blade-stiffener  and  the 
panel  skin  at  the  midlength  has  been  studied  in  greater  detail.  Three  different  local  finite 
element  models  of  this  critical  region  are  considered  as  indicated  in  Table  1.  The  first. 


Model  LRl,  has  the  same  number  of  nodes  (25)  and  number  of  elements  (16)  within  the 
critical  region  as  the  coarse  global  model  (Gl).  The  second,  Model  LR2,  has  the  same 
number  of  nodes  (45)  and  number  of  elements  (32)  within  the  critical  region  as  the  refined 
global  model  (G2).  The  third  and  most  refined  model,  Model  LR3,  has  117  nodes,  96 
elements  and  462  degrees  of  freedom.  The  longitudinal  stress  resultant  Nx  distributions 
obtained  for  the  local  models  (LRl  and  LR2)  correlate  well  with  the  Nx  distributions  for 
the  coarse  and  refined  global  models  (Models  Gl  and  G2).  However,  these  models  are  not 
sufficiently  refined  in  the  skin-stiffener  interface  region  to  accurately  predict  the  gradient 
at  the  skin-stiffener  intersection.  The  distribution  of  the  longitudinal  stress  resultant  Nx 
normalized  by  the  applied  running  load  as  a  function  of  the  lateral  distance  from  the  center 
of  the  panel  normalized  by  the  radius  of  the  cutout  is  shown  in  figure  10.  These  results 
indicate  that  the  global/local  analysis  using  the  local  model  Model  LR3  predicts  a  higher 
gradient  a,t  y/ro  =  —4.5  in  the  skin-stiffener  interface  region  than  the  other  global  and 
local  analyses.  A  third  global  model,  Model  G3,  is  used  to  investigate  the  local  structural 
behavior  predicted  by  Model  LR3.  The  global  analysis  performed  with  Model  G3  predicts 
the  same  local  behavior  as  the  analysis  performed  with  Model  LR3  as  indicated  in  figure 
10.  The  local  analysis  revealed  local  behavior  at  the  skin-stiffener  interface  region  that  was 
not  predicted  by  either  of  the  global  models.  In  addition,  the  global  modeling  requirement 
for  examining  the  skin-stiffener  interface  region  is  substantial.  Because  the  global  models 
were  generated  to  predict  the  stress  distribution  around  the  discontinuity,  additional  radial 
“spokes”  in  the  transition  square  are  required  to  refine  the  panel  skin  in  the  skin-stiffener 
interface  region  in  the  longitudinal  direction.  The  global/local  analysis  capability  provides 
the  analyst  with  the  added  modeling  flexibility  to  obtain  an  accurate  detailed  response  at 
multiple  critical  regions  (Le.,  at  the  discontinuity  and  at  the  skin-stiffener  interface  region) 
with  minimal  modeling  and  computational  effort. 

Computational  Requirements.  A  summary  of  the  computational  requirements  for  the 
global  and  local  analyses  of  the  graphite-epoxy  blade-stiffened  panel  with  the  discontin¬ 
uous  stiffener  is  given  in  Table  2.  The  computational  cost  in  CPU  seconds  of  the  local 
analyses  around  the  discontinuity  is  approximately  57%  of  the  CPU  time  of  the  refined 
global  analysis.  The  GSM  Testbed  data  libraries  for  the  local  analyses  are  half  of  the  size 
of  the  data  library  for  the  refined  global  analysis.  The  local  models  have  55%  and  16%  of 
the  total  number  of  degrees  of  freedom  required  for  the  refined  model  (G2)  and  converged 
global  model  (G4),  respectively.  The  CPU  time  for  the  refined  local  analysis  (LR3)  of  the 
skin-stiffener  interface  region  is  24%  of  the  CPU  time  required  for  the  global  analysis  with 
Model  G3.  The  size  of  the  data  library  for  the  local  analysis  is  5%  of  the  size  of  the  data 
library  required  for  the  analysis  with  Model  G3. 

Usage  Guidelines.  Usage  guidelines  for  the  two-dimensional  global/local  analysis  pro¬ 
cedure  described  herein  and  derived  from  the  global/local  analysis  of  the  blade-stiffened 
panel  with  a  discontinuous  stiffener  are  as  follows.  An  “adequate”  global  analysis  is  re¬ 
quired  to  ensure  a  sufficient  number  of  accurate  data  points  to  provide  accurate  “boundary 
conditions”  for  the  local  model.  When  the  global/local  interface  boundary,  Rl  is  within 
the  high  stress  gradient  (i.e.,  within  a  distance  of  two  times  the  cutout  radius  from  the 
cutout  edge),  the  importance  of  an  “adequate”  global  analysis  in  the  high  gradient  region 
is  increased.  The  interpolation  region  should  coincide  with  or  be  larger  than  the  local 
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model.  To  satisfy  the  compatibility  requirements  at  the  global/local  interface  boundary, 
the  local  model  boundary  Rl  should  be  defined  sufficiently  far  from  the  cutout  (i.e.,  a 
distance  of  approximately  six  times  the  radius  from  the  cutout).  For  the  blade-stiffened 
panel,  two  interpolation  regions  should  be  specified,  one  for  the  interpolation  of  the  bound¬ 
ary  conditions  on  the  boundary  of  the  panel  skin  and  a  second  for  the  interpolation  of  the 
boundary  conditions  on  the  outer  edges  of  the  stiffeners. 

Cross-Ply  Composite  Laminates  With  Holes 

Global/local  finite  element  analyses  of  a  laminated  composite  plate  with  a  hole  were 
presented  in  references  [16-18]  and  summarized  herein.  The  displacements  of  the 
global/local  interface  from  the  two-dimensional  global  model  are  applied  to  the  edges 
of  the  three-dimensional  local  model.  Three  different  hole  diameters,  one,  three,  and  six 
inches,  are  considered  in  order  to  compare  the  effect  of  hole  size  on  the  three-dimensional 
stress  state  around  the  hole.  All  laminates  are  0.1-inch  thick,  with  planar  dimensions  of  18 
by  12  inches,  and  loaded  by  uniform  uniaxial  compressive  displacement  of  the  ends.  Typi¬ 
cal  properties  for  this  T300/5208  graphite-epoxy  system  are  19,200  tsi  for  the  longitudinal 
Young’s  modulus,  1,560  ksi  for  the  transverse  Young’s  moduli,  820  ksi,  820  ksi,  and  540 
ksi  for  the  shear  moduli  (^12,^13,^23,  respectively),  and  0.239,  0.239,  and  0.45  for  the 
Poisson’s  ratios  (^'i2,»'i3,^'23,  respectively). 

To  streamline  the  analysis  so  that  adequate  response  predictions  are  obtained,  a  sim¬ 
plified  analysis  of  the  entire  body  (or  global  region)  is  performed  using  two-dimensional 
finite  elements.  However,  near  any  geometric  or  material  anomaly  or  near  traction-free 
edges,  the  two-dimensional  solution  will  not  necessarily  represent  all  the  necessary  infor¬ 
mation  (see  ref.  [24]),  and  therefore  a  more  detailed  analysis  is  performed  on  a  local  region 
of  interest  with  three-dimensional  finite  elements.  In  particular,  this  two-dimensional  to 
three-dimensional  global/local  finite  element  analysis  technique  is  applied  to  a  larmnated 
composite  plate  with  a  central  circular  hole.  The  local  region  of  interest  is  the  area  around 
the  hole,  and  the  interlaminar  stresses  are  examined  in  detail. 

Global  Analysis.  The  global  model  was  generated  using  processor  CSMl  of  the  CSM 
Testbed  which  produces  a  grid  of  plate  elements.  The  plate  consists  of  laminated  [02/902]s 
cross-plies.  The  plate  had  a  total  thickness  of  0.1  inches  and  planar  dimensions  of  18  by  12 
inches.  The  entire  plate  was  loaded  in  compression  by  imposing  a  uniform  ^-displacement 
of  0.1  inches  at  the  left  edge,  and  restraining  x-direction  displacements  at  the  right  edge. 
All  of  the  corner  nodes  were  restrained  from  movement  in  the  y-direction.  No  other  y- 
direction  displacements  were  imposed.  The  response  is  in  the  linear  elastic  range.  A 
number  of  cases  were  considered  in  reference  [18]  including  a  study  of  the  effect  of  varying 
hole  size  on  stress  distribution  and  comparing  different  stacking  sequences  for  the  cross-ply 
laminates.  Only  the  effect  of  varying  hole  sizes  on  the  interlaminar  stress  distribution  is 
reported  herein. 

The  grid  generated  by  processor  CSMl  was  modified  slightly  to  produce  concentric 
rings  of  elements  with  specified  thicknesses  around  the  hole.  Because  interlaminar  stresses 
are  often  confined  to  a  region  which  is  a  multiple  of  the  laminate  thickness,  two  rings  of 
elements  of  equal  thickness  were  located  within  a  one-laminate-thickness  region  near  the 


hole.  The  next  two  rings  of  elements  were  specified  to  be  one  and  two  laminate  thicknesses 
away,  respectively.  The  final  ring  of  elements  was  allowed  to  vary  in  planar  dimension  in 
order  to  mate  the  curved  elements  of  the  hole  region  with  the  surrounding  rectangular 
elements.  A  minimum  element  side  length  of  0.1  inches  was  maintained  throughout  this 
matching  region.  The  number  of  radial  spokes  emanating  from  the  hole  was  varied  in  order 
to  obtain  elements  with  relatively  low  aspect  ratios  and  in-plane  curvatures.  Information 
about  the  grids  for  the  various  models  with  different  hole  sizes  are  presented  in  Table  3, 
and  the  undeformed  grids  are  presented  in  figure  11.  Because  of  the  loading  and  stacking 
sequence,  analysis  of  one-quarter  of  the  global  model  would  have  been  sufficient;  however, 
the  analysis  was  performed  on  the  entire  global  model  because  of  the  way  it  was  generated 
by  processor  CSMl.  The  9-node  assumed  natural-coordinate  strain  element  was  utilized 
in  the  global  model. 

The  deformed  geometry  plots  with  exaggerated  deflections  (scaled  by  a  factor  of  10) 
for  each  hole  example  with  the  [02/902)5  stacking  sequence  are  shown  in  figure  11.  Note 
that  the  left  and  right  edges  of  each  plate  remained  straight  as  specified  by  the  boundary 
conditions.  The  circular  holes  became  elliptical,  and  there  is  a  bulging  of  the  previously 
straight  edges  of  the  plates.  As  expected,  the  deformations  and  influence  due  to  the  hole 
extend  farther  into  the  plate  with  larger  holes.  The  square  around  each  hole  exhibits  con¬ 
cavity  on  its  vertical  sides  and  convexity  on  its  horizontal  sides.  These  are  the  global/local 
interfaces  of  interest. 

Local  Analysis.  The  local  model  was  created  by  expanding  the  global  model  in  three 
dimensions.  Because  a  symmetric  stacking  sequence  was  used  with  an  in-plane  loading 
condition,  only  one-half  of  the  laminate  thickness  would  normally  be  modeled  for  the 
local  analysis.  Because  a  cross-ply  laminate  was  considered,  two  additional  planes  of 
symmetry  existed.  This  symmetry  resulted  in  modeling  only  one-quarter  of  the  curved 
edge  area.  Not  all  of  these  symmetry  planes  exist  for  more  general  ply  orientations  or 
loading  conditions.  In-plane  displacement  components  from  the  global  model  were  applied 
directly  to  the  local  model  as  applied  displacements  with  the  rigid-body  translation  of  the 
yz-symmetry  planes  removed.  A  local  coordinate  system  located  at  the  center  of  the  hole 
was  chosen.  As  shown  schematically  in  figure  12,  along  the  xz-symmetry  plane,  the  zero 
y-direction  displacements  (v=0)  were  applied  through  the  thickness  of  the  model,  while 
at  the  yz-symmetry  plane,  the  zero  ^-direction  displacements  (•u=0)  were  applied.  Along 
the  two  straight  edges  that  were  not  symmetry  planes,  the  midplane  x-  and  y-direction 
displacements  were  applied  through  the  thickness.  The  bottom  of  the  local  model,  which 
is  the  midplane  of  global  model,  was  constrained  from  moving  in  the  z-direction  (u7=0). 
No  other  z-direction  displacements  were  applied  in  order  to  allow  complete  boundary  layer 
development.  Around  the  hole,  no  displacements  were  applied  other  than  those  at  the 
symmetry  planes.  The  three-dimensional  models  are  shown  for  the  hole  sizes  considered 
in  figure  13,  while  Table  4  contains  information  about  the  local  meshes. 

The  three-dimensional  element  utilized  in  this  study  is  the  BR20  element  of  the  CSM 
Testbed  (see  ref.  [19]).  This  element  is  from  a  family  of  serendipity  (displacement  formu¬ 
lation)  elements  installed  in  the  CSM  Testbed  under  NASA  Grant  NAGl-675.  Varying 
degrees  of  integration  level  are  allowed  by  the  element  implementation  —  a  full  integration 
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(27  Gauss  point)  rule  is  used  herein.  Griffin  [16]  concluded  that  two  20-node  elements  per 
ply  thickness  with  full  integration  were  sufficient  to  represent  the  response  of  a  cross-ply 
composite  plate  subjected  to  in- plane  loads. 

The  deformed  local  curved  edge  meshes  for  the  [02/902]s  stacking  sequence  can  be 
seen  in  figure  13  along  with  the  undeformed  local  meshes  for  each  of  the  plates.  The 
displacements  for  each  example  were  scaled  individually  (i.e.,  different  scale  factors)  for 
viewing.  The  deformed  mesh  for  each  hole  is  compressed  in  the  ^-direction.  The  holes 
became  elliptical  as  in  the  global  case.  Because  of  the  scaling  selected,  the  smaller  holes 
appear  to  be  more  eccentric  than  the  larger  holes.  For  each  of  the  hole  cases,  a  noticeable 
thickening  of  the  local  model  can  be  seen  around  the  hole.  This  thickening  is  not  constant 
for  all  hole  sizes,  nor  is  it  uniform  around  the  hole.  A  warping  of  the  elements  can  also 
be  seen  near  the  same  position  and  is  strongest  along  the  innermost  rings  of  elements  and 
extends  outward.  The  diametrical  changes  are  not  constant  through  the  thickness  of  the 
laminate,  and  vary  with  stacking  sequence  [18]. 

The  displacements  were  post-processed  to  determine  the  stress  fields  around  the  hole  at 
the  laminate  midplane.  These  interlaminar  stress  results  were  normalized  by  the  absolute 
value  of  the  average  far-field  stress  ax  (-56783  psi)  for  the  laminate  with  a  one-inch-diameter 
hole.  The  normalized  interlaminar  normal  stress  (<Tz/|<rj.|)  and  interlaminar  shear  stresses 
(^rz/l^^®!)  as  a  function  of  the  angle  (^)  around  the  hole  are  presented  in  figures  14  and 
15.  The  effect  of  hole  size  can  be  seen. 

While  there  is  some  difference  in  the  magnitude  of  interlaminar  normal  stress  around 
the  hole  near  the  midplane,  the  principal  difference  is  the  location  of  the  maximum  as 
seen  in  figure  14.  As  hole  size  increases,  the  location  of  the  maximum  value  tends  to  shift 
around  the  hole  away  from  the  axis  of  load  application  due  to  the  relief  of  certain  stress 
components  by  the  proximity  of  the  straight  free  edge  of  the  laminate  to  the  edge  of  the 
larger  hole.  Also,  the  magnitude  of  interlaminar  normal  stress  cr^  is  reduced  for  the  larger 
hole,  also  due  to  the  relief  of  stress  by  proximity  to  the  straight  free  edge.  The  one-inch- 
diameter  hole  represents  the  worst  case  for  interlaminar  normal  stress,  exhibiting  not  only 
the  highest  negative  value,  but  a  positive  (tensile)  portion  as  well,  due  to  the  large  distance 
between  the  hole  edge  and  the  free  edge  of  the  plate,  resulting  in  a  very  small  degree  of 
stress  relief. 

The  effectiveness  of  the  two-dimensional  to  three-dimensional  global/local  finite  ele¬ 
ment  analyses'to  reduce  computational  requirements  can  be  seen  by  comparing  the  solution 
times  required  to  solve  the  global  and  local  models  as  presented  in  Tables  3  and  4.  The 
global  model  for  the  plate  with  a  one-inch-diameter  hole  contains  the  largest  number  of  el¬ 
ements  and  degrees  of  freedom  considered.  The  use  of  global/local  techniques  for  this  case 
greatly  reduced  the  time  for  solution  as  compared  to  a  full  three-dimensional  model.  Solu¬ 
tion  times  for  the  global  models  do  not  decrease  linearly  because  different  equation  solvers 
were  used  -  both  of  which  exploit  the  vector  architecture  of  the  CONVEX  minisuper- 
computer.  For  the  global  solution,  the  incomplete  Choleski  preconditioned  conjugate  gra¬ 
dient  (ICCG)  iterative  method  implemented  in  processor  ITER  was  selected.  Each  of  the 
local  models  was  solved  using  processor  BAND,  which  contains  a  direct  Choleski  solver 
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designed  for  matrices  stored  in  a  variable-band  format.  The  stiffness  matrices,  stored  in  a 
sparse-storage  scheme  in  the  CSM  Testbed  database  files,  are  automatically  converted  to 
the  variable-band  storage  scheme  used  by  BAND.  These  solvers  are  described  in  reference 
[19]. 

Usage  Guidelines.  Usage  guidelines  for  two-dimensional  to  three-dimensional 
global/local  finite  element  analysis  around  the  hole  for  cross-ply  laminates  with  holes 
follow.  The  global  solution  need  only  be  accurate  in  the  global  sense,  representing  the  two- 
dimensional  behavior  of  the  midplane  of  the  plate  around  the  hole  to  a  sufficient  degree, 
recognizing  that  the  two-dimensional  solution  cannot  reveal  the  true  three-dimensional 
character  of  the  response  around  the  hole.  Placement  of  the  global/local  interface  must  be 
outside  the  region  of  suspected  three-dimensionality  in  order  to  avoid  unduly  constraining 
the  three-dimensional  effects.  All  of  the  analyses  performed  to  date  have  a  one-to-one 
nodal  correspondence  between  global  and  local  models  along  the  global/local  interface. 
In-plane  displacements  are  applied  linearly  through  the  thickness,  based  on  the  assump¬ 
tion  that  normals  to  the  midsurface  remain  straight  after  deformation.  For  the  loading 
and  stacking  sequence  considered  herein,  the  in-plane  displacements  are  applied  constant 
through  the  thickness.  No  out-of-plane  (z-direction)  displacements  are  applied,  since  the 
two-dimensional  global  model  cau  only  predict  midsurface  displacements  in  that  direc¬ 
tion.  This  approach  maintains  kinematic  consistency  between  the  models,  because  any 
out-of-plane  deformations  predicted  by  the  global  response  are  zero  at  the  global/local 
interface. 

Current  Research  Topics 

Global/local  stress  analysis  continues  to  be  an  active  research  area  in  computational 
structural  mechanics.  Currently,  alternate  procedures  to  establish  the  global/local  inter¬ 
face  conditions  are  being  developed  in  order  to  provide  added  flexibility  for  analyzing 
built-up  structures  and  shell-type  structures.  These  procedures  are  also  needed  in  order  to 
extend  the  methodology  to  geometrically  nonlinear  analyses.  Automated  procedures  for 
locating  the  global /local  interface  boundary  are  also  being  studied.  These  procedures  will 
aid  the  stress  analyst  and  should  provide  a  measure  of  reliability  in  the  structural  design 
since  critical  regions  are  readily  identified.  Procedures  for  locating  the  two-dimensional 
to  three-dimensional  modeling  interface  are  more  complicated  than  global/local  (coarse- 
to-fine)  models  for  either  two-dimensional  or  three-dimensional  models.  Techniques  for 
identifying  this  modeling  interface  and/or  critical  regions  will  benefit  from  the  CSM  re¬ 
search  effort  in  adaptive  refinement. 

Consideration  is  also  being  given  to  the  incorporation  of  “exact”  analysis  methods 
for  the  local  stress  analysis.  This  approach,  however,  may  be  effective  only  for  a  limited 
problem  set.  Coupling  different  analysis  methods  (e.y.,  global  finite  element  analysis; 
local  elasticity  solution)  are  also  being  investigated  as  part  of  the  CSM  research  effort  in 
partitioned  analysis  methods. 

One  final  topic  is  developing  strategies  to  exploit  multiprocessor  computers  for  con¬ 
current  multiple  local  analyses.  With  robust  procedures  for  automating  the  location  of 
the  global/local  boundaries  (t.e.,  multiple  critical  regions),  multiple  local  analyses  may  be 
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performed  concurrently  on  multiprocessor  computers  or  sequentially  on  single-processor 
computers. 


Conclusions 

Global/local  analysis  methodology  for  obtaining  the  detailed  stress  state  of  structural 
components  is  presented.  The  methodology  presented  is  not  restricted  to  having  a  priori 
knowledge  of  the  location  of  the  regions  requiring  a  detailed  stress  analysis.  The  effec¬ 
tiveness  of  the  global/local  analysis  capability  is  demonstrated  by  obtaining  the  detailed 
stress  states  of  a  blade- stiffened  graphite-epoxy  panel  with  a  discontinuous  stiffener  and 
the  interlaminar  stresses  of  a  cross-ply  composite  plate  with  a  hole. 

Although  the  representative  global  finite  element  models  represent  the  global  behav¬ 
ior  of  the  structures,  substantially  more  refined  finite  element  meshes  near  the  cutouts  are 
required  to  obtain  accurate  detailed  stress  distributions.  Embedding  a  local  refined  model 
in  the  complete  structural  model  increases  the  computational  requirements.  The  compu¬ 
tational  effort  for  the  independent  local  analyses  is  less  than  the  computational  effort  for 
the  global  analyses  with  the  embedded  local  refinement. 

The  global/local  analysis  capability  provides  the  modeling  flexibility  required  to  ad¬ 
dress  detailed  local  models  as  their  need  arises.  This  modeling  flexibility  was  demonstrated 
by  the  local  analysis  of  the  skin~stiffener  interface  region  of  the  blade-stiffened  panel  with 
a  discontinuous  stiffener.  This  local  analysis  revealed  local  behavior  that  was  not  predicted 
by  the  global  analysis. 

The  definition  of  the  global/local  interface  boundary  affects  the  accuracy  of  the  local 
detailed  stress  state.  For  two-dimensional  global/local  analyses,  the  strain  energy  per  unit 
area  has  been  identified  as  a  means  for  identifying  a  critical  region  and  the  location  of  the 
associated  global/local  interface  boundary.  The  change  in  strain  energy  from  element  to 
element  indicates  regions  with  high  stress  gradients  (z.e.,  critical  regions).  A  global/local 
interface  boundary  is  defined  outside  of  a  region  with  large  changes  in  strain  energy.  For 
three-dimensional  global/local  analyses,  kinematically  consistent  displacement  fields  from 
the  two-dimensional  analysis  are  compared  with  the  fields  from  a  three-dimensional  analysis 
to  establish  the  global/local  interface  boundary. 

The  global/local  analysis  capability  presented  provides  a  general-purpose  analysis  tool 
for  use  by  the  aerospace  structural  analysis  community  by  providing  an  efficient  strategy 
for  accurately  predicting  local  detailed  stress  states  that  occur  in  structures  discretized 
with  relatively  coarse  finite  element  models.  The  coarse  model  represents  the  global  struc¬ 
tural  behavior  and  approximates  the  local  stress  state.  Independent,  locally  refined  finite 
element  models  are  used  to  predict  accurately  the  detailed  stress  state  in  the  regions  of 
interest  based  on  the  solution  predicted  by  the  coarse  global  analysis. 
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Table  1  Finite  Element  Models  of  Blade— Stiffened  Panel 

with  Discontinuous  Stiffener. 


Model 

Designation 

Number  of 
Rings 
of  Nodes^ 

Number  of 
Radial  Spokes 
of  Elements* 

Total 

Number  of 

Elements 

Total 

Number  of 
Nodes 

X  ^max 

X  ^avg 

G1 

2 

16 

2.22 

G2 

16 

32 

WmM 

2.88 

G3 

16 

32 

1488 

2.88 

G4“ 

32 

80 

3472 

3584 

2.94 

LCl 

16 

32 

576 

612 

2.92 

LRl 

- 

- 

16 

25 

- 

LR2 

- 

- 

32 

45 

- 

LR3 

- 

- 

96 

117 

- 

“  G4  is  the  converged  model 
^  See  Figure  2 


Table  2  Summary  of  Computational  Requirements. 


Model 

Designation 

Measures  of  Computational  Effort 

Total  number  of 
degrees  of  freedom 

CPU,  seconds 

Size  of  data 
library,  Mbytes 

G1 

2316 

99.7 

8.7 

G2 

6252 

255.3 

28.9 

G3 

8460 

329.6 

38.5 

G4“ 

21084 

1006.0 

140.6 

LCl 

3456 

188.7 

13.1 

LRl 

54 

58.0 

LR2 

126 

62.0 

0.8 

LR3 

462 

78.7 

1.8 

“  G4  is  the  converged  model 
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Table  3  Two-Dimensional  Global  Finite  Element  Models  of  Plate  with  Hole. 


Hole 
Size,  in. 

Number  of 
Nodes 

Degrees  of 
Freedom 

Number  of  Elements 

Spokes 
Around  Hole 

Average  Solution 
Time,  CPU  sec. 

Total 

Around  Hole 

1.0 

3208 

19,248 

768 

160 

64 

488.9 

3.0 

2824 

16,944 

672 

200 

80 

435.2 

6.0 

2240 

14,640 

576 

240 

96 

242.2 

Table  4  Three-Dimensional  Local  Finite  Element  Models  Near  Hole. 


Hole 

Size,  in. 

Number  of 
Nodes 

Degrees  of 
Freedom 

Number  of 
Elements 

Average  Solution 
Time,  CPU  sec. 

1.0 

1755 

5,265 

320 

406.1 

3.0 

2157 

6,471 

400 

514.3 

6.0 

2559 

7,677 

480 

604.3 

(a)  Global  model 


(b)  Interpolation  region  within  global  model 


Interpolation  region 
Critical  region 


Global/local 
interface  boundary 


(c)  Global/local  interface  boundary 


(d)  Independent  local  model 


Figure  1.  Terminology  of  the  global/local  methodology. 


Typical 

skewed 

element 

Radial 
spokes 
of  nodes 


Typical 

tapered 

element 


Transition 

square 


Rings  of 
elements 


Global  regions 
affected  by 
embedding 
locally  refined 
mesh 


Figure  2.  Terminology  associated  with  modeling  cutouts. 
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Global  modeling  and  analysis 


Figure  3.  Schematic  of  overall  2-D  global/local  solution  strategy. 


Figure  4.  Composite  blade-stiffened  panel  with  a  discontinuous  stiffener. 


Normalized 

applied 

load, 

P/EA 


Figure  5.  End-shortening  results  for  composite  blade-stiffened  panel. 


Figure  6.  Global  finite  element  model  of  blade-stiffened  panel  with  discontinuous  stiffener. 


Figure  7.  Longitudinal  inplane  stress  resultant  Nx  distributions  at  panel  midlength  for 
coarse  and  refined  global  models. 


Global  model 


Local  model  Local  model 

at  skin-stiffener  at  discontinuity 

interface  (model  LR3)  (model  LC1) 


Figure  8.  Global/local  analysis  models  for  blade-stiffened  panel  with  discontinuous  stiffener. 
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Figure  9.  Longitudinal  stress  resultant  distributions  for  circular  local  finite  element 
model  of  blade-stiffened  panel  with  discontinuous  stiffener. 


■■o 


Figure  10.  Longitudinal  inplane  stress  resultant  Nx  distributions  at  panel  midlength  for 
skin- stiffener  interface  region. 


I 


16 


Global/local  interface, 


Figure  12.  Global/local  analysis  of  in-plane  loading  for 
cross-ply  symmetric  laminates. 
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Figure  14.  Normalized  interlaminar  normal  stress  (t^  around 
/  I  I  hole  near  midplane  for  [0/0/90/90/]  5 
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Figure  15.  Normalized  interlaminar  shear  stress  r^z  around 
hole  near  midplane  for  [0/0/90/90/]  s 


EFFICIENT  FINITE  ELEMENT  MODELING  OF  LAMINATED 


COMPOSITE  PLATES  BASED  ON  HIGHER-ORDER  THEORY 


Alexander  Tessler  and  Erik  Saether 
U.S.  Army  Materials  Technology  Laboratory 
Watertown,  Massachusetts 


SUMMARY 

A  simple  and  efficient  three-node  plate  bending  element  for  the 
analysis  of  composite  laminates  is  developed  from  a  variational 
principle.  The  deformations  due  to  transverse  shear  and  transverse 
normal  effects  are  accounted  for,  allowing  accurate  predictions  in  the 
range  of  thin  to  thick  plates.  The  methodology  incorporates  C^-  and 
C ^ -continuous  displacement  approximations  and  yields  accurate 
ply-by-ply  predictions  of  all  displacement,  strain,  and  stress  vari¬ 
ables  . 

INTRODUCTION 

With  the  increasing  application  of  advanced  composite  materials 
in  highly  loaded  structures,  the  ability  to  model  the  structural 
response  and  to  predict  accurately  the  stress  field  in  thick  laminates 
takes  on  a  paramount  role  in  the  design  process.  The  mechanical 
behavior  of  thick  as  well  as  moderately  thick  composite  laminates^  is 
characterized  by  significant  transverse  shear  and  normal  deformations 
which,  for  the  same  span  (or  wavelength  of  loading) -to-thickness 
ratio,  are  decidedly  more  pronounced  than  in  homogeneous  isotropic 
plates.  This  is  due  to  a  relatively  low  material  compliancy  in  both 
transverse  shear  and  normal  material  directions  as  compared  to  the 
axial  fiber  direction.  Furthermore,  composite  laminates  often  exhibit 
much  lower  strength  in  the  transverse  directions  as  well  as  at  the  ply 
interfaces,  thus  permitting  matrix  cracking  and  delaminations. 

A  number  of  viable  plate  elements  developed  to  date  evolved  from 
a  shear-deformable  displacement  theory  originally  derived  for  homoge¬ 
neous  isotropic  plates  by  Mindlin  (e.g.,  refs.  1  and  2).  Mindlin 
theory  lends  itself  to  the  development  of  simple  and  efficient  ele¬ 
ments  by  virtue  of  the  inherent  C°  continuity  prescribed  for  the 
approximation  of  the  plate  displacement  variables.  An  earlier  plate 
theory  of  Reissner  (ref.  3)  is  based  on  stress  approximations  includ¬ 
ing  the  transverse  normal  stress  component  (which  is  neglected  in 
Mindlin  theory)  and  is  somewhat  more  accurate  as  far  as  the  stresses 
are  concerned.  Both  the  Mindlin  and  Reissner  theories  rely  upon 
weighted-average  displacement  variables  which  assume  linear  variations 
across  the  thickness  for  the  inplane  displacements  and  a  uniform 
transverse  displacement.  From  a  perspective  of  composite  laminate 
analysis  the  displacement-based  theories  are  generally  preferred, 
allowing  for  discontinuous  normal  stresses  which  occur  naturally  in 
composite  laminates. 
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Many  higher-order  plate  theories  have  been  proposed  (e.g.,  see 
the  reviews  in  refs.  4-6),  which  in  addition  to  transverse  shear  also 
include  the  effect  of  transverse  normal  straining,  and  thus  extend  the 
range  of  applicability  to  thick  plates.  Regrettably,  their  adoptabi¬ 
lity  to  finite  element  approximations  often  presents  insurmountable 
difficulties  (ref.  7).  Consequently,  they  attracted  little  interest 
in  the  finite  element  arena. 

Recently,  the  senior  author  proposed  a  variational  lOth-order 
theory  for  bending  and  stretching  of  homogeneous  orthotropic  plates 
(refs.  7  and  8)  which  includes  both  transverse  shear  and  transverse 
normal  deformations  and  embodies  the  simplicity  and  finite  element 
suitability  of  Mindlin  theory.  Its  kinematic  assumptions  include 
linear  distributions  for  the  inplane  displacements  and  a  parabolic 
variation  for  the  transverse  displacement.  The  theory  was  later 
extended  by  the  present  authors  to  laminated  composites  (refs.  9,  10). 

A  particularly  attractive  feature  of  this  theory  is  that  it 
allows  for  interelement  discontinuous  displacement  approximations 
(i.e.,  C‘^  continuous)  for  a  set  of  two  higher-order  displacements 
while  relying  upon  C° -continuous  fields  for  the  weighted-average 
displacements  of  the  Reissner-Mindlin  type  (i.e.,  two  inplane  and  one 
transverse  displacements,  and  two  normal  rotations).  The  direct 
implication  of  C ^ -continuous  higher-order  displacements  is  that  a 
static  condensation  of  these  variables  is  readily  performed  at  the 
element  level;  hence,  they  do  not  contribute  to  the  size  of  the  global 
stiffness  equations.  An  additional  theoretical  advantage  of  the 
present  theory  is  that  only  physical  Poisson-type  conditions  are 
prescribed  at  the  plate  edges  as  in  shear-deformable  theories  of  the 
Reissner-Mindlin  type.  (By  comparison,  other  higher-order  theories 
commonly  involve  nonphysical  but  variationally  necessary  higher-order 
boundary  conditions . ) 

In  this  paper,  we  propose  an  efficient  finite  element  formula¬ 
tion,  specifically  aimed  at  the  analysis  of  thick  laminated  composite 
plates,  which  is  based  on  the  aforementioned  laminate  plate  theory. 

The  plate  element  presented  herein  is  a  three-node  triangle  based  upon 
anisoparametric  interpolations  (refs.  11,  12)  to  ensure  locking-free 
behavior  in  the  thin  regime.  These  interpolations  were  also  found  to 
satisfy  one  equilibrium  equation  identically.  Each  node  possesses 
five  standard  displacement  degrees-of-f reedom,  namely,  three  displace¬ 
ments  and  two  normal  rotations .  Because  both  the  inplane  and  trans¬ 
verse  deformations  are  accounted  for,  the  element  can  effectively  model 
composite  plate  and  shell  structures  subject  to  inplane  and 
out-of-plane  (transverse)  loading. 

In  what  follows,  we  will  briefly  describe  the  analytic  basis  of 
the  formulation,  some  pertinent  finite  element  issues,  and  present 
numerical  results  depicting  typical  behavior  of  the  proposed  finite 
element. 
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ANALYTIC  BASIS  OF  HIGHER-ORDER  PLATE  THEORY 


In  the  present  theory  (refs.  9,  10),  the  Cartesian  displacement 
components  are  expanded  with  respect  to  the  dimensionless  thickness 
coordinate  C,  with  u  having  a  special  parabolic  form: 

u^(x,Y,z)  =  u(x,y)  +  hC6y(x,Y) 

u  (x,Y,z)  =  v(x,y)  +  hCe^(x,y)  (1) 

y  ^ 

u_(x,y,z)  =  w(x,y)  +  Cwi(x,y)  +  ( 5^-l/5)w2 (x,y) 

where  5=z/h=0  designates  the  positions  of  the  middle  surface  Sjj,,  and 
2h  is  the  total  plate  thickness. 

The  expansion  coefficients  u,  v,  6  ,  6  ,  and  w  in  equations  (1) 

Y  ^ 

are  weighted-average  kinematic  variables  defined  as: 

h 

“  =  Ih  1  “x  =  k 

-h 

h 

®x=  §E>  I  V  " 

-h 
h 

"  =  Ih  1 

-h 

where  u  and  v  denote  the  midplane 
directions,  respectively;  9^^  and  6^  denote  the  normal  rotations  about 

the  X  and  y  axes,  respectively. 


h 

u  dz  ( 2 ) 

J  y 

-h 

h 

lh»  1  V 

-h 

(4) 

displacements  along  the  x  and  y 


The  inplane  strain-displacement  relations  are  obtained  in  the 
usual  manner: 


X 


=  u 


x'x' 


=  u 


•y'Y' 


^xy  ^^x'y  ^  ^y'x^ 


(5) 


A  major  departure  from  a  conventional  displacement  formulation  is 
the  way  the  transverse  strains  are  introduced  into  the  theory. 
Specifically,  the  through-thickness  displacement  gradients  u^  ^  and 

u  are  expanded  up  to  order  two,  while  u  is  taken  to  be  cubic, 
y  /  z  z ,  z 

This  formally  makfe's  the  present  theory  a  mixed  strain-displacement 

type.  By  adopting  a  weak  (variational)  form  for  the  transverse  strain 

compatibility,  i.e.,  equating  these  higher-degree  gradient  expansions 

to  the  ones  obtained  directly  from  the  displacements  in  the  mean 

sense. 
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m 


min 


a..(x,Y) 


dz 


(6) 


-h  j=0 

i=x,y  (m=2);  i=z  (in=3) 

and  satisfying  a  set  of  exact  stress  boundary  conditions, 

=  cr__  _  1  =0  (i=x,y) 

(5=±1) 


iz 


zz,z 


(7) 


there  result  appropriate  a^^  coefficients  in  terms  of  the  plate 

variables  in  equations  (1).  Consequently,  the  transverse  shear 
strains  and  stresses  vary  parabolically  across  the  plate  thickness 
(satisfying  traction-free  boundary  conditions)  and  the  transverse 
normal  strain  and  stress  vary  cubically.  In  the  case  of  a  homogeneous 
plate,  this  procedure  enforces  exact  transverse  equilibrium  (ref.  7). 

A  general,  three-dimensional  Hooke's  law  is  assumed  to  govern  the 
behavior  of  each  individual  ply;  i.e.,  for  the  k-th  ply  we  have 
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where  the  elastic  constants  C 


(k) 


ID 


(8) 

,  corresponding  to  the  laminate  x-y 


coordinates,  are  related  to  the  ply  principal  direction  constants 

C.  =  a .  a . 

1]  im  Dn  mn 


Ci.(^)  as 


(9) 


with  a.  .  denoting  appropriate  cosine  functions  of  the  coordinate 

rotation  between  the  ply  principal  material  directions  and  laminate 
coordinates . 

The  laminate  plate  theory  can  then  be  derived  from  a  modified 
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.  1 

virtual  work  principle  ,  which  includes  all  strain  and  stress  compo¬ 
nents  : 


V 


(a  6e  +  a  6s.  +  a  6s  +  t  6y  +  t  6y  +  t  6y  )  dv 

XX  XX  YYYY  zz  zz  xy  ’xy  xz  "xz  yz  ''yz 


(Su  dxdy  - 


q'6u  dxdy  =  0 


(10) 


where  6  denotes  the  variational  operator;  and  S“,  respectively, 

denote  the  top  and  bottom  plate  surfaces  which  are  taken  free  of  shear 
tractions  and  loaded  by  normal  pressures 


'riz(^=l)  =  0  (i=x,y),  ^22(5=1)  =  qMx,y) 

0  (i=x,y),  q'(x,y) 


on 

on  S‘ 


(11) 


Upon  integrating  equation  (10)  across  the  plate  thickness,  a  two- 
dimensional  (plate)  variational  statement  is  obtained: 


11  {  V'^'Y 


m 


+  M  66  +  M  66  +  M  (66  +  68  ) 

X  y,x  y  x,y  xy'  x,x  y  ,Y 

+  ^®y^  Qy^'^^'y  +  N^MWi/h)  +  M26(w2/h) 

(q''-g')('Sw  +  ^6w2)  -  (q'^+q')  6Wi|  dxdy  =  0  (12) 


where  /  M^j  and  (i,j  =  x,y)  are  the  resultant  membrane  forces, 

bending  moments  and  shear  forces,  all  per  unit  length;  also,  N  and  M 

z  z 

are  the  resultants  associated  with  the  transverse  stress  component. 

The  constitutive  equations  relating  these  plate  stress  resultants  and 
their  associated  strains  can  be  found  in  reference  10. 

As  discussed  in  the  following  section,  the  special  form  of 
equation  (12)  leads  to  simple  and  computationally  efficient  laminate 
plate  finite  elements  incorporating  both  transverse  shear  and  trans¬ 
verse  normal  deformations. 

FINITE  ELEMENT  FORMULATION 

The  particular  form  of  the  variational  statement  (12)  lends 
itself  perfectly  to  the  development  of  simple  and  efficient  elements 


^The  term  "modified  principle  of  virtual  work"  is  used  here  to 
signify  the  use  of  the  transverse  strains  that  are  only  "weakly" 
compatible . 
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comparable  in  computational  efficiency  to  shear-deformable  elements 
(refs.  11,  12).  Indeed,  the  linear  differential  operator  acting  upon 
the  five  weighted-average  kinematic  variables  is  of  order  one  (i.e., 
the  highest  spatial  derivative  is  of  order  one).  This  implies  that 
these  variables  need  not  exceed  0°  continuity,  as  in  Mindlin  theory. 
Furthermore,  in  equation  (12),  there  are  no  spatial  derivatives 
associated  with  the  two  higher-order  transverse  displacements,  w^  and 
W2 .  This  particular  aspect  allows  the  higher-order  displacements  to 
be  approximated  with  C ^-continuous  functions  (i.e.,  functions  that 
are  discontinuous  at  element  interfaces).  A  further  implication  is 
that  the  degrees-of -freedom  (dof)  associated  with  the  w^  and  Wj 
element  interpolations  can  be  conveniently  condensed  out  at  the 
element  equilibrixim  level  and,  therefore,  they  need  not  contribute  to 
the  size  of  the  global  stiffness  equations. 

It  can  further  be  shown  that  the  variational  principle  (12)  is  of 
a  penalty-constraint  type  (e.g.,  ref.  2).  Hence,  special  finite 
element  techniques  should  be  employed  to  avoid  thin-regime  shear 
locking.  In  this  regard,  the  anisoparametric  interpolation  strategy 
already  established  for  Reissner-Mindlin  plate  elements  (refs.  11,  12) 
is  directly  applicable  for  this  higher-order  theory  formulation. 

Having  the  simplest  and  most  versatile  element  configuration  in 
mind,  we  develop  a  three-node  triangle  based  upon  anisoparametric 
shape  functions  derived  for  a  Reissner-Mindlin  element  (ref.  11): 


3  3 

u  =  Z  ^ .u. ,  V  =  Z  ^ .V. 
i=l  ^  ^  i=l ■  ^ 


C°  linear 
interpolations 


w  =  .1  +  0xi<Vi+3 

1=1 


^j^k+3 


^k^i+l 


)/8 

)/8] 


(13) 

C°  quadratic 
interpolations 


'^2  —  ^2 

where  are  quadratic  shape  functions 

Ni  =  q(2^.  -  1),  N.^3  =  4^.5  . 

and  are  the  area-parametric  coordinates 


C'^  constant 
interpolations 


(13a) 
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(13b) 


=  (c^  +  +  a^Y)/2A  (A  is  the  triangle  area) 

and  where  a^^,  bj^,  and  are  functions  of  nodal  coordinates 


^i  ^i  ^  ^i 


XjYk-Xj^Yj 


(13c) 


(i=  1,2,3;  j=  2,3,1;  k=3,l,2) 


Upon  introducing  equations  (13)  into  equation  (12)  and  performing 
the  necessarY  variations  with  respect  to  all  seventeen  dof,  we  obtain 
the  element  stiffness  equilibrium  equations.  Because  w^  and  W2  are 
continuous,  their  dof  can  then  be  condensed  out  staticallY,  thus 
becoming  dependent  upon  the  basic  nodal  dof,  i.e.,  {u. ,  v. ,  w. ,  6  ., 

(i=  1,2,3).  The  resulting  plate  element  is,  therefore,  a  three- 
node  triangle  having  five  basic  dof  at  each  node  (see  fig.  1). 


COMMENTS  ON  STRESS  CALCULATIONS 


Due  to  their  heterogeneous  nature,  laminated  composite  plates 
often  exhibit  plY-interface  discontinuities  in  the  inplane  stresses  as 
well  as  in  the  transverse  strains.  On  the  other  hand,  the  inplane 
strains  are  continuous  across  the  laminate  thickness  and  the  trans¬ 
verse  stresses  are  also  continuous,  although  their  through- thickness 
gradients  maY  be  discontinuous  at  plY  interfaces. 


Since  the  present  theorY  relies  upon  continuous  strain  distribu¬ 
tions,  as  do  all  displacement-based  theories,  the  inplane  stresses  can 
be  ef f ectivelY  recovered  from  the  plY  constitutive  law  ( 8 ) .  The 
direct  recoverY  of  transverse  stresses,  however,  maY  be  grosslY 
erroneous,  as  theY  evolve  discontinuous  at  plY  interfaces.  In  this 
theorY,  we  were  able  to  obtain  rather  accurate  predictions  for  the 
transverse  normal  stress  component  accompanied  with  onlY  insignificant 
plY-interface  discontinuities  (ref.  10).  To  compute  accurate  plY 
transverse  shear  stresses  that  are  continuous  across  the  plate  thick¬ 
ness,  we  integrate  the  exact  equilibrium  equations  once  the  inplane 
stresses  are  obtained  from  the  constitutive  relations  (ref.  13),  i.e.. 
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dz 
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XY,x 


dz 


(14) 


Although  within  the  context  of  analYtic  solutions  this  approach 
has  been  effective,  the  direct  computation  of  stress/strain  inplane 
gradients  at  the  finite  element  level  can  be  problematic.  For  in¬ 
stance,  in  the  case  of  our  simple  triangular  element,  all  strain 
gradients  entering  equation  (14)  vanish,  simplY  because  the  strains 
are  constant  within  the  element  domain.  To  overcome  this  difficultY, 
we  emploY  a  global  smoothing  procedure  for  each  strain  of  interest 
(ref.  13,  and  *) .  The  procedure  yields  continuous  solutions  for  the 
strains  and  their  first  derivatives  across  the  entire  plate  domain. 
■^Tessler,  A.  ;  Freese,  C.  :  An  Effective  Global  Penalty-Constraint 
Formulation  for  Strain/Stress  Smoothing.  MTL  Technical  Report 
(in  review) . 
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Once  the  first  derivatives  of  the  strains  are  obtained,  the  ply-by-ply 
stress  computations  in  accordance  with  equations  (14)  are  straightfor¬ 
ward.  For  details  on  the  global  smoothing  procedure  the  interested 
reader  is  referred  to  reference  14. 

DISCUSSION  OF  RESULTS 

Numerical  studies  are  carried  out  for  the  problem  of  cylindrical 
bending  of  a  carbon/epoxy  symmetric  angle-ply  ([307-30]^)  laminate 
subjected  to  a  sinusoidal  transverse  pressure  (fig.  2).  The  ply 
material  properties  are  taken  as 

=  25x10®  psi,  E^  =  10®  psi 

=  .5x10®  psi,  =  .2x10®  psi  (15) 


where  £  and  t  denote  the  longitudinal  and  transverse  ply  material 
directions,  respectively. 

The  results  are  obtained  analytically  by  way  of  the  lOth-order 
theory  (ref.  10,  shown  as  PRESENT),  an  exact  elasticity  approach  (ref. 
15,  designated  as  EXACT),  the  classical  laminate  plate  theory  (CPT) , 
and  the  present  finite  element  analysis  designated  as  HMIN3.  All 
displacement  and  stress  quantities  have  been  normalized  in  accordance 
with  ref.  10. 

Figure  2  depicts  the  finite  element  discretization  of  a  narrow 
strip  of  HMIN3  elements  spanning  one  quarter  of  the  loading  wavelength 
(i.e.,  L/2).  Appropriate  symmetric  boundary  conditions  and 

multiple-point  constraint  equations  are  enforced  to  simulate  the 
cylindrical  bending  features  of  this  infinite  plate.  In  fig.  3,  a 
normalized  value  of  the  maximum  midplane  transverse  displacement  is 
plotted  versus  the  half  wavelength  of  loading-to-thickness  ratio 
(L/2h).  As  evidenced  in  the  figure,  extremely  accurate  results  are 
obtained  even  in  the  truly  thick  regime  of  L/2H  =  2  due  to  the  inclu¬ 
sion  of  both  transverse  shear  and  transverse  normal  deformability  in 
the  present  theory.  As  the  wavelength  of  loading-to-thickness  ratio 
decreases,  the  observed  deflection  becomes  dominated  by  these  trans¬ 
verse  deformations.  The  thick-regime  improvement  in  accuracy  afforded 
by  the  inclusion  of  both  transverse  shear  and  transverse  normal 
deformations  in  the  present  theory  over  considering  only  shear  defor¬ 
mation  is  demonstrated  in  fig.  4. 

Figures  5  and  6  depict  through-thickness  distributions  of  the 
maximum  normal  (e^^)  and  inplane  shear  strains.  Close  agree- 

XX 

ment  with  the  exact  solution  is  obtained  for  L/2h  =  10.  For  L/2h  =  4, 
however,  the  present  theory  departs  significantly  from  the  exact 
solution  in  the  outer  plies.  This  is  due  to  the  linear  approximations 
made  for  the  inplane  u^  and  u^  displacements  which,  as  evidenced  by 

the  elasticity  solution,  become  increasingly  nonlinear  in  the  thick 
regime . 
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Figures  7  through  9  show  through-thickness  distributions  of  the 

transverse  shear  (t  ,  x  )  and  transverse  normal  (a  )  stresses.  As 

y z  xz  z  z 

discussed  previously,  we  employed  two  different  methods  to  compute 
these  quantities;  the  analytic  stresses  obtained  directly  from  the 
constitutive  relations  are  designated  as  PRESENT-1  and  those  computed 
by  integrating  the  plate  equilibrium  equations  are  designated  as 
PRESENT-2.  Furthermore,  the  HMIN3  finite  element  results  for  the 
transverse  shear  stresses  were  obtained  via  a  global  smoothing  tech¬ 
nique.*  Evidently,  the  HMIN3  stresses  are  in  excellent  agreement 
with  the  corresponding  analytic  solutions. 

CONCLUDING  REMARKS 

We  have  presented  a  simple  and  efficient  three-node  plate  bending 
element  for  the  analysis  of  composite  laminates  which  includes  the 
deformations  due  to  transverse  shear  and  transverse  normal  effects. 
The  principal  benefits  of  this  type  of  higher-order  plate  analysis 
are:  (a)  the  applicability  range  is  extended  further  into  the  thick 
regime,  (b)  reliable  three-dimensional  distributions  of  displacements, 
strains  and  stresses  are  attainable,  (c)  there  are  no  requirements  for 
specifying  composite  shear  correction  factors,  and  (d)  the  cost  of 
computations  is  practically  the  same  as  with  Reissner-Mindlin  type 
elements . 
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STATIC 

CONDENSATION 


> 


KEY:  •  u,  V,  w,  0^^,  0^  dof  n  w^,  dof 

Fig.  1.  HMIN3:  A  three-node  stretching-bending  plate  element  with 
transverse  shear  and  transverse  normal  deformation. 


Fig.  2.  Infinite  [30/-30]s  Gr/Ep  laminate  subject  to  sinusoidal 
pressure  in  cylindrical  bending;  finite  element  discretization. 


Fig.  3.  Normalized  maximum  midplane 
deflection  versus  L/2h  ratio. 


Fig.  4.  Effect  of  transverse 
normal  deformation  on  maximum 
midplane  deflection. 


Fig.  5.  _Through- thickness  distribution  of  normalized  maximum  normal 
strain  for  L/2h  =  10  and  4. 


Fig.  6.  Through- thickness  distribution  of  normalized  maximum  inplane 
shear  strain  (y^,.)  for  L/2h  =  10  and  4. 

L/2H  =  IG  L/2H  =  4 


Fig.  7.  Through- thickness  distribution  of  normalized  maximum 
transverse  shear  stress  (t„„)  for  L/2h  =  10  and  4. 


L/2H  =  10  L/2H  =  4 


Fig.  8.  Through- thickness  distribution  of  normalized  maximum 
transverse  shear  stress  (t„_)  for  L/2h  =  10  and  4. 


Fig.  9.  Through-thickness_distribution  of  normalized  maximum 
transverse  normal  stress  (a__)  for  L/2h  =  10  and  4. 


A  NEW  APFRDXIMArE  FE^ACIURE  MEICHZ^CS  ANALYSIS 
MEJIIKaX)I£lGY  KK  (XMPOSITES  VD?IH  A  CRACK  C*R  HOIE 


H.  C.  TSeii  and  A.  Arocho 
Naval  Air  Development  Center 


ABSIRACT 

A  new  approximate  theory  viiich  links  the  inherent  flaw  concert:  with  the  theory 
of  crack  tip  stress  singularities  at  a  bi-material  interface  has  been  developed, 
niree  assumptions  were  made;  (1)  the  existence  of  inherent  flaw  (i.e.,  damage  zone) 
at  the  tip  of  the  crack:,  (2)  a  fracture  of  the  filamentary  ocmposites  initiates  at  a 
crack  lying  in  the  matrix  material  at  the  interface  of  the  matriVfila™ent,  (3)  the 
laminate  fails  viienever  the  principal  load-carrying  laminae  fails.  This  third 
assurrption  iitplies  that  for  a  laminate  consisting  of  0°  plies,  cracks  into  matr^ 
poTpanHiraiiar  to  the  0°  filaments  are  the  triggering  mechanism  for  the  final  failure. 

pqctfd  on  this  theory,  a  parameter vMch  is  similar  to  the  stress  intei^ity 
factor  for  isotrcpic  materials  but  with  a^different  dimension  was  defined.  Utilizing 
existing  test  data,  it  was  found  that'T^  can  be  treated  as  a  material  constant. 

Based  on  this  finding  a  fracture  mechanics  analysis  methodology  was  developed. 

The  analytical  results  are  correlated  well  with  test  results.  This  new 
approximate  theory  can  ^jply  to  both  brittle  cind  metal  matrix  ccsiposite  laminates 
with  crack  or  hole. 


TNIRDDUCnOJ 

The  failure  modes  associated  with  fractures  in  fiber-reinforced  ocirposites 
differ  ccxisiderably  fron  those  of  homogeneous  isotrc^ic  materials.  The  failure  modes 
in  are  typically  in  the  forms  of  transverse  cracking,  delamination,  fiber 

breaks,  matrix  yielding,  matrix  cracking,  fiber  pull-out  and  fiber/matrix  debonding. 
As  a  result,  it  is  very  difficult  to  predict  the  fracture  behavior  of  cxmposite 
materials  exactly. 

In  the  past,  a  great  deal  of  effort  has  been  expended  to  investigate  the 
fracture  behavior  of  composites.  A  nxmiber  of  fracture  mechanic's  theori^  have  been 
proposed.  These  theories  have  been  reviewed  and  presented  extensively  in  References 
1  and  2. 

*  In  this  paper  a  microscxpic  theory  vMch  was  originally  proposed  by  Mar  and 
Lin^  has  been  modified  into  a  new  theory.  This  new  theory  links  the  inherent  flaw 
cx)nc^?“®,  vhich  postulates  that  a  damage  zone  exists  at  fee  tip  of  crack,  with  the 
theory  Of  crack  singularities  at  a  bi-material  interf aoe^“^^ .  This  combined  theory 
can  be  used  to  predict  the  notched  strength  of  organic  and  metal  matrix  composites 
with  either  a  crack  or  a  hole. 


♦This  paper  cites  references  1-20. 
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IHEICRY 


The  stress  distrihutic«i  at  the  crack  tip  in  a  thin  plate  for  a  hcmogeneous, 
isotropic  elastic  solid  in  terms  of  the  coordinates  shewn  in  Figure  1  is  given  by 
equation  (1) 


QL  -  9  -39 
Ox  ”  On  coSg  1  “  sin^  sin  ^ 


/aoV'^r  Q(,  ■  0  •  30 

oy  -  On  —  cos-  1  +  sin^  sin  ^ 


(ao\  T  .  9  0  30 

Txy-ON  ^  sin- cos^  cosy 


vAiere 


On  =  gross  nominal  stress 

For  an  orientation  directly  ahead  of  the  crack  (  .9  =  0) 


3^ 

Ox  -  Oy  -  On  y 


and  Txy  =■  0 


Irwin-*"^  pointed  out  that  equation  (1)  indicates  that  the  local  stresses  near  a 
crack  d^end  on  the  product  of  the  nominal  stress  and  the  square  root  of  the  half¬ 
flaw  length.  He  called  this  relationship  the  stress  intensity  factor  K,  vhere  for  a 
sharp  elastic  crack  in  an  infinitely  wide  plate,  K  is  defined  as 


K«ON\/ao 

In  the  approach  using  linear-elastic  fracture  mechanics  (lEFM) ,  K  is  a  material 
parameter  and  may  be  determined  from  tests. 


For  a  finite-width  plate,  equation  (3)  is  modified  to 


K-YonV^ 


Where  Y  is  a  parameter  that  d^)ends  cmi  the  plate  and  crack  geometry. 

To  develop  similar  ocaic^jt  for  composite  materials,  the  assumptions  of 
references  3,9  were  adepted  in  this  paper;  i.e.: 
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.  The  existence  of  an  inherent  flaw  (also  called  a  daitage  zone) 
at  the  edge  of  a  hole  or  at  the  tip  of  a  crack. 

.  Fracture  of  a  filamentary  coirposite  initiates  at  a  crack 
lying  in  the  matrix  material  at  the  interface  of  the 
matrb^filament. 

.  A  laminate  fcdls  vhenever  the  principal  load-carrying  laminae 
fails.  This  implies  that  cracks  in  the  matrix  perpendicular 
to  the  0°  filaments  are  the  triggering  mechanism  for  the 
final  failure. 

Based  on  the  above  assuirptions,  the  follcwing  theories  are  develcped: 

Using  the  same  concept  of  stress  intensity  factor  as  is  formulated  above  for 
isotrcpic  materials,  a  material  parameter  similar  to  K  is  defined  for  ccjiposite 
matericil  as 


— =  YoN(ao)^  (5) 

vhere  m  is  the  order  of  singularity  of  a  crack  vhose  tip  is  at  the  interface  of  two 
different  materials  as  shewn  in  Figure  2.  Calculations  for  determining  m  are 
presented  in  Reference  18. 

Note  that  K  has  a  different  dimension  frero  K.  (K  has  a  dimension  of  "stress 
times  length  to  the  1/2  power",  vhile  K  has  a  dimension  of  "stress  times  length  to 
the  m  pewer".) 

Althou^  scatie  ccsiposite  materials  (such  as  polymeric  matrix  ccitposites)  fail  in 
a  brittle  manner,  a  damage  zone  does  develop  vhich  is  analogous  to  the  plastic  zone 
for  ductile  materials.  Using  this  concept  in  conjunction  with  equation  (5)  yields: 


K  =  Y  On  (So  +  Co)^  (6) 

vhere  Cq  is  defined  cis  an  inherent  flaw  size.  The  term  inherent  flaw  size  is  used 
since  unnotched  strength,  ao  ,  of  a  cemposite  laminate  is  given  by  equation  (6)  for 
the  case  of  vanishing 


K  =  \oo  (Co)"’ 


(7) 


v^ere  is  the  correction  factor  for  infinite  plate. 

It  should  be  noted  that  Cq  does  not  physically  refer  to  an  inherent  crack,  but 
a  characteristic  dimension  of  damage  zone  at  the  tip  of  a  notch  or  crack  prior  to 
xiltimate  failure. 

The  question  we  may  ask  new  is  vhether^and  are  material  constants.  Before 
we  reach  a  conclusion,  certain  equations  are  helpful  in  answering  this  question. 
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Substituting  eqi^tion  (7)  into  equation  (6) ,  and  after  sonie  manipulations,  we 
obtain  the  following  iirportant  equaticHis  that  will  be  used  to  determine  parametefT^ 
Cq  and  notched  strength  of  cxmposite  laminates 


(8) 


K  -  a?  Yo  oo 


(9) 


On  ■> 

^‘7 


(10) 


or 


vhere 


Y 


_Y 


(11) 


In  the  following  sections,  K  will  be  called  the  equivalent  stress  intensity 
factor  for  composite  materials. 

ramisMiNAnai  of  equiyaient  stress  intensity  factor,  IT 

AND  INHERENT  FLAW  SIZE  Cq 

Reference  8  provides  extensive  fracture  test  data  of  boroiValuminum 
laminates  with  various  proportions  of  0°  and  -45°  plies.  Hence,  this  test  data  will 
be  used  to  characterize  the  fracture  behavior  of  boroiValuminum  composite  laminates. 
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EaiTVATFNT  STRESS  INrENSTTY  FACTOR.  K 


Frato  Reference  18,  the  order  of  stress  singularity  at  the  bororv/aluminuiti 
interface,  m  equals  to  .347.  Substituting  m  =  .347  in  equation  (9) ,  the  equivalent 
stress  intensity  factor  for  boroi^/aluminum  composite  laminate  with  center  cracJc  can 
be  written  as  follows: 


-.347 


1 


(12) 


Equation  (12)  is  used  to  characterize  the  critical  equivalent  stress  intensity 
factor  of  bororv/aluminum  laminates  with  various  layups. 

^  using  the  fracture  test  results  from  Reference  8,  equivalent  stress 
intensity  factors  were  calculated  from  equation  (12)  and  are  tabulated  on  Tables  1 
throu^  4  for  boron/aluminum  caiposite  with  laminate  constructions  [0]gm  [O2/-45]  , 

[-45/02]g  and  [0/-45]g  respectively.  Note  the  test  results  shown  in  T^les  I  to  4 
are  average  test  results  of  Reference  8.  As  shown  in  Tables  1  to  4,  TT values  seem  to 
be  a  material  prcperty  and  vary  with  different  laminate  orientotions.  TTvalues  are 
also  plotted  on  Figures  3  to  6.  is  the  average  value  of  K  from  all  the  crack 

sizes.  As  shown  in  the  figures, can  be  approximately  treated  as  a  TrwtArjai 
constant.  It  has  to  be  pointed  out  here  'thatT^yg  was  cfctained  by  averaging  three 
different  widths  of  plate.  For  w  =  101.  SramlT values  are  almost  the  same  for 
different  ratios. 

The  detailed  calculations  of  TTare  shown  in  Reference  18. 

The  above  tests  are  for  center  crack  specimens.  For  other  crack  types  and 
locations  the  calculated  equivalent  stress  intensity  factors  are  ^cwn  on  Table  5, 
and  are  obtained  from  Reference  18.  It  can  be  seen  that  T  for  these  unidirectional 
boron/aluminum  ccmposites  is  constant  for  different  crack  conditions.  The  reason  for 
the  sli^tly  different  K  as  compared  to  Table  1  is  due  to  a  different  value  of 
ultimate  tensile  strength. 
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INHERENT  FLAW  SIZE, 

TWO  methods  were  used  to  calculate  the  inherent  flaw  sizes  for  a  ccsiposite 
laminate  with  center  cracdc. 


Least  Square  Fit 

Equation  (8) ,  in  vhich  is  a  prc^rtional  constant,  can  be  rearranged  to  yield 


By  using  the  fracture  test  as  shown  in  Tables  1  to  4,  and  the  least  square 
fit,  Cq  for  various  laminate  constructions  are  determined  as  shown  in  Table  6. 

Average  Ecaiivalent  Stress  Intensity  Method 

Frtan  Equation  (7)  we  have 


Kavg  =  oo  (Co) 


m 


vhere  m  =  .347  for  boron/aluminum. 


(14) 


Ihe  inherent  flaw  size  can  be  derived  frcm  equation  (14)  as  follows: 


Co- 


^Kavg) 

.  j 


(15) 
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In  the  case  of  borcayaliiminum  oorrposite,  equation  (15)  becomes 


(16) 


The  inherent  flaw  sizes  for  various  laminate  constructions  were  calculated  using  this 
method  and  were  also  tabulated  on  Table  6. 


Vfe  pointed  out  earlier  that  does  not  physically  refer  to  an  inherent  crack, 
but  rather  to  a  characteristic  dimension  of  damage  zone  at  a  crack  tip,  prior  to 
fracture  failure.  Ocsiparing  the  dimension  of  with  respect  to  the  crack  size  of 
B/Al  specimens  as  ^cwn  in  Table  1  to  4,  it  is  clectr  that  cannot  be  neglected  in 
the  Ccilculations  of  equivalent  stress  intensity  factor.  The  significance  of  will 
be  further  discussed  later  in  this  paper. 

Equation  (7)  is  used  to  calculate  critical  equivalent  stress  intensity  factor 
based  on  the  determined  frcstn  least  square  fit  method.  These  values  are  also 
plotted  on  Figures  3  to  6  as  T^  o^.  It  can  be  seen  frcan  the  plots  that  there  is  not 
much  difference  betweeriT^p  andl^^  except  in  the  plot  for  the  [0/±45]g  laminates, 
vhere  thou^  there  is  a  greater  ^fference  between  andTj^pTl^yg  provides  a 
better  result.  For  this  reason  will  be  adopted  in  this  paper  aixi  will  be 
denoted  as'^. 


APPLICATIOJS 

Once  the  critical  equivalent  stress  intensity  f actor is  known,  the  fracture 
strength  of  the  ccaiposite  laminates  can  be  obtained  from  equations  (10)  and  (11) . 

From  equation  (11) ,  we  have  a  fracture  strength  prediction  formula  as  follows: 


(17) 

From  Equation  (17) ,  it  can  be  seen  that  the  larger  the  term  the 

lesser  the  notch  sensitivity  and  so  from  equation  (10) ,  we  can  conclude  that  the 
larger  the  inherent  flaw  size  (i.e.,  the  damage  zone  size),  C-,  the  lesser  the  notch 
sensitivity. 

In  the  follcwing  subsections,  the  theory  developed  here  is  used  to  predict  the 
fracture  strength  of  various  cotposite  laminates. 
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BOPOW/AIIMINUM  fB/Al)  OCMPOSITE 

Notched  Strength  Prediction 

For  B/Al  ccmposite  laminates,  m  =  .347  and  equation  (17)  becomes 


On 

oo 


Y 


^-2.88  ^..347 

ao| 


(18) 

v^ere  for  a  ccnposite  laminate  with  a  center  cracilc,  Y  is  assumed  to  be  the  same  as 
that  for  an  isotropic  material®. 


Y 


'/4 


For  convenience,  data  from  Tables  1  to  4  and  6  are  summarized  on  Table  7  to  be 
used  for  the  following  analysis.  Substituting  <Jq  and  Kq  from  Table  7  for  different 
ply  conditions  into  equation  (18)  values  foroN/<j_  can  be  obtained  for  various  crack 
sizes  and  are  tabulated  on  Column  7  of  Tables  1  to  4.  The  error  shown  on  Column  8  is 
defined  as  the  difference  between  calculated  results  and  test  results  divided  by  test 
results.  The  analytical  results  are  also  plotted  on  Figures  7  to  10. 

As  can  be  seen,  the  prediction  r^resents  the  experimental  results  reasonably 

well. 


Thel^  values  c±>tained  from  center  cracked  specimens  are  also  used  to  calculate 
the  strength  of  B/Al  specimens  with  center  holes.  Ccraparison  of  the  analytical 
results  and  test  results  are  ^own  in  Figures  11  to  13.  Figure  11  shows  excellent 
correlation  between  test  and  calculated  results  for  [0]g,p  laminates  with  c^ter 
holes,  viiile  in  Figure  12  and  13,  the  maximum  percentage  error  for  analytical  results 
is  around  13%.  The  detailed  calculations  are  in  reference  18.  This  confirms  the 
findings  of  reference  19  and  20  that  the  length  of  discontinuity  and  not  the  shape 
appeared  to  control  the  fracture  strength. 


Notch  Sensitivity  of  Boron/Aluminum  (B/Al)  Composite  Laminate 

The  test  data  in  Tables  1  to  4  are  plotted  on  Figures  14  to  16  for 

corrposite  lamiimte  of  various  widths  to  check  the  notched  sensitivity  of  B/Al 
caiposites.  It  is  cbvious  that  [-45/02]g  is  the  most  notch-sensitive,  vhile  [  0/^45  ]g 
is  the  least  sensitive  to  the  notch  size.  For  2a^  <.l  [0]g,p  is  more  sensitive  to 
the  notch  size  than  [02/-45]g.  For  2a^yW  >.l,  thea^j/oo  vs  Sa^/W  curve  for  [0]g,p  and 
[O2/-45]  laminates  are  almost  identical.  Tt^  trend  mentioned  above  can  be  detected 
by^using  a  parameter^^  defined  by  the  ratio  as  shewn  in  Table  7.  The  ranking 

of  various  laminate  configurations  for  theT^  oo  is  [0/-45]g,  [02/-45]g,  [0]g,p 

and  [-45/02]s  in  descending  order.  The  relative  values  of  show  a  similar  trend 

to  that  of  damage  zone  size,  C^. 
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It  can  be  concluded  that  the  larger  the  ratio  Kq/oo  (or  the  damage  zone  size 
Cq)  the  less  fracture  sensitivity  there  is  to  the  cra&  size. 

GRAfHITE/EPOXy  rCr/Eo)  OCMP06ITE 

Equation  (9)  is  used  to  characterize  theTu  for  Gr/E^)  conposites®.  Ihe 
detailed  calculations  are  shewn  in  reference  18.^  TC  for  various  ply  orientations  is 
plotted  as  shewn  in  Figur^  17  to  19.  It  can  be  seen  thatl^  for  Gr/Ep  carposites 
can  be  treated  as  a  material  constant.  Table  8  summarizes  the  characterization 
results  of  Gr/Ep  cenposite  laminates.  For  Thomel  300  gr^hite  fibers  in  Narmco  5208 
epojQ^  resin,  m  =  .297. 

Notched  Strenerth  Prediction  and  Notch  Sensitivity 
For  Gr/Ep  ccstposite  with  center  crack,  equation  (17)  beccroes 


On 

Oo 


1 

Y 


1  + 


,-3.367 

0  * 


(19) 

Substituting!^  andoo  from  Table  8,  into  e(^tion  (19) ,  the  fracture  strengths 
of  graphite/^XDjQT  for  various  laminate  constructions  can  be  obtained  and  are  plotted 
on  Figure  20.  Ihe  detailed  calculations  are  shewn  in  reference  18.  As  can  be  seen 
from  the  figure,  the  correlation  between  calculated  and  experimental  results  is  very 
good. 


It  can  also  be  seen  from  Figure  20  that  the  ratio  oo  (or  the  inherent  flaw 
size)  in  Table  8  can  be  used  as  a  notch  sensitivity  indicator.  Ihe  [0/90/-45] 
laminate  is  less  notch  sensitive  thaxi_the  [0/-45]g  and  [0/-45]2g  laminates  and^ 
accordingly  it  has  a  larger  ratio  of  Kg/cro(oJ^  C  )  than  the  otl^  two  laminates. 


OCMPARISCW  OF  ANALYTICAL  RESULTS  ANISOTROPIC  AND  NEW  APPROXIMATE  MPriFTS 


Composite  materials  made  by  combining  two  materials  with  different  elastic 
moduli  are  by  nature  anisotropic  in  the  gross  sense.  Ihe  anisotrcpic  model  for 
conposite  materials  is  to  assume  that  the  cemposite  is  a  homogeneous,  anisotropic 
solid.  For  an  anisotropic  fracture  m  =  .5.^'  inlying  the  inherent  flaw  concept^ 
for  an  anisotropic  mode  with  center  crack,  we  have 


Kq  ■  YoN^ao  +  Co^  ^ 


(20) 
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Kq  «  Go^Coj 


(21) 


Note  that  has  dimensions  different  frcm  that  of  and  is  the  inherent 
flaw  size  corresponding  to  an  anisotrcpic  model. 

Examining  equations  (20)  and  (21) ,  we  can  derive  the  follcwing  useful  equations 
for  an  anisotropic  model 


CS 


3o 


(C)  - ' 


(22) 


On 

oo 


1 

Y 


^ao  +  Coj 


(23) 


Kq  «  Oo 


(24) 

Equation  (22)  can  be  used  to  obtain  C*  vbile  equation  (23)  can  be  used  to 
predict  the  fracture  strength  of  composite  laminates. 

Figures  21  to  24  shew  the  comparison  of  calculated  results  between  the  new 
approximate  and  anisotropic  models.  It  is  clear  that  the  new  approximate  model 
predicts  better  results  than  the  anisotrcpic  model. 
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cmciusioie  AND  I®0CMME1CIATIC*1S 


aarcmsiajs 


.  Ihe  inethodology  developed  here  can  be  used  to  characterize  the 
fracture  tcu^iness  of  the  composite  laminates  ard  can  be  used  as  a 
design  tool  to  predict  the  fracture  strength  of  various  composite 
laminates. 


.  The  parameter  Kq  vMch  was  called  caritical  equivalent  stress 
intensity  factor  is  defined,  and  can  be  treated  as  a  material 
constant  for  various  composite  laminates. 


.  The  new  approximate  model  provides  better  results  than  those  of  the 
anisotrcpic  model. 


.  The  larger  the  ratio 
the  damage  tolerance. 


Oo 


(or  the  damage  zone  size,  C^, )  the  hi^er 


REOCMMENDATICXJS 


.  Further  verification  of  the  new  approximate  theory  with  test  results 
of  various  composite  materials  is  needed. 


.  Apply  "^e  theory  develcped  here  to  predict  the  fracture  strength  of 
composite  laminates  with  various  crack  angles. 


.  Develop  a  methodology  to  predict  the  inherent  flaw  size  at  the  crack 
tip  before  fracture. 
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Table  5.  Critical  Equivalent  Stress  Intensity  Factor  Of  Unidirectional  B/AI^  Composite. 


SPECIMEN  * 

2ao  2R 
—  or  — 
w  w 

Kavg  MPa  (mm)‘^^ 

CH 

.25 

1196.00 

CS 

.40 

1227.00 

DEN 

.30 

1214.00 

*  CH  -  CENTER  HOLE  SPECIMEN 
CS  -  CENTER  SLIT  SPECIMEN 
DEN  -  DOUBLE  EDGE  NOTCH  SPECIMEN 


Table  6.  Inherent  Flaw  Size,  Co  (mm). 


Least  Square  Fit 

Kavg  Method 

[0]6T 

.633 

.552 

[02/±45]s 

.593 

.641 

[±45/02]s 

.405 

.457 

[0/±45]s 

.976 

1.28 

Table  7.  Fracture  Parameters  For  Various  Laminate  Configurations  Of  B/AL 


Ply 

Configuration 

Oo 

(MPa) 

Kq 

MPa 

Kq 

Oo 

MPa 

[0]6T 

1672 

1360 

.81 

[02/±45]s 

800.1 

685.6 

.867 

[a:45/02]s 

910.5 

693.8 

.762 

.  [0/±45]s 

581.4 

633.5 

1.09 

Table  8.  Fracture  Parameters  For  Various  Laminate  Configurations  Of  Gr/Ep. 


Ply 

Configuration 

Oo 

(MPa) 

Kq 

MPa 

Kq 

Oo 

[0/3:45]2S 

541.0 

408.6 

.755 

[0/±45]s 

541.0 

393.5 

.727 

[0/90/3:45]s 

454.0 

437.7 

.964 

Figure  1 .  Model  For  Equations  For  Stresses  At  A  Point  Near  A  Crack. 


Figure  2.  Crack  Normal  To  The  Bi-Material  Interface  With  Inherent  Flaw,  C 


Figure  3,  Equivalent  Stress  Intensity  Factor  For  [OJer  B/AI  Composite. 
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Figure  4.  Equivalent  Stress  Intensity  Factor  For  [02/±45]s  B/AI  Composite. 
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Figure  5.  Equivalent  Stress  Intensity  Factor  For  [±45/02]s  B/AI  Composite. 
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Figure  6.  Equivalent  Stress  Intensity  Factor  For  [0/±451s  B/AI  Composite. 
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w  =  51 


D  w  =  51mm 


Figure  12.  Notched  Strength  Prediction  for  B/AI  |02/i45Is  Composites  With  Center  Hole. 
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Figure  13.  Moiched  Strength  Prediction  For  B/A!  [0'i481s  Composite  With  Center  Hole. 
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Figure  14.  Notch  Sensitivities  For  Various  B/AI  Laminate  Orientations  (v/  =  19.1mm). 
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Figure  19.  Kq  For  Gr/Ep  With  Ply  Orientation  |0/90/±45Js. 
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Figure  20.  Notch  Strength  And  Notch  Sensitivities  For  Vanous  Gr/Ep  Laminate  Orientations. 


Figure  21.  Comparison  Of  Analytical  Results  Between  Anisotropic  And  New  Approximate  Models  B/Al  (Oj^j 


Figure  22.  Comparison  Of  Analytical  Results  Between  Anisotropic  And  New  Approximate  Models  B/Al  (02/±45) 
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Figure  23.  Comparison  Of  Analytical  Results  Between  Anisotropic  And  New  Approximate  Models  B/Al  (±45/02)s 
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Figure  24.  Comparison  Of  Analytical  Results  Between  Anisotropic  And  New  Approximate  Models  B/Al  (0/ ±45)$ 
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COMPUTATIONAL  SIMULATION  OF  STRUCTURAL  FRACTURE  IN  FIBER  COMPOSITES 
C.  C.  Chamis^  and  P.  L.  N.  Murthy^ 

NASA  Lewis  Research  Center 


ABSTRACT 

A  methodology  has  been  developed  for  the  computational  simulation  of  structural 
fracture  in  fiber  composites.  This  methodology  consists  of  step-by-step  procedures 
for  mixed  mode  fracture  in  generic  components  and  of  an  integrated  computer  code 
CODSTRAN  (Composite  Durability  Structural  Analysis) .  The  generic  types  of  composite 
structural  fracture  include:  (1)  single  and  combined  mode  fracture  in  beams, 

(2)  laminate  free -edge  delamination  fracture,  and  (3)  laminate  center  flaw  progres¬ 
sive  fracture.  Structural  fracture  is  assessed  in  one  or  all  of  the  following: 

(1)  the  displacements  Increase  very  rapidly,  (2)  the  frequencies  decrease  very 
rapidly,  (3)  the  buckling  loads  decrease  very  rapidly,  or  (4)  the  strain  energy 
release  rate  increases  very  rapidly.  These  rapid  changes  are  herein  assumed  to 
denote  imminent  structural  fracture.  Based  on  these  rapid  changes,  parameters/guide¬ 
lines  are  identified  which  can  be  used  as  criteria  for  (1)  structural  fracture, 

(2)  inspection  intervals,  and  (3)  retirement  for  cause. 

INTRODUCTION 

It  is  generally  accepted  that  flawed  structures  fail  when  the  flaws  grow  or 
coalesce  to  a  critical  dimension  such  that  (1)  the  structure  cannot  safely  perform  as 
designed  and  qualified  or  ((2)  catastrophic  fracture  is  imminent.  This  is  true  for 
structures  made  from  traditional  homogeneous  materials  or  fiber  composites.  The 
difference  between  fiber  composites  and  traditional  materials  is  that  composites  have 
multiple  fracture  modes  that  initiate  local  flaws  compared  to  only  a  few  for  tradi¬ 
tional  materials.  Any  predictive  approach  to  simulate  structural  fracture  in  fiber 
composites  needs  to  formally  quantify  (1)  these  multiple  fracture  modes,  (2)  the 
types  of  flaws  they  initiate,  and  (3)  the  coalescing  and  propagation  of  these  flaws 
to  critical  dimensions  for  imminent  structure  fracture. 

One  of  the  ongoing  research  activities  at  NASA  Lewis  Research  Center  is 
directed  toward  the  development  of  a  methodology  for  the  ''computational  simulation  of 
structural  fracture  in  fiber  composites."  A  part  of  this  methodology  consists  of 
step-by-step  procedures  to  simulate  individual  and  mixed  mode  fracture  in  a  variety 
of  generic  composite  components.  Another  part  has  been  incorporated  into  an 
integrated  computer  code  identified  as  CODSTRAN  for  Composite  Durability  Structural 
Analysis.  The  objective  of  the  proposed  paper  is  to  describe  the  fundamental  aspects 
of  this  methodology  and  to  illustrate  its  application  to  a  variety  of  generic 
composite  structures. 

The  generic  types  of  composite  structural  fracture  include  (1)  single  and 
combined  mode  fracture  in  beams,  (2)  laminate  free-edge  delaraination  fracture,  and 

(3)  laminate  center  flaw  progressive  fracture.  Structural  fracture  is  assessed  in 
one  or  all  of  the  following:  (1)  the  displacements  increase  very  rapidly, 

(2)  the  frequencies  decrease  very  rapidly,  (3)  the  buckling  loads  decrease  very 
rapidly,  or  (4)  the  strain  energy  release  rate  increases  very  rapidly.  These  rapid 
changes  are  herein  assumed  to  denote  imminent  structural  fracture.  Based  on  these 
rapid  changes,  parameters/guidelines  are  identified  which  can  be  used  as  criteria  for 
(1)  structural  fracture,  (2)  inspection  intervals,  and  (3)  retirement  for  cause. 
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In  the  present  study,  computational  simulation  is  defined  in  a  specific  way. 
Also  general  remarks  are  included  with  respect  to  (1)  generalization  of  the  procedure 
to  large  structures  and/or  structural  systems,  (2)  lessons  learned  about  conducting 
such  a  long  duration  research  activity,  and  (3)  research  needs  in  order  to  increase 
its  computational  efficiency,  gain  confidence,  and  expedite  its  application. 

COMPUTATIONAL  S IMULATION > DEFINITION 

During  the  course  of  this  research  activity  computational  simulation  has 
evolved  to  have  a  specific  means  which  is  defined  as  follows : 

"Description  and  quantification  of  the  physics  by  progressive/multiple 
application  of  elementary  math  models,  which  are  derivable  from  fundamental 
concepts,  through  the  use  of  computers  to  obtain  the  desired  structural 
response  with  acceptable  engineering  accuracy." 

In  the  context  of  the  above  definition,  computational  simulation  is  not 

1.  Applied  Mathematics 

2.  Approximate  Analysis 

3.  Numerical  Analysis 

4.  Numerical  Testbed 

5.  Solution  Algorithm 

However,  it  may  include  some  or  all  of  the  above,  plus  many  others. 

END -NOTCH  BEAM  FRACTURE 

In  this  section  we  describe  the  application  of  the  Structural  Fracture  concept 
to  beams  with  end  notches.  Specifically,  we  describe  Structural  Fracture  dominated 
by:  (1)  Mode  I,  (2)  Mode  II,  (3)  combined  Modes  I  and  11,  and  (4)  combined  Modes  I, 

II,  and  III.  The  general  procedure  for  the  computational  simulation  of  structural 
fracture  for  beams  with  these  types  of  fracture  modes  are  summarized  in  figure  1. 

This  general  procedure  is  complemented  with  progressive  substructuring  as  was  already 
mentioned  and  as  will  be  described  in  some  detail  later  for  clarification  purposes . 

Mode  1  -  A  schematic  depicting  the  strain-energy  release  rate  (SERR)  in  a 
double  cantilever  is  shown  in  figure  2.  Two  curves  are  shown  in  this  figure: 

(1)  the  solid  line  for  global  is  determined  using  the  displacement  under  the  loads, 
and  (2)  the  local  is  determined  by  a  clack  closure  technique.  Structural  Fracture  is 
imminent  when  the  crack  length  progresses  to  about  1.15  inch.  This  length  is 
determined  by  the  intercept  of  the  tangent  to  the  rapidly  increasing  portion  of  the 
SERR  curve.  The  important  observation  is  that  the  general  concept  is  applicable  to 
even  this  relatively  simple  structure. 

Mode  II  -  A  schematic  of  the  end-notches  inducing  Mode  II  and  combined  Modes  I 
and  II  is  shown  in  figure  3.  Schematics  of  the  finite  element  model  and  the  local 
progressive  substructuring  are  shown  in  figures  4  and  5  respectively .  The  details  are 
described  in  reference  1.  Typical  results  obtained  for  Mode  II  are  shown  in  figure  6 
where  the  measured  range  is  also  shown.  The  crack  length  for  imminent  structure 
fracture  is  about  1.18  inches  based  on  the  global  SERR  curve. 

Three  points  are  worth  noting: 

1.  Mode  II  fracture  exhibited  some  stable  growth 

2.  The  local  approach  predicts  optimistic  results  relative  to  "critical"  crack 
length  but  pessimistic  results  relative  to  the  critical  SERR  magnitude. 

3.  The  "critical"  parameters  (a  and  G)  are  within  the  measured  range. 

The  important  observation  is  that  the  computational  simulation  procedure  captures  the 
whole  history  of  the  process  which  leads  to  structural  fracture  induced  by  Mode  II 
fracture . 
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Combined  Modes  I  and  II  -  Typical  results  for  combined  modes  I  and  II  fracture 
in  end  notch  beams  are  shown  in  figure  7.  Structural  fracture  is  imminent  when  the 
crack  length  progresses  to  about  1.14  inches  (global  SERR  curve).  The  local  curve, 
again,  predicts  optimistic  magnitudes  for  critical  crack  length  but  pessimistic 
magnitudes  for  the  critical  SERR. 

The  decomposition  to  Modes  I  and  II  is  also  shown.  These  curves  were  deter¬ 
mined  using  the  local  closure  technique  (ref.  1).  Interestingly,  structural  fracture 
for  this  condition  is  driven  by  Mode  I.  Also,  the  curves  for  Modes  I  and  II  resemble 
their  respective  independent  parts  in  figures  2  and  6.  Furthermore,  superposition  of 
Modes  I  and  II  appears  to  apply  to  the  local  mixed  mode  curve  but  not  to  the  global 
curve.  The  important  observation  is  that  structural  fracture  in  beams  subjected  to 
combined  (mixed)  modes  I  and  II  fracture  can  be  computationally  simulated  and  the 
respective  "critical''  parameters  quantified. 

Mixed  Modes  I.  II.  and  III  -  The  schematic  used  to  computationally  simulate 
structural  fracture  in  beams  subjected  to  mixed  modes  I,  II,  and  III  fracture  is 
illustrated  in  figure  8.  An  enlargement  of  the  regions  modeled  in  the  vicinity  of 
the  crack  tip  is  shown  in  figure  9.  The  details  are  described  in  reference  2, 

Typical  results  of  SERR  versus  crack  length  for  various  uns3rmmetric  laminate  angles 
are  shown  in  figure  10.  The  important  observation  to  be  made  is  that  the  Mode  III 
contribution  to  structural  fracture  is  relatively  insignificant  compared  to  the  other 
two.  Also,  use  of  the  global  SERR  is  inclusive  of  the  individual  modes  as  well  as 
any  influences  of  integrated  structural  effects .  The  influences  of  integrated 
structural  effects  are  not  easily  or,  even  at  all,  captured  by  local  crack-closure 
techniques . 

Collectively  the  four  different  types  of  structural  fracture  described 
demonstrate  that 

1.  Structural  fracture  can  be  computationally  simulated  with  respect  to 

2.  Its  history  from  initiation  to  the  onset  of  rapid  (unstable)propagation 
described. 

3.  Its  critical  parameters  (for  imminent  rapid  propagation)  quantified 

4.  The  predominant  fracture  modes  that  drive  it  identified. 

The  very  important  point  to  be  noted  is  that  all  of  the  above  were  obtained  without 
resorting  to  any  of  the  experiments  that  are  usually  required  in  traditional 
fracture  mechanics . 


LAMINATE  FREE -EDGE  DELAMINATION  FRACTURE 

In  this  section  we  summarize  the  application  of  the  structural  fracture  to 
components  subjected  to  free -edge  delaminations.  Specifically,  we  describe  the 
following  types  of  delaminations:  center,  pocket,  and  internal.  Detailed  descrip¬ 
tions  on  the  simulation  procedural  steps  are  given  in  references  3  and  4.  Also  the 
effects  of  delamination  on  buckling  will  be  briefly  described.  A  schematic  illus¬ 
trating  the  origin  of  the  interlaminar  free  edges  that  induce  free -edge  delamination 
is  shown  in  figure  11.  A  typical  simulation  result  is  shown  in  figure  12  where  the 
global  strain  energy  release  rate  (SERR)  is  plotted  versus  percent  area  delaminated. 
Although  the  SERR  initially  rises  very  rapidly,  it  levels  off  by  the  10  percent 
delamination  and  settles  into  a  stable  delamination  growth  up  to  70  percent. 

Center  Delamination  -  A  photograph  of  a  C-scan  of  a  laboratory  specimen  with 
edge  delamination  and  a  schematic  of  its  corresponding  one  obtained  by  computational 
simulation  are  shown  in  figure  13.  The  corresponding  SERR  for  three  different 
composite  systems  is  shown  in  figure  14.  The  behavior  of  all  three  curves  in  figure 
14  is  similar  to  that  in  figure  12  -  early  rapid  rise  followed  by  subsequent  stable 
growth . 
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The  observations  to  be  made  are  (1)  free  edge  delamination  in  the  presence  of 

in-plane  loads  is  benign;  (2)  different  materials  can  be  readily  evaluated  with 

respect  to  their  structural  fracture  resistance;  and  (3)  substantial  area  may 
delaminate  simultaneously  with  no  change  in  the  in-plane  stress  states. 

Pocket  Delaminations  -  These  delaminations  are  believed  to  occur  as  follows: 
first,  transply  splits  develop  simultaneously  at  several  places  along  the  free  edge; 
second,  local  delaminations  develop  in  the  vicinity  of  these  splits  due  to  high  local 
stresses.  These  local  delaminations  are  called,  herein,  pocket  delaminations.  Upon 
subsequent  loading,  these  pocket  delaminations  merge  to  center  delaminations. 

Computational  simulation  results  for  these  types  of  delaminations  are  shown  in 
figure  15  for  three  different  composite  systems.  The  merging  of  pocket  delaminations 

to  center  delamination  is  identified  by  the  "jump''  in  the  SERR  curve  followed  by  a 

rapid  decrease  and  subsequent  stable  growth  similar  to  that  for  center  delamination 
in  the  previous  section.  The  important  observation  is  that  computational  simulation 
captures  the  progression  of  this  complex  delamination.  The  "jump"  and  subsequent 
"rapid  decrease"  can  be  used  to  guide  strategic  experiments  to  verify  this  sequence 
of  events.  They  can  also  be  used  to  interpret  "stick-slip"  type  of  progressive 
fracture  prevalent  in  adhesively  bonded  joints. 

Interior/Center  Delamination  -  These  types  of  delaminations  may  result  from 
lack  of  bonding  during  fabrication;  or  they  may  occur  as  a  result  of  inadvertent 
damage.  Their  growth  to  imminent  structural  fracture  can  be  computationally  simu¬ 
lated  as  the  other  types  of  delaminations.  Results  from  these  types  of  simulations 
for  in-plane  tensile  stress  are  shown  in  figure  16.  As  can  be  seen,  their  influence 
is  negligible  until  large  areas  (greater  than  50  percent)  have  delaminated, 
whereupon  the  delaminations  have  reached  the  free  edges.  From  here  on,  it  behaves 
like  a  center-edge  delamination. 

The  very  important  point  to  be  noted  is  that  internal  delaminations  are  benign 
in-plane  tensile  stress  fields. 

Delamination  Effects  on  Structural  Response  -  The  delamination  effects  on 
structural  response  can  be  computationally  simulated  as  descried  in  reference  A. 
Typical  results  for  the  effects  of  center- edge  delamination  on  buckling  load  are 
shown  in  figure  17  for  three  different  composite  systems.  The  decrease  in  buckling 
load  appears  to  be  linear  and  is  relatively  small  (about  20  percent  for  7-  percent 
delaminated  area) .  The  observation  to  be  made  is  that  local  delaminations  have 
negligible  effect  on  buckling  loads.  Although  results  are  now  shown  here,  internal/- 
embedded  delaminations  have  even  less  effect.  The  same  observations  hold  for 
delamination  effects  on  vibration  frequencies. 

CENTER- FLAW  PROGRESS  FRACTURE 

Flaws  in  plate/shell  type  structures  propagate  to  critical  sizes  for  imminent 
structural  fracture.  Research  activities  on  progressive  composite  fracture  at  Lewis 
during  the  last  ten  years  have  culminated  in  the  development  of  the  CODSTRAN  computer 
code  (ref.  1).  CODSTRAN  (Composite  Durability  Structural  Analysis)  has  been 
specifically  developed  for  the  computational  simulation  of  progressive  fracture  in 
fiber  composites  (refs.  5,  6,  and  7).  The  modules  comprising  CODSTRAN  are  (1)  the 
executive  module,  containing  communication  links  to  all  other  modules;  (2)  the  I/O 
module;  (3)  the  Analysis  module;  (4)  The  Composite  Mechanics  module;  and  (5)  the 
Fracture  Mechanics  module. 

A  schematic  showing  the  logic  of  the  code,  with  an  analysis  model  and  typical 
results  is  shown  in  figure  18.  The  code  tracks  the  damage  growth  flaw  propagation  up 
to  structural  fracture.  Simulation  of  progressive  fracture  for  different  flaw  types 
is  shown  in  figure  18,  and  for  different  loading  conditions  in  figure  19.  The 
structural  degradation  in  terms  of  vibration  frequencies  and  buckling  load  is  shown 
in  figure  20.  The  collective  results  from  figures  18  to  20  demonstrate  that 
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progressive  fracture  in  composites  can  be  computationally  simulated:  (1)  to  any 
level  of  detail,  (2)  for  any  loading  condition,  and  (3)  for  any  structural  response, 

GENERAL  REMARKS 

Based  on  the  continuing  research  effort  described,  some  general  remarks  are 
appropriate.  These  remarks  include  (1)  generalization,  (2)  lessons  learned,  and 
(3)  research  needs. 

Generalization  -  The  procedures  described  previously  can  be  generalized  for 
structural  fracture  in  composites  as  follows: 

1.  Develop  global  structural/stress  analysis  model 

2.  Apply  specified  loading  conditions 

3.  Identify  hot  spots  for  these  loading  conditions 

4.  Introduce  flaws  in  the  hot  spots 

5.  With  specified  loads  on  the  global  model  propagate  flaws 

6.  Monitor  structural  performance  degradation  (displacement,  buckling  loads, 
frequencies)  versus  flaw  propagation 

7.  Identify  flaw  size  for  unacceptable  performance  degradation  level 

8.  Set  qualification,  inspection  intervals,  and  retirement- for-cause  criteria 
based  on  the  simulated  history  of  structural  performance  degradation  versus 
flaw  propagation. 

Lessons  Learned  -  The  lessons  learned  during  this  rather  extensive  research 
effort  are 

1.  Continuity  in  research  activity 

2.  Participants'  composite  knowledge  in 

(i)  Structural  mechanics  principles 

(ii)  Finite  element  analysis 

(iii)  Composite  mechanics 

(iv)  Fracture  mechanics  concepts 

3.  Participants  willing  to  question  traditional  approaches 

4.  Participants  willing  to  adopt/invent  new  approaches 

5.  Continuing  and  unwavering  management  support 

6.  Availability  of  computer  facilities  and  supporting  personnel 

Research  Needs  -  Assuming  the  state-of-the-art  on  composite  structural  fracture 
is  as  described  herein,  the  authors  consider  the  following  as  near-future  research 
needs : 

1.  Incorporation  of  uncertainties 

2.  Development  of  specialty:  (1)  finite  elements,  (2)  boundary  elements,  (3) 
functions  all  of  which  include  local  details  and  capable  of  capturing  steep 
gradients 

3.  Efficient  self-adaptive  global/multilocal  scale  methods 

4.  Time  dependence 

5.  Formulation/programming  for  parallel  processors 

6.  Adaptation  to  smart  structures  and  health  monitoring  systems 

CONCLUSIONS 

Based  on  the  results  of  the  research  on  computational  simulation  for  structural 
fracture  in  composite  the  following  conclusions  are  made: 

1.  Computational  simulation  of  structural  fracture  in  composite  structures  is 
ready  for  extension  to  wide  use  applications 

2.  Reluctance  to  adopt  it  is  natural  because  of 

(i)  Unfamiliarity 

(ii)  Attachment  to  traditional  approaches 
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3, 


Reluctance  can  be  overcome  by 

(i)  Education 

(ii)  Using  it  first  in  parallel  with  traditional  approaches 

(iii)  Make  it  a  specification  requirement  by  the  procuring  agencies 
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ABSTRACT 


Structural  scaling  is  being  investigated  using  graphite/epoxy  Z-section  stiffeners 
loaded  in  compression.  Sections  of  various  web,  flange  and  web-to-flange  comer  radii 
dimensions  are  being  considered.  Initial  local  buckling  loads  and  modes  have  been 
determined  analytically,  numerically  and  by  experiment.  A  normalizing  parameter  has  been 
developed  for  initial  buckling  data.  Postbuckling  behavior  has  been  evaluated  numerically 
and  experimentally.  The  nature  of  the  load  redistribution  following  buckling  is  a  key  factor 
in  relating  the  response  of  the  various  section  sizes.  Additional  experiments  and  the 
development  of  scaling  parameters  for  postbuckling  and  crippling  are  underway. 


*  Graduate  student 
**  Professor 


1  INTRODUCTION 

Much  progress  has  been  made  in  the  fabrication  and  introduction  of  advanced 
composite  components  in  primary  aircraft  stmctures.  This  has  involved  the  production  of 
costly  prototypes  and  large  scale  experimental  verification  of  certain  design  concepts.  The 
development  of  scaling  parameters  for  specific  modes  of  the  structural  response  of 
composite  components  would  greatly  streamline  this  procedure,  and  allow  significant  cost 
savings  by  permitting  simplified  small  scale  experimental  programs  to  be  performed. 

General  scaling  laws  for  structural  composites  are  not  available.  Principles  of 
similitude  offer  general  guidelines,  and  have  been  applied  to  composites  [1]  for  impact 
response.  These  principles  of  similitude  lead  to  the  conclusion  that  compromises  are 
required  and  that  progress  can  be  made  by  developing  scaling  laws  and  parameters 
appropriate  to  a  specific  problem. 

The  present  study  takes  a  graphite/epoxy  composite  Z-section  stiffener  as  a 
representative  stmctural  member  and  investigates  the  effects  of  varying  the  relative  and 
absolute  values  of  the  various  geometric  parameters  upon  the  initial  buckling,  postbuckling 
and  crippling  behavior. 


2.  THEORETICAL  CONSIDERATIONS 

One  approach  to  the  scaling  problem  is  simply  to  derive  appropriate  governing 
equations  in  nondimensional  form.  This  provides,  directly,  nondimensional  groups  or 
parameters  for  design  and  testing  for  the  presence  of  size  or  scaling  effects.  Individual 
terms  in  the  nondimensional  groups  can  be  varied  in  any  way  provided  the  nondimensional 
group  itself  remains  unchanged  in  value,  and  the  same  response  will  be  obtained.  This,  of 
course,  requires  the  analytical  model  to  be  complete. 

For  a  composite  Z-section  stiffener  subjected  to  axial  loading  an  analysis  is 
available  for  the  case  of  sharp  or  zero  radius  comers.  This  is  based  on  a  classical  model  of 
local  buckling  of  plate  elements  due  to  Bulson  [2].  This  was  further  extended  by  Lee  [3]  to 
include  the  case  of  sections  comprised  of  single  layer  orthotropic  plates.  The  governing 
equation  for  such  a  plate  element  may  be  written  as 


d  w 

Dll - -I-  2(Di2  +  2D66) 

dx^ 


d‘*w  _  d'^w  d^w 

- +  D22 - +  P  —  =  0, 

dx^dy^  dy^  dx^ 
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where  Dij  (i,  j  =  1,  2, 6)  are  the  orthotropic  plate  bending  stiffnesses,  w  is  the  out-of-plane 
deflection,  x  and  y  are  in-plane  coordinates,  and  P  is  the  axial  load  per  unit  of  width.  The 


usual  method  of  determining  the  buckling  load  consists  of  assuming  a  displacement 
function  representing  the  buckled  form; 


w  =  f(y)  sin  fflSx ,  where  a  is  the  plate  length. 

di 

This  function  is  substituted  into  the  governing  equation  to  obtain  a  fourth  order  ordinary 
differential  equation  for  w  in  terms  of  y.  For  a  section  consisting  of  connected  plates  the 
differential  equation  is  solved  to  form  expressions  for  the  end  restraining  moment  in  terms 
of  the  rotation.  Equilibrium  and  compatibility  conditions  are  applied  at  plate  junctions  to 
obtain  for  the  Z- section,  for  example. 


F(SS-symmetric) 

-f 

■  F(SS-free)  ' 

_F(clamped-symmetric) 

web  Bf 

1 

1 

3 

flange 


=  0,  where 


each  function  F  is  the  'characteristic  equation'  for  a  plate  element  under  the  indicated 
boundary  conditions  on  the  longitudinal  edges,  SS  refers  to  a  simply-supported  boundary, 
symmetric  refers  to  the  plate  edge  being  in  a  plane  of  symmetry,  and  Bf  and  refer  to  the 
flange  and  web  widths,  respectively.  Each  characteristic  equation  represents  the  expanded 
determinant  of  the  coefficient  matrix  formed  by  application  of  the  indicated  boundaiy 
conditions  to  the  general  expression  for  the  out-of-plane  deflection. 

For  the  present  work,  it  is  necessary  to  modify  the  above  solution  by  removing  the 
condition  D12  =  vi2D22>  which  was  used  by  Lee.  This  equality  is  not  generally  valid  for 
the  case  of  multi-layered  composites.  The  result  of  the  current  analysis  is  the  local  buckling 
stress  resultant  Nx  for  the  composite  Z-section,  and  the  nondimensional  group 

NxB^ 

VDii  D22  . 

This  analysis  is  restricted  to  the  case  of  zero  comer  radius,  as  noted  above,  and  also 
neglects  the  effect  of  D16  and  D26,  since  these  terms  represent  coefficients  of  odd 
derivatives  of  w  which  would  preclude  use  of  the  assumed  separable  form  of  the  deflection 
function.  Also  this  solution  is  applicable  only  to  initial  buckling. 

For  a  more  general  treatment  of  the  case  of  practical  composite  sections  a  numerical 
treatment  is  needed.  The  ABAQUS  finite  element  code  has  the  general  capability  of 
handling  buckling  and  postbuckling  of  composite  stmctures.  This  code  was  used  to  refine 
the  analysis  model  to  account  for  the  presence  of  the  finite  comer  radius,  which  represents 


a  key  variable  in  this  work  and  to  extend  the  analysis  through  the  postbuckling  regime 
until  crippling. 

The  finite  elonent  analysis  was  based  on  the  following  material  properties,  which 
are  typical  of  theAS4/3502  graphite/epoxy  system: 

-  Ell  =  18.5  Msi,  E22  =1.64Msi,  Gi2  =  0.87Msi,  vi2  =  0.30. 
Nine-node  shell  elements  with  5  to  6  degrees  of  freedom  per  node  were  used  to  define  the 
model.  A  typical  mesh  which  contains  160  elements  is  shown  in  Figure  [1].  The  case  of 
zero  comer  radius  was  also  modelled  to  allow  comparison  with  the  analytical  solution. 

The  first  phase  of  the  finite  element  calculations  provided  buckling  loads  and 
corresponding  modes.  For  postbuckling  studies,  the  perfectly  flat  elements  of  the  model 
were  perturbed  by  the  addition  of  buckling  displacements  corresponding  to  the  first  two 
modes,  normalized  such  that  the  maximum  buckling  displacement  was  one  tenth  of  the 
laminate  thickness.  The  postbuckling  analyses  were  carried  out  until  the  largest  local  strain 
exceeded  one  percent. 

3.  EXPERIMENTAL  PROGRAM 

The  analytical  and  numerical  studies  were  used  to  define  an  experimental  program 
aimed  at  determining  the  relative  importance  of  the  flange-to-web  and  comer  radius-to- 
flange  or  web  width  ratios  relative  to  initial  buckling,  postbuckling  and  crippling  behavior 
of  the  composite  Z-sections. 

Previous  studies  [4,5]  used  AS4/3502  graphite/epoxy  Z-sections  with  the  stacking 
sequence  [+45/-45/0/90]s,  a  web  size  of  1.25  in.,  flanges  of  1.25  and  0.75  in.  and  comer 
radii  of  0.125  and  0.25  in.  These  studies  provided  material  around  which  the  current 
program  was  designed.  Table  1  summarizes  the  geometries  chosen  for  this  study.  These 
consist  of  the  core  program  based  on  a  web  of  1 .25  in.,  with  flanges  varying  from  0.50  to 
1.25  in.  and  comer  radii  of  0.125  and  0.25  in.,  (see  Figure  [2]  for  the  convention  used  to 
define  these  dimensions),  and  various  sections  based  on  web  sizes  of  1.75  and  0.75  in. 
Currently,  experimental  results  are  available  only  from  the  core  program.  Note  that  the 
lengths  were  chosen  to  ensure  that  local  rather  than  global  buckling  would  occur. 

The  ends  of  the  cut  sections  were  potted  in  filled  epoxy  within  steel  rings  to  prevent 
end  brooming  and  to  promote  uniform  load  introduction.  The  potted  ends  were  machined 
flat  and  parallel  in  preparation  for  loading  in  compression  between  the  platens  of  a  60,000 
lb  Tinius-Olsen  Testing  Machine. 

Electric  resistance  strain  gages  were  placed  at  the  numerically  predicted  wave  crest 
positions  at  flange,  web  and  comer  locations,  front  and  back.  These  gages  allowed 
investigation  of  the  load  redistribution  when  one  of  more  of  these  elements  buckled.  A 


376 


typical  strain  gage  pattern  is  shown  in  Figure  [3].  Displacement  transducers  were  applied 
to  monitor  the  end  shortening  and  out-of-plane  displacement  Typically  seven  such 
transducers  were  used.  Shadow  moire  was  also  employed  on  one  flange.  Shadow  moire 
is  an  optical  technique  which  yields  contour  maps  of  out-of-plane  displacement  These 
fringe  patterns  provided  a  convenient  means  of  detecting  the  onset  of  flange  buckling  and 
identifying  the  modes,  which  were  observed  to  change  in  some  cases  during  postbuckling. 
Still  photography  and  video  recording  were  also  used  during  specimen  testing.  Specimens 
were  loaded  at  a  rate  of  1200  lbs  per  minute  under  machine  control  until  buckling,  and 
thereafter  at  a  manually  controlled  rate  of  approximately  500  lbs  per  minute  until  final 
failure. 

4.  EXPERIMENTAL  RESULTS 

The  instrumented  buckling  experiments  produced  a  large  amount  of  data  with  which 
to  determine  the  initial  buckling  loads  and  to  follow  the  load  redistribution  through 
postbuckling  until  failure.  Load-end  shortening  curves  are  readily  obtained  in  the 
experiment.  Such  curves,  normalized  with  respect  to  nominal  cross-sectional  area  and 
equivalent  longitudinal  elastic  modulus,  are  shown  in  Figure  [4]  for  a  range  of  flange  sizes 
and  a  comer  radius  of  0. 125  in.  These  data  fall  on  a  single  line  at  low  loads,  representing  a 
common  prebuckling  axial  stiffness.  Departure  from  this  straight  line  is  indicative  of  the 
onset  of  buckling.  It  is  observed  that  the  larger  the  flange  size,  the  lower  the  normalized 
buckling  load  and  the  greater  the  postbuckling  regime.  Note  that  the  curves  are  terminated 
at  the  maximum  experimental  loads. 

The  strain  gages  allowed  point  by  point  measurements  at  locations  which  were 
predicted  to  correspond  to  crests  in  the  waves  of  the  buckled  shape  based  on  the  numerical 
calculations.  The  back-to-back  arrangement  provided  a  means  for  determining  membrane 
and  bending  components  of  strain  at  given  points.  Generally,  the  strain  gages  indicated  the 
presence  of  bending  at  loads  which  were  well  below  the  local  buckling  loads  estimated 
from  Figure  [4],  and  fix)m  the  shadow  moire  observations.  Therefore,  instead  of  being 
used  as  a  primary  means  of  determining  when  buckling  occurred,  the  strain  gages  were 
more  useful  for  following  the  load  redistribution  as  the  flanges  and  web  buckled,  thereby 
shedding  load  onto  the  comer  regions.  Figures  [5a,b]  show  typical  membrane  and  bending 
components  of  strain  as  a  function  of  flange  size  across  a  developed  cross-section  at  loads 
of  1.2  times  buckling,  and  0.98  times  the  ultimate  load,  respectively.  Figure  [6]  presents  a 
similar  membrane  and  bending  strain  distribution  illustrating  the  effect  of  comer  radius  at  a 
load  of  1.2  times  the  buckling  load.  Note  that  the  lines  connecting  the  point- wise  data  are 
provided  only  for  clarity. 


S  DTSCUSSION 
5.1  Initial  Buckling 

A  comparison  of  the  local  buckling  loads  is  presented  in  Table  2.  This  table 
includes  values  determined  from  the  analytical  model  which  did  not  include  the  finite  comer 
radius,  experimental  values  from  load-end  shortening  data  and  shadow  moire,  and  linear 
and  nonlinear  finite  element  models.  General  agreement  between  all  estimates  of  initial 
buckling  is  good.  The  maximum  error  of  any  estimate  compared  to  experimental  values 
from  load-end  shortening  data  is  12  percent,  with  typical  values  being  5  to  10  percent. 

Even  the  analytical  solution  provides  good  approximations  to  the  experiments  on  finite 
comer  radius  sections.  The  analytical  solution  and  the  finite  element  model  with  a  zero 
comer  radius  agree  to  within  4  percent.  The  results  are  grouped  by  comer  radius.  The 
numerical  models  agree  more  closely  with  the  analytical  solution  as  the  comer  radius 
decreases,  as  is  to  be  expected.  The  budding  loads  estimated  by  the  nonlinear  finite 
element  analyses  are  lower  than  those  from  the  linear  analyses  and  are  generally  in  better 
agreement  with  experimental  data.  Predictions  of  buckling  from  the  shadow  moire  can  be 
made  only  to  within  about  50  lbs,  but  within  these  Umitations,  reasonable  agreement  with 
observed  buckling  loads  is  apparent. 

The  analytical  approach  provided  a  normalizing  parameter  which  can  be  used  to 
present  all  the  buckling  data  on  a  single  curve.  Experimental  results  to  data  are  plotted  in 
Figure  [7],  which  can  then  be  used  to  predict  buckling  loads  for  the  other  section 
geometries  in  the  program.  The  experimental  data  on  both  radii  straddle  the  analytical  curve 
for  zero  comer  radius.  As  the  relative  flange  size  decreases,  the  effect  of  the  comer  radius 
becomes  more  pronounced.  Departure  from  a  single  curve  for  a  fixed  radius  suggests  the 
presence  of  scale  effects  and/or  inadequacies  in  the  modelling  of  the  mechanics. 

The  buckling  modes  observed  in  the  experiments  (as  defined  by  the  number  of  half¬ 
waves)  were  generally  the  same  as  in  the  numerical  models.  One  exception  was  observed, 
whereby  one  specimen  of  an  identical  pair  adopted  mode  2,  while  the  other  adopted  mode 
1.  In  general,  the  buckling  loads  for  modes  1  and  2  estimated  by  the  numerical  analyses 

were  very  close. 

5.2  Postbuckling 

The  load-end  shortening  curves  provide  a  convenient  means  for  comparing 
experimental  and  numerical  results.  Typical  comparisons  are  presented  in  Figures  [8a,b] 
for  the  smallest  and  largest  flange  sizes,  respectively.  Figure  [8a]  shows  that  the  large 
flange  causes  buckling  at  low  loads.  A  well  defined  buckling  load  is  followed  by 
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extensive,  highly  nonlinear  postbuckling  behavior.  The  finite  element  results  based  on  the 
assumed  material  property  data  show  a  higher  initial  (prebuckling)  stiffness  compared  to 
experiment  by  about  5  percent.  Departures  in  the  postbuckling  region  were  more 
significant  and  reached  about  15  percent  at  failure,  which  occurred  at  about  4  times  the 
buckling  load.  Figure  [8b]  shows  that  the  smallest  flange  produced  a  high  buckling  load 
(about  2.5  times  that  of  the  largest  flange),  but  has  a  relatively  short,  almost  linear 
postbuckling  region.  Again  the  initial  stiffness  of  the  finite  element  model  is  about  5 
percent  greater  than  the  experimentally  observed  values.  The  finite  element  model 
overestimates  the  load  at  crippling  by  about  10  percent,  compared  to  the  experimenL 
Rather  than  mesh  refinement,  it  is  thought  that  major  improvements  to  the  numerical  model 
(e.g.  shear  deformable  elements,  and/or  permitting  different  material  properties  in  tension 
versus  compression)  might  be  needed  to  obtain  better  agreement  in  the  postbuckling  region. 

The  finite  element  model  also  provides  strain  data  which  can  be  compared  to  those 
from  the  experiments.  These  strain  data  were  used  to  follow  the  load  redisttibution  during 
postbuckling.  A  typical  comparison  is  shown  in  Figures  [9a, b]  for  a  load  just  below 
failure.  The  figures,  which  show  distributions  of  membrane  and  bending  components  of 
strain  across  the  section,  indicate  good  agreement  between  the  experiment  and  the 
numerical  model  even  for  loads  within  2  percent  of  failure. 

Figures  [5a,b]  illustrate  the  role  of  flange  size  in  the  severity  and  rate  of  load 
redistribution  during  postbuckling.  At  a  load  20  percent  above  buckling.  Figure  [5a] 
shows  that  concentration  of  strain  into  the  comer  regions  occurs  much  more  rapidly  as  the 
flange  size  is  decreased.  The  load-end  shortening  data.  Figure  [4],  show  that  the 
postbuckled  stiffness  is  decreased  as  the  flange  size  is  reduced.  This  results  from  the 
higher  load  at  buckling  for  the  case  of  smaller  flanges  producing  a  greater  bending  moment 
after  buckling.  The  result  of  this  decreased  stiffness  is  a  more  rapid  concentration  of  strain 
into  the  comer  regions.  Note  from  Figure  [5b]  that  the  section  having  the  larger  flange 
ultimately  reaches  higher  strain  levels  in  the  comer,  although  this  concentration  occurs 
more  slowly.  Figure  [6]  presents  limited  data  concerning  the  effect  of  comer  radius  on 
this  load  redistribution.  The  data  suggest  more  strain  is  concentrated  into  the  comer  region 
in  the  case  of  the  smaller  radius.  As  the  loads  are  not  significantly  different  between  the 
two  cases,  the  dominating  effect  may  be  the  lesser  area  in  the  smaller  radius  comer  which 
must  support  the  load  being  shed  by  the  flanges  and  web. 

5.3  Crippling 

It  has  been  observed  that  after  buckling,  load  is  redistributed  between  the  flanges, 
web  and  comers.  Strains  have  been  determined  at  several  locations  throughout  loading 


until  failure.  In  considering  crippling  it  is  interesting  to  determine  the  locations  of  damage 
and  driving  mechanisms  responsible.  The  strain  distributions  across  the  sections  suggest 
that  the  comers  themselves  or  the  free  ends  of  the  flanges  may  be  the  sites  of  initial  failure. 
The  maYimiim  measured  local  strain  values  range  from  0.7  to  1.3  percent,  with  typical 
values  being  nominally  1  percent.  At  this  stage  it  is  not  possible  to  identify  clearly  the 
failure  locations  or  modes.  However,  the  promising  agreement  between  the  finite  element 
and  experimental  strain  distributions  suggests  that  some  rational  failure  criteria  might  be 
developed  to  predict  failure  loads  for  the  range  of  parameters  included  in  this  study. 

5.4  Scaling  Parameters 

A  prime  aim  of  this  work  is  to  investigate  scaling  effects  in  buckling,  postbuckling 
and  crippling  of  composite  sections.  The  objective  is  to  isolate  scaling  effects  where  they 
exist  and  to  formulate  scaling  parameters.  The  application  of  mechanics  principles  leads 
directly  to  nondimensional  parameters;  for  example  the  buckling  analysis  for  an  ideal  Z- 
section  (zero  comer  radius)  has  produced  the  parameter 

Nx  Bl 
VDii  D22 

which  when  plotted  against  Bf  /  Bw  condenses  all  data  onto  a  single  curve.  Departures 
from  this  behavior  represent  deviation  from  the  mechanics  model  or  some  scaling  effect  In 
the  present  study  the  finite  comer  radius  presents  a  departure  from  the  ideal  ca:se,  and  of 
course,  a  new  nondimensional  parameter  is  needed  to  describe  the  model;  for  example  a 
parameter  such  as  r  /  Bw  If  this  were  introduced  into  Figure  [7],  a  family  of  curves  would 
result.  The  numerical  model  suggests  that  for  large  Bf  /  B■v^^  the  comer  radius  is  not 
significant  relative  to  determining  the  initial  buckling  load,  so  that  the  parameter  for  the 
ideal  model  would  be  sufficient. 

Postbuckling  involves  a  complex  redistribution  of  load  between  the  various 
elements  of  the  section  so  that  the  detailed  geometric  parameters  are  important.  A  simple 
means  of  presenting  data  in  a  nondimensional  form  is  shown  in  Figures  [10a,b]  in  which 
the  experimental  compressive  loads  are  normalized  with  respect  to  the  initial  buckling  load 
(determined  from  experimental  load-end  shortening  data).  Figures  are  presented  for  two 
values  of  comer  radii.  Note  that  the  scales  differ  between  the  figures  due  to  the  differences 
in  range  of  flange  sizes  considered,  and  that  Figure  [10b]  contains  a  duplicate  specimen. 
This  normalization  has  the  effect  of  producing  a  single  curve  for  prebuckling  behavior  with 
regular  departures  in  the  postbuckhng  regime  as  the  flange  size  increases.  The  various 
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postbuckling  curves  can  themselves  be  normalized  with  appropriate  stiffiiess  parameters 
and  an  origin  at  initial  buckling.  Calculations  using  the  Rayleigh-Ritz  technique  are  currendy 
underway  to  provide  these  stiffness  parameters. 

This  metiiod  of  presentation  clearly  shows  a  systematic  variation  in  the  crippling 
load  ratio  with  normalized  end  shortening.  Large  flange  sizes  produce  greater  normalized 
load  ratios  and  end  shortening  at  crippling.  A  failure  criterion  is  needed  to  investigate 
scaling  effects  in  the  crippling  loads. 

6.  CONCLUSIONS  AND  FURTHER  WORK 

Preliminary  results  show  that  initial  buckling  of  the  graphite/epoxy  Z-sections  can 
be  predicted  confidently  to  within  about  10  percent.  Experimental  initial  buckling  loads 
could  be  determined  equally  by  shadow  moire  or  from  load-end  shortening  data. 

Generally,  the  nonlinear  finite  element  analyses  gave  the  best  prediction.  The  analytical 
model,  which  did  not  account  for  the  finite  comer  radius,  gave  satisfactory  results, 
particularly  for  the  cases  of  larger  flange  sizes. 

Postbuckling  behavior  was  predicted  less  well  by  the  numerical  model.  However, 
generally  good  agreement  between  strain  gage  results  and  numerical  analyses  was  obtained 
for  the  load  redistribution  in  the  postbuckling  regime,  even  to  within  2  percent  of  the 
crippling  load. 

Preliminary  presentation  of  the  experimental  results  in  nondimensional  form 
confirms  the  usefulness  of  the  parameter  developed  for  initial  buckling.  Further  work  is 
underway  to  identify  postbuckling  and  crippling  parameters. 

The  experimental  program  also  contains  a  planned  investigation  of  smaller  and 
larger  web  sizes  in  order  to  examine  the  generality  of  the  scaling  parameters  developed. 
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Table  1.  Z- section  geometries  included  in  program 


flange 
width  (in.) 

web 

width  (in.) 

length 

(in.) 

1.25 

1.75*  1.25**  — 

10.0 

1.00 

1.75*  1.25**  — 

10.0 

0.75 

1.75*  1.25**  0.75* 

6.0 

0.50 

1.75*  1.25**  0.75* 

6.0 

*  comer  radius  =  0. 125  in. 

**  comer  radii  =  0.125  and  0.25  in. 
laminate  is  [+45/-45/0/90]s 
nominal  thickness  is  0.04  in. 


Table  2.  Observed  and  predicted  buckling  loads 


flange 

width 

(in.) 

comer 

radius 

(in.) 

Experimental 

(lb) 

Analytical  /  Numerical 
(lb) 

load  - 
disp. 

Moire 

Analytical 

FEM 

r=0 

FEM 

linear 

FEM 

nonlinear 

1.25 

0.125 

958 

1050 

1056 

1056 

1064 

1000 

1.00 

0.125 

1349 

1200 

1377 

1364 

1378 

1264 

0.75 

0.125 

1771 

2000 

1950 

1947 

1976 

1782 

0.50 

0.125 

2462 

2450 

2744 

2646 

2692 

2350 

1.00 

0.250 

1434 

1500 

1377 

1364 

1511 

1434 

0.75 

0.250 

2173 

2100 

1950 

1947 

2262 

1968 

0.75 

0.250 

2077 

2100 

1950 

1947 

2262 

1968 

0.50 

0.250 

2951 

2900 

2744 

2646 

3171 

2759 
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Figure  2.  Convention  for  Z-section  geometrical  variables  in  this  program 
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Figure  5a.  Postbuckling  membrane  and  bending  strain  distributions  across  developed 
cross-section  as  a  function  of  the  flange  width.  Load  is  1.2  times  the 
buckling  load. 
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Figure  5b.  Postbuckling  membrane  and  bending  strain  distributions  across  developed 
cross-section  as  a  function  of  the  flange  width.  Load  is  0.98  times  the  final 
failure  load. 
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Strain  Strain 


Figure  9a.  Comparison  of  membrane  strain  distributions  across  a  developed  cross-section 
from  strain  gage  measurements  and  finite  element  predictions.  Web,  flange 
and  comer  radii  dimensions  are  1.25,  1.00  and  0.25  in.,  respectively. 


Hgure  9b.  Comparison  of  bending  strain  distributions  across  a  developed  cross-secuon 
from  strain  gage  measurements  and  finite  element  pr^ictions.  Web,  flange 
and  comer  radii  dimensions  are  1.25, 1.00  and  0.25  in.,  respectively. 
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Figure  10a.  Normalized  axial  load-end  shortening  res{»nse  for  available  experimental  data. 
Lx>ad  is  normalized  with  respect  to  the  initial  buckling  load.  End  shortening 
is  normalized  with  respea  to  the  value  at  buckling.  Corner  radius  is  0. 125  in. 
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Figure  10b.  Normalized  axial  load-end  shortening  re^nse  for  available  experiment^  data. 
Load  is  normalized  with  respect  to  the  initial  buckling  load.  End  shortening 
is  normalized  with  respect  to  the  value  at  buckling.  Comer  radius  is  0.25  in. 
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